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Aerothermodynamics and Propulsion Integration
for Hypersonic Vehicles

(AGARD R-813)

Executive Summary

This report is a compilation of the edited proceedings of the "Aerothermodynamics and Propulsion
Integration for Hypersonic Vehicles" course held at the von Kdrmdn Institute for Fluid Dynamics (VKI)
in Rhode-Saint-Genbse, Belgium 15-19 April 1996.

The integration of the airframe, fuselage, and propulsion system is a formidable problem and this is
particularly the case for Hypersonic Vehicles. Therefore, it is important to keep the
Aerothermodynamics and Propulsion Integration Technology associated with the design of these
vehicles up to date.

This series of lectures, supported by the AGARD Fluid Dynamics Panel and the von Kdrmdn Institute
for Fluid Dynamics, covered the following topics: Aerothermodynamics of radiation-cooled surfaces,
Real-gas and strong interaction phenomena, Hypersonic laminar turbulent transition and turbulence
modeling, Configurational aerothermodynamics of reentry vehicles (winged and capsule) as well as
RAM and SCRAM propelled vehicles, RAM and SCRAM inlet and propulsion integration, and the
subjects of hypersonic missile aerothermodynamics, and stage separation for two-stage launch
configurations. In addition, the Hypersonic Experimental and Computational Research program at VKI
was presented.
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L'inte-gration de la propulsion et de Ilae~rodynamique
pour les ve~hicules hypersoniques

(AGARD R-813)

Synthe'se

Ce rapport est une compilation des documents 6ditds pendant le cours sur "l'Int~gration de la
Propulsion et de l'A6rodynamique pour les VWhicules Hypersoniques" qui s'est tenu ý l'Institut von
Kdirmdn pour la Dynamique des fluides (VKI) de Rhode-Saint-Gen~se, en Belgique, du 15 au 19 avril
1996.

L'int6gration de la cellule, du fuselage et du syst~me de propulsion est un 6norme probl~me et tout
particuli~rement pour les Whicules Hypersoniques. Cependant, ii est primordial de conserver au gout
du jour la technologie de l'Int6gration de la Propulsion et de l'A6rodynamique en liaison avec
l'6volution du concept de ces v6hicules.

Ces series de conf6rences, supportdes par la Commission de la Dynamique des Fluides Dynamiques
d'AGARD et l'Jnstitut von Kdrmdn pour la Dynamique des Fluides, couvrent les domaines suivants:
1'A6rodynamique des surfaces refroidies par radiation, le Gaz r6el et le ph~nom~ne d'interaction
puissant, la Transition laminaire turbulente en mode hypersonique et le gabarit de la turbulence, la
Configuration a~rodynamique de la rentrde dans 1' atmosph~re des v6hicules (capsules et ail6s) A
propulsion type RAMJET ou RAMJET A combustion supersonique (SCRAMIET), l'Jntdgration de la
propulsion et de l'admission de type RAMJET et SCRAMJET, les sujets de l'a~rodynamique des
missiles hypersoniques, et la separation des 6tages pour des configurations d' engins ý deux 6tages. De
plus, le Programme de Recherche Exp6rimental de Calcul dans le Domaine Hypersonique ~iVKI a 6t6
pr6sent6.
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Introduction
to the

AGARD-FDP-VKI Special Course
Aerothermodynamics and Propulsion Integration

for Hypersonic Vehicles

E.H. Hirschel
Daimler-Benz Aerospace AG

Militarflugzeuge
Postfach 80 11 60

81663 Mtinchen
Germany

SUMMARY Consolidation and dissemination of newly gained
After a short general introduction to the topic the objectives of knowledge, experience and techniques.
the course are presented. The background in form of technolo-
gy programmes, development projects and operational vehicles Identification of new development and evolution needs in
is sketched, distinguishing four classes of hypersonic vehicles the field.
ranging from aeroassisted(winged)reentry vehicles over air-
breathing and rocket-propelled space transportation systems to 2. THE BACKGROUND: TECHNOLOGY PRO-
missiles. The different roles of aerothermodynamics and pro- GRAMMES, DEVELOPMENT PROJECTS,
pulsion integration in vehicle definition and development work OPERATIONAL VEHICLES
are identified as well as the evolution needs of these key tech- In the following a short general overview is given over the
nologies. A short discussion of the structure of the course and background of the course. No in-depth review is intended of
the background of the lecturers closes this introduction to the the many programmes, projects and (the few) operational sy-
course, stems, where aerothermodynamics and propulsion integration

are involved. For this overview four major classes of hyperso-
1. OBJECTIVES OF THE COURSE nic vehicles are distinguished, not with the design problems in
Hypersonic flight with manned, aeroassisted, rocket-propelled mind, rather with regard to their operation modes.
and/or airbreathing vehicles is since several decades the topic
of technology work all over the world. Sofar it has led to only 1. Aeroassisted (winged) rentry vehicles
one truly operational vehicle, the US Space Shuttle as a space
transportation system. Unmanned aeroassisted hypersonic vehi- These vehicles are typically launched with rockets
cles are in operation in the military missile realm, they begin and rocket boosters, and make a controlled, non-
also to enter the space-transportation scene. propelled aerodynamic reentry flight and land hori-

zontally. The only truly operational vehicle in this
Aerothermodynamics and propulsion integration are key tech- class is the US Space Shuttle. The Russian BURAN
nologies needed for the definition and development of hyperso- has flown only once. The European HERMES deve-
nic vehicles. The term "hypersonic vehicle" is used here in the lopment was terminated early. The Japanese HOPE
widest sense. The major characteristic of these vehicles is that plans are further pursued. Much experience was
they are aeroassisted, i.e. winged vehicles, although modem gained in the development projects and related tech-
reentry capsule designs also exhibit elements of aeroassistance. nology programmes. Flight experience with regard to

aerothermodynamics was gained with several Ameri-
Hypersonic vehicles, as elements of space transportation sy- can and Russian experimental vehicles and with the
stems, as high-speed earth transportation means and as military Space Shuttle, especially during its first four flights.
defense, reconnaissance or weapon delivery systems are, with
few exceptions, more or less at the begin of their careers. 2. Airbreathing aeroassisted space transportation sy-
Because recently all over the world several large technology stems
programmes and development projects were performed and
finished (only a few of them are still continuing), and on the This class encompasses two-stage-to-orbit (TSTO)
other hand new efforts are only slowly taking off, it was and single-stage-to-orbit (SSTO) airbreathing, fully
thought to be timely to organize this special course. reusable systems. RAM and/or SCRAM propulsion,

augmented by rocket propulsion - the upper stages of
The objectives of this special course are TSTO systems only with rocket propulsion - are the

typical propulsion modes in this class. Consequently,
Review of recent research and industrial work in aero- the vehicles, which are true space planes, start and
thermodynamics and propulsion integration, land horizontally. American, European, Japanese and

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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Russian technology programmes, partly with very non-linear and highly dynamical phenomena, which aerother-
large funding, brought a large amount of results in modynamics as a discipline together with the other involved
propulsion technology, aerothermodynamics, materi- disciplines must form and prescribe.
als and structures, and guidance, control and sub-
systems. Although several experimental vehicles were The determination of the aerothermodynamic loads on the
envisaged at times, no hardware was build and vehicle is of utmost importance, too. The mechanical loads-
flown, surface pressure and skin friction - and the thermal loads -

temperature level and heat flux into the structure - determine
3. Rocket-propelled aeroassisted space transportation the structural concept. Cold primary (load bearing) structures,

systems sofar typical for aeroassisted rentry vehicles, must be protected
by a thermal protection system. Hot primary structures, studied

To this class, which came into being after a certain especially for airbreathing vehicles, face special problems with
disillusionment happened with airbreathing technolo- aerothermoelasticity, temperature gradients and internal heat

gies, belong fully resuable SSTO and TSTO sytems, protection. The demand of extreme light-weight structures for
which may take off horizontally or vertically, but single-stage-to-orbit systems with either rocket or airbreathing
land horizontally in any case. Efforts are underway propulsion puts heavy burdens on exact and reliable predictions
especially in the USA and in Europe (FESTIP) to of aerothermodynamic loads.
establish the enabling technologies for this vehicle
class. Finally the surface properties of hypersonic vehicles are consi-

dered. Surface radiation cooling is the primary cooling means
4. Missiles for such vehicles. The surface coating must combine large

radiation emissivity, low catalycity (if thermochemical effects
This class of hypersonic vehicles, which is also in are present in the surface-near flow) and, if necessary, anti-
the background of this course, encompasses military oxydation properties in an flow environment with high mecha-
systems,which are aeroassisted systems with rocket nical and heat loads. If the vehicle is drag sensitive, which is
or airbreathing propulsion. Here operational and near- typical for airbreathing systems, surface roughness, waviness,
operational systems exist, at the same time extended etc. are of large importance. At flight at altitudes, where the
technology development is underway. flow is turbulent on large parts of the vehicle surface, large

drag increments, and heat loads increments, would result, if the
3. AEROTHERMODYNAMICS AND PROPUL- surface quality is not sufficiently good. On the other hand, very

SION INTEGRATION AS KEY TECHNOLO- small structural tolerances of the vehicle surface would drive
GIES up manufacturing costs very strongly. Aerothermodynamics

Aerothermodynamics and propulsion integration have several therefore increasingly becomes instrumental in the determina-
roles in the design of hypersonic vehicles. The primary role of tion of the surface properties, either necessary ones, like radia-
aerothermodynamics is - like that of aerodynamics in aircraft tion emissivity, or permisible ones, like catalycity, roughness,
design - the definition of the outer shape of the flight vehicle, waviness, gaps etc..
which holds for every vehicle class, even for advanced capsu- In view of the performance demands especially of novel space
les, which are not in the center of attention of this course. This transportation systems (reduction of specific transportation
definition work, which is made in concert with the work of the costs by up to one order of magnitude) aerothermo-dynamics
other involved disciplines, has the objective to form the shape and propulsion integration are by no means technologies with-
of the vehicle in such a way, that the necessary aerodynamic out evolution needs. The further evolution of these technologies
performance is ensured, and that the vehicle is flyable and is of deciding importance, if hypersonic flight is to become a
controllable on all trajectory elements, with the associated routine business. The most important of the evolution needs are
(very large) Mach number span. listed in the following:

Aerothermodynamic propulsion integration shapes part of the o Understanding of flow and thermochemical phenomena
outer flow path of the airbreathing vehicle(forebody), and the and their implications for vehicle design.
inner flow path through the inlet and through the external
nozzle/afterbody. The engine and its nozzle are usually consi- o Experimental techniques for ground-facility simulation
dered as extra items. However the larger the flight speed is, and flight testing.
the more integrated are the lift system(outer flow path) and the
propulsion system(inner flow path) of the vehicle, so that the o Tools of computational simulation and optimization, and
paradigms of classical aircraft design must give way to new the exploitation of the challenges and potentials of high-
ones. Aerothermodynamic integration of the airframe and the performance computing.
propulsion system poses the largest challenge in the design of
hypersonic airbreathing vehicles. o Flow-physics (laminar-turbulent transition and turbulen-

ce), and thermo-chemical modelling for computational
Aeroassisted two-stage-to-orbit space transportation systems simulation and optimization.

face the problem of aerothermodynamic upper stage integration
and separation. The latter usually is to happen at hypersonic o Multidisciplinary computational simulation and optimiza-

Mach numbers at altitudes, where aerodynamic forces still are tion (flow-structure couplings, TPS design, etc.).
of large magnitude and the system flight still is aeroassisted.

The separation process is a complicated process with strongly o Integration of computational simulation, ground-facility
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simulation and in-flight simulation into Transfer Models. The lecturers of the course are senior engineers and researchers
from industry, research establishments and universities with a

o Embedding of aerothermodynamics and propulsion inte- wide background in technology and project work. All major
gration into formalized and computerized vehicle defini- topics of aerothermodynamics and propulsion integration are
tion and development processes, which will become, due covered and treated in depth.
to the recent advances ot the information technologies,
the - since a long time urgently needed - tools of con- 5. CLOSING REMARKS
current engineering. Aerothermodynamics and propulsion integration are key tech-

nologies, which enable the design and development of reusable
4. THE STRUCTURE OF THE COURSE aeroassisted space transportation systems, hypersonic vehicles
The structure of the course is shown in Fig. 1. After the in- and missiles. Performance demands on future systems are
troduction to the course the activities of the hosting VKI in large, hence a further evolution of these technologies is neces-
aerothermodynamics are presented. It follows an introduction sary. Developments in information technologies give new
to the aerothermodynamics of radiation-cooled surfaces, which impetus to the field, and pose in turn new and large challenges
is a rather novel subject. Basics of aerothermodynamics are in understanding and modelling of physics. The course will
addressed in the two lectures on real-gas and strong interaction review, consolidate and disseminate knowledge, experience and
phenomena, and on hypersonic laminar-turbulent transition and techniques, which have been gathered in the past decades in
turbulence modelling. Following are two lectures on configura- the field.
tional aerothermodynamics of reentry vehicles, and of RAM
and SCRAM propelled vehicles. Inlet and propulsion integra- The sponsoring of the course by the Fluid Dynamics Panel of
tion are treated then, first of RAM propelled vehicles, and AGARD through the AGARD Consultant and Exchange Pro-
after that of SCRAM propelled vehicles. One lecture each is gramme and by the von Karman Institute for Fluid Dynamics
devoted to missile aerothermodynamics and to stage separation is gratefully acknowledged. The same holds for the large ef-
aerothermodynamics. Finally some results from the technology forts by Prof. Carbonaro and the VKI staff, who organized the
development and verification concept study of the German course locally. Last not least, thanks are due to the lecturers,
Hypersonics Technology Programme are presented. who spent much time and effort in order to prepare the materi-

al for this course.

Day I Day 2 Day 3 Day 4 Day 5

Introduction Hypersonic Configurational Inlet and Stage Integration
E.H. Hirschel, Daimler-Benz laminar-turbulent aerothermodyna- propulsion and separation
Aerospace, Germany transition and mics of RAM and Integration of aerothermo-

turbulence SCRAM propelled SCRAM propelled dynamics
Hypersonic aerothermo- modelling vehicles vehicles C. Weiland,
dynamics at VKI D.I.A. Poll, P. Perrier, L.A. Povinelli, Daimler-Benz
M. Carbonaro, J.-M. Charbonnier, University of J.C. Courty, NASA Lewis Aerospace,
H. Deconinck, VKI, Belgium Manchester, United Dassault Research Center, Germany

Kingdom DGT/DEA, France U.S.A.
Aerothermodynamics of Technology
radiation-cooled surfaces development and
E.H. Hirschel verification

E.H. Hirschel

Real-gas and strong Interaction Configurational Inlet and Missile aero-
phenomena aerothermo- propulsion thermodynamics
M.S. Holden, Calspan Advanced dynamics of integration of D. Pagan,
Technology Center, U.S.A. reentry vehicles RAM propelled R.-G. Lacau,

D.A. Throckmorton, vehicles Aerospatiale,
NASA, Langley, N.C. Bissinger, France
U.S.A. Daimler-Benz

Aerospace,
Germany

Fig. I The structure of the course

AGARD-R-813, 1996
(AGARD-FDP-VKI Special Course on Aerothermodynamics
and Propulsion Integration, Rhode-Saint-Gen~se, April 15-19,
1996)
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Hypersonic Aerothermodynamics at VKI

M. Carbonaro, J.-M. Charbonnier, H. Deconinck
von Karman Institute for Fluid Dynamics

Aeronautics / Aerospace Department
Chauss~e de Waterloo, 72

B-1640 Rhode-Saint-Gen~se
Belgium

1. Introduction 2.1 Boundary layer transition

The Aeronautics / Aerospace Department of the von In hypersonic, boundary layer transition is of major

Karman Institute has been involved in research importance because of the impact it has on the heat

activities in the hypersonic regime since the 1960's load imposed to the vehicle. In the next section,
with the installation of the hypersonic free piston investigations carried out at Mach 6 on smooth and

tunnel Longshot which allows to simulate high roughened surfaces are presented.
Reynolds number hypersonic flows. Since then, a Mach
6 blow down facility H3 is also operational and at 2.1.1 Boundary layer transition on smooth surfaces
present time an induction heating facility called (H.L. Boerrigter, J.-M. Charbonnier)
Plasmatron is being developed under supervision of the
European Space Agency. Simultaneously to the 2.1.1.1 Introduction
development of experimental techniques,
Computational Fluid Dynamics was initiated and in- The H-3 blowdown wind tunnel has a contoured
house made codes are operational to simulate axisymmetric nozzle, providing a Mach 6 free jet with
hypersonic flows without chemistry and in thermal 0.12 m diameter (Fig. 2.1.1.1) [1, 2]. Typical unit
equilibrium. Reynolds numbers vary from 8 to 25 million per meter,
The objective of the present paper is to briefly describe using stagnation pressures ranging from 7 to 35 bar

the research topics which have been addressed the past and stagnation temperatures up to 580 Kelvin. The
years and the current activities at the VKI in the tunnel is equipped with a three degrees of freedom
hypersonic aerothermodynamics area. Basic research traversing mechanism for model support, including a

topics will be first presented and then applications to variable incidence mechanism. A mechanism for rapid

hypersonic vehicles and development of facilities will model injection is used. Instrumentation includes

be discussed. shadowgraph and schlieren systems, a three-component
strain gauge balance, fast pressure response

2. Basic Research transducers, scanivalves and an electronic pressure
measurement system, and equipment for heat transfer
measurements including an infrared camera. Currently

The von Karman Institute is involved in basic research a microphone measurement system is being
areas in the field of hypersonic and implemented.
aerothermodynamics almost since its creation. Research One of the main topics of research in this tunnel is
is carried out by Faculty members, PhD candidates, concerned with the heating of reentry vehicles during
members of the Advanced Program in Basic Research their return into the atmosphere. Typical points of
and members of the Diploma Course Program. interest are the nose region, wing and fin leading edges
Two main areas have been investigated during the past where high total temperatures are reached, but also the
years: boundary layer transition and shock wave - windward side where the aerodynamic heating is
boundary layer interactions. In the next sections, some caused by friction and depends on the laminar or
of the major findings and the current state of the turbulent state of the boundary layer. Research has been
research are presented. focused on this particular case, and in particular on the

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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effects of a local surface roughness on transition [3]. provided by McLaughlin fit best to the measurements
During this research it was found that not only the as observed in figure 2.1.1.2 [5].
model roughness has a large influence on transition, If the values of the momentum thickness deduced from
but also the flowfield non- uniformity. the measurements are compared to those predicted by

the Blasius solution, it can easily be calculated where
2.1.1.2 Determination of the boundary layer transition the predicted laminar momentum thickness reaches
location on standard models below 99% of the measured value, defining this point

as the beginning of transition. This process can be
One of the problems of boundary layer research in this automated and is repeatable, contrary to the
hypersonic wind tunnel are the typical dimensions. The extrapolation procedure by fairing a straight line
uniform part of the free jet has a maximum diameter of through the transition region. Following the same
about 12 cm, and a length of about 25 cm. This means reasoning, the end of transition can be defined to be at
that models have to be rather small. As a result, a the point where the predicted turbulent momentum
typical boundary layer thickness is of the order of 1 thickness reaches 99% of the measured value.
mm. To study transition without having to make
intrusive measurements in this thin boundary layer, it 2.1.1.3 Effect of the model leading edge
was decided to look at the influence which transition
has on the heat transfer coefficient which can then be Analyzing the heat transfer results it appeared that the
related to the skin friction coefficient. heat transfer distribution and thus the transition
The models tested are basically flat plates and cones. position on the plate was not uniform in spanwise
The heat transfer is determined using the so-called direction, even though a seemingly uniform flat plate
semi infinite slab method where the surface was used. Figure 2.1.1.3 shows the heat transfer
temperature is measured during the test by an infrared coefficient or the Stanton number distribution on two
scanner [2]. The experimental results are compared to lines, on coordinates y = 35 mm and y = 65 mm.
theoretical predictions based on the fact that the heat It is clear that on both lines the measurement follows
transfer distribution along a flat plate in incompressible the laminar curve at first, but then transition occurs on
flow can be applied to the case of compressible flow, if one, while the other remains laminar for some 20-30
the flow properties are evaluated at a reference mm more. This results in local differences in heat
temperature [2,4]. In both the laminar and the turbulent transfer coefficient of a factor of two on lines only 30
case, the so-called Reynolds analogy is used to calculate mm apart, and also in the momentum thickness (fig.
the heat transfer coefficient from the skin friction 2.1.1.4).
coefficient. Figure 2.1.1.5 shows the heat transfer coefficient on a
When the skin friction distribution over the surface is vertical line parallel to the leading edge, at a distance
known, the momentum integral relation can be used to of about 130 mm from the leading edge, where one
derive the momentum thickness distribution over the curve has just reached the end of transition. In the same
surface. Assuming that there is no pressure gradient graph is shown the thickness distribution of the leading
over the flat plate, the momentum integral relation can edge as measured using a microscope.
be written as: The correlation between the two curves is obvious.

Where the leading edge is locally thin the heat transfer
0(x)= 1/2 f Cf(x) dx coefficient is high and vice verse. The variation in

0 Stanton number is a factor 2 over a spanwise distance
The laminar and turbulent theories provide a direct of about 30 mm. So it seems that where the leading
relationship between x and Cf so that the value of 0 edge is locally thin, transition downstream occurs

can be calculated directly. In order to determine the closer to that leading edge.

virtual origin of the turbulent boundary layer, the To see whether the correlation between leading edge

curves for the turbulent momentum thickness can be thickness and transition position also applies to

shifted until they fit the measurement. Due to the uniform leading edges, it was decided to manually

integration process the measured momentum thickness improve an existing, fairly blunt leading edge. Using a

has a low noise level, so this fitting can be done with grinding stone the thickness was first made uniform at
more accuracy than for the skin friction curve. This b=154 pum and then gradually reduced until at b=14 ptm

means that not only the absolute value of 0 can be it was impossible to reduce the thickness any more

matched, but also the slope of the curve. Doing this, it while keeping it uniform. It is found that for leading

was found that the theory for turbulent boundary layer edges with average thickness b=154 plm and b=96 plm
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the boundary layer remains laminar over the full length pressure measurements [6]. Simultaneously,
of the plate. For the high unit Reynolds number tests computations of the nozzle flow are performed with the
this implies a Reynolds number at the beginning of VKI-MB Navier Stokes code [7,8] for both laminar and
transition which is larger than 4 million. When the turbulent nozzle wall boundary layers.
leading edge thickness was reduced to b=54 pin, for the As expected, the nozzle wall boundary layers are
three standard unit Reynolds numbers transition occurs turbulent and the best fit with the experiments is
on the plate, albeit close to the trailing edge. For the obtained when the transition is placed immediately
two smaller thicknesses tested, b=34 pm and b=14 lptm, after the nozzle throat. In these computations, not only
transition shifts upstream. The smallest Reynolds the nozzle flow is calculated but also the free jet flow in
number at the beginning of transition is 1.3 million for the test chamber as indicated by the grid displayed in
thickness b=14 tm, more than three times smaller than figure 2.1.1.8.
for the thicker leading edge. As most of the contoured nozzle of hypersonic
When the obtained transition Reynolds numbers are facilities, it can be seen in figure 2.1.1.9 that the Mach
depicted vs the unit Reynolds number with the number at the nozzle exit is not uniform because of
thickness as an extra parameter, a trend shows in figure weak compression waves originating from the incorrect
2.1.1.6. modeling of the boundary layer thickness during the
The transition Reynolds number increases linearly with design phase of the nozzle. Moreover, the free jet itself
the unit Reynolds number, and it also increases with is affected by the pressure level in the test chamber
the thickness. Extrapolating the unit Reynolds number (taken equal to the measured one) which is likely to
to zero, the transition Reynolds number for all produce a slightly under or over expanded jet.
thicknesses seems to go to 0.2 million, this is called the A typical example of the Mach number on the
apparent origin of transition. centerline of the tunnel measured at three stagnation
The triangular marks with an arrow indicate that in pressure levels is given in figure 2.1.1.10 and compared
this particular case transition does not occur on the flat to computational results for the lowest stagnation
plate and that the transition Reynolds number should be pressure. The computation reproduces rather well the
higher than the value indicated by the triangle. A so- Mach number measured even at 200 mm from the
called distance parameter can be found. It has been nozzle exit which would indicate that the computation
mentioned before that there is a limit equal to 0.2 of the free jet is relevant. These computations are still
million. When this so-called distance parameter in progress for the other standard flow conditions and

(Re. -0.2 106) / Re. is displayed vs the average will be used as input conditions to the computations of
R Rthe flow field over the flat plate tested in the wind

thickness, all data points fall on one curve (fig. tunnel.
2.1.1.7). The other well known effect of the wind tunnel on
The value of the Reynolds number at the beginning of transition is associated to the so-called wind tunnel
transition on a flat plate at Mach 6 in the VKI-H3 noise. In hypersonic wind tunnels, noise radiated from
tunnel is thus given by: the nozzle wall boundary layers is believed to be a

major cause of early transition. With a typical nozzle
Re. = 2.10' + 0.124. Re.+ 105.10 5 • b 2 • Re. wall boundary layer thickness of about 10 mm and a

(b in meters an Re. in 1/m) typical speed of 1000 m/s, this gives frequencies up to
100 kHz. However, the pressure transducers used in the
Pitot tubes have a resonance frequency of about 140

2.1.1.4 Effect of the wind tunnelflow field kHz and a flat response up to about 30 kHz. In order to
push further the limits of use of the transducers, special

Even using a uniform leading edge there still remains a calibrations with respect to a reference microphone (fig.
non-uniformity of the heat transfer distribution. These 2.1.1.11) are performed which allow to extend the
heat transfer variations are smaller than those in figure usable frequency domain up to about 100 kHz.
2.1.1.5, and they also seem to be more or less Moreover, these transducers will experience very high
symmetric on the plate. Moreover, when moving the temperatures (up to 550 K) and therefore the
model sideways in the tunnel, the shape of the heat measurements have to be made in very short time to
transfer distribution remains fixed in the tunnel and avoid burning the transducers. Even though they are
moves over the model. This indicates that the observed compensated for temperature effects, the transducers
variations are not caused by the plate but by the experience transients in temperature which are not
flowfield. To possibly explain these remaining non- correctly compensated and which require a special
uniformities, a detailed calibration of the wind tunnel correction. These unsteady total pressure and static
flow field is carried out using Pitot pressure and static pressure measurements are presently in progress.
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1: Scan at y= 65 mm

2: Scan at y = 35 mm

Fig. 2.1.1.3: Stanton number distribution on two horizontal lines
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1: Scan at y = 65 mm

2: Scan at y = 35 mm

(Momentum thickness not to scale)

Fig. 2.1.1.4: Momentumn thickness development on two horizontal lines
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Fig. 2.1.1.8: Computational grids for the H3 wind tunnel
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Fig. 2. 1. 1.10: Measured and computed Mach number in the H3 wind tunnel
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2.1.2 Roughness induced transition order of magnitude difference between the Orbiter data
(H. L. Boerrigter, J.-M. Charbonnier) and VKI data. Therefore, it seems that the criteria

2.1.2.1 Introduction using h/8 * is a better candidate to predict the critical
roughness height (fig. 2.1.2.1). When coupled with a

As mentioned before, for reentry of hypersonic vehicle boundary layer calculation on the body it should

in general, boundary layer transition is a key issue. In provide the admissible roughness heights as function of

addition to the natural transition discussed previously, the flow conditions. For the extrapolation to flight of

it is important for a practical vehicle design to quantify this criteria, one has to consider the ratio of the wall

the admissible wall roughness with a good accuracy in temperature to the stagnation temperature. Since the

order to guarantee a safe operation of the vehicle while displacement thickness accounts for the effect of wall

keeping the fabrication constraints to the minimum temperature, the extrapolation to flight can be achieved

level, through these criteria as indicated by Bertin et al in
In this section, the research carried out at the VKI [13] who found for the Orbiter windward tiles
during this pasetion, adein the rerield ofoutthness reasonable admissible roughness heights up to 2 mm
during this past decade in the field of roughness

induced transition is briefly exposed and some of the for different trajectory points.
current activities are mentioned. However in some cases like for instance for strongly

accelerated flow over cooled surfaces, the boundary

2.1.2.2 Roughness induced transition for attached layer displacement thickness may become negative and

flows the criteria based on the relative height of the
roughness to the boundary layer displacement thickness

The VKI has been involved in the study of roughness fail. For such a reason, Bertin et al [11] proposed to use

induced transition since 1988 in the framework of the a Reynolds number based on the roughness height

Hermes program [3,9,10]. This work has led to the instead of the ratio h188*. However as indicated by the
establishment of criteria which predict the change in comparison of figures 2.1.2.2 and 2.1.2.3, these criteria
the transition position when the roughness height is are geometry dependent which is not the case of the
increased. A large number of roughness geometries h18* criteria. Moreover, as noticed by Boudreau in
were tested (2D gap/step, 3D perturbation, spheres, ...)
on flat plates and cones with sharp leading edges in the [14], it is unlikely that such a simple h18 * criteria be
H3 Mach 6 facility of the VKI. Recently, these data universal because it does not account for pressure
were compared with data published by Bertin [12], gradients whose effects are, when favorable, to
obtained on an Orbiter model at angle of attack placed "laminarize" the boundary layer. Actually two effects
in a Mach 8 wind tunnel [9]. may play a role on the transition when induced by
As seen in figure 2.1.2.1, the very good agreement roughness: the entropy layer and pressure gradients.
between the Orbiter data and the data obtained at VKI For the former, there are already some indications (as
shows that the transition criteria established on simple discussed above) that the effects of the entropy layer
geometries with rather sharp leading edges can be used can be accounted for by using the local edge condition
for a blunt body as the Orbiter. This is true provided the of the boundary layer to compute the flow parameters.
actual boundary layer properties (momentum thickness) For the latter, there is no evidence of their influence in
are used to evaluate the Reynolds numbers which are the experiments conducted so far at the VKI and also
entered in the transition criteria. However, it was found on the Orbiter where the roughness elements were
that the criteria presented by Bertin in [11,12], using placed in a region of weak gradients. However as noted
the Reynolds number based on the roughness height by Boudreau [14], when one wants to trigger the
and the boundary layer edge conditions do not agree boundary layer transition on a blunt cone without
with the measurements made at the VKI as can be seen creating large disturbances in the flowfield, the position
from the differences in figures 2.1.2.2 and 2.1.2.3. of the distributed roughness with respect to the sonic
It appears that the ratio Rthet/M which is already line and to the minimum pressure level is of major

used for transition on smooth bodies [5] is also a good importance. This particular situation was investigated

candidate when using the ratio of the values taken at on an axisymmetric model defined based on the wind

the transition location for the rough and for the smooth direction and on windward side of the ARD capsule at

cases as seen in fig. 2.1.2.1, 2.1.2.2 and 2.1.2.3. On the 23' incidence [15]. Figure 2.1.2.5 shows the model

contrary, the Reynolds number based on the roughness with spherical roughness glued on the conical

height does not allow to correlate the transition data afterbody.

obtained on different geometries as indicated by the It has been demonstrated that in the conditions of the
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H3 wind tunnel at Mach 6, transition can not be This aspect of roughness induced transition is coupled
triggered by roughness elements placed on the front with the amplification mechanisms which take place
part of the model. When placing roughness elements at over the separated region resulting from the shock wave
the beginning of the conical region, transition can be boundary layer interaction.
triggered with an arrangement of spheres of about 5
times the boundary layer displacement thickness which
can not be considered anymore as small roughness (Fig.
2.1.2.6). These investigations, which are still under
progress, confirm that the transposition of the
roughness induced transition criteria from simple
geometries to cases with strong entropy layers and
pressure gradients is not straightforward.
Surface waviness is also responsible for earlier
transition as demonstrated by the studies carried out at
Mach 3.5 in the NASA quiet tunnel [16] on sharp
cones with different wave lengths L and amplitudes H.
The conclusions of this study are that "no lower critical
wave size was reached" i.e. "no waves were found
which did not affect transition" and that waves have
"less effect than trip wire of same height". The ratio
H/L was found to correlate the data i.e. at same H/L,
the same change in transition is observed. Finally an
important remark, already reached by Goodrich et al in
[17], is made as far as the relevance of transition
studies in wind tunnels are concerned by comparing
results obtained in the quiet and noisy Mach 3.5 tunnel:
"a given wave caused the same percentage change in
transition Reynolds numbers in quiet and noisy flows".
These particular roughnesses are presently studied in
the VKI-H3 wind tunnel at Mach 6 on sharp cone
models.

2.1.2.3 Roughness induced transition in presence of
separated flow

Even though the roughness does not trigger transition,
it may have an influence on the re-attaching flow over a
deflected surface. This was for instance observed in
[18] when small roughness elements were deposited on
the blunt leading edge of a flat plate/compression ramp
model. The leading edge perturbations were creating
striations on the flat plate part but were not trigging the
boundary layer to transition. On the contrary, at re-
attachment on the ramp, the perturbations were
promoting transition of the boundary layer on the
whole ramp. The same observation was made on the
blunted cone/flare configuration tested also at Mach 6
[19]. With a 3.5 mm radius nose, the whole interaction
is laminar for a unit Reynolds number of 8 millions per
meter. When four 1 mm spheres (every 90 degrees
azimuth) are placed at 20 mm from the stagnation
point, it does not trigger transition of the cone but it is
sufficient to trigger transition at re-attachment on the
flare as shown by the sublimation test given in figure
2.1.2.7.
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Fig. 2.1.2.3 :Transition data from VKIfor the different perturbations studied.

Fig. 2.1.2.5: Modified ARD model with spherical roughness elements
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Fig. 2.1.2.6: Experimental and numerical Stanton number distributions on the modified
ARD model with spherical roughness elements in the VKI-H3 high Reynolds condition

Fig. 2.1.2.7: Sublimation test on a blunted cone/flare model at Mach 6
with 4 spheres placed at 20 mm from the stagnation point.
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2.2 Shock wave - boundary layer interaction flow conditions, respectively. Very good agreement
between measurements and predictions is noted in all

The phenomenon of shock wave - boundary layer cases over the attached flow regions both upstream and
interaction has been extensively studied at the VKI in downstream of the interaction, particularly when the
the supersonic and hypersonic regimes. In the actual pressure distribution is accounted for rather than
following sections, the experimental and numerical assuming the inviscid pressure field for the predictions.
investigations carried out on 2D and axisymmetric Moreover, a shift of the virtual origin of the reattaching
configurations are presented. boundary layer to the near vicinity of reattachment has

been found necessary, in order to account for the
2.2.1 Flat plate-ramp thinning of the boundary layer through the interaction1 .

(G.A. Simeonides, J.Ph. Vermeulen) It is noted that, in the cases of Figs. 2.2.1.1 and 2.2.1.2,
the measured data upstream of the interaction agree

22.1.1 Introduction with laminar reference enthalpy predictions, but
downstream of the interaction they agree with turbulent

Shock wave boundary layer interaction phenomena flow predictions. This is already an indication of
have been investigated at the VKI since the late 1960's, laminar-turbulent transition promotion by shock wave
starting with experimental studies involving two- boundary layer interactions and, noting, the decrease in
dimensional flat plate ramp configurations [20,21]. heat transfer over the separated flow region (which is
This simple configuration has been further investigated characteristic for laminar flow and not for turbulent
in recent years in the two hypersonic wind tunnels of flow), it is an indication of transition promotion in the
the Institute, namely the Mach 6 H-3 and the Mach 14 close vicinity of flow reattachment. Supporting
Longshot facilities, and has also served as an initiation macroscopic indications of transition promotion in the
test case for the computational (CFD) analysis of shock close vicinity of reattachment have been provided
wave boundary layer interaction phenomena [22,26]. through the examination of schlieren photographs and
The subsequent discussion on two-dimensional shock unfiltered high frequency response surface temperature
wave boundary layer interactions over flat plate ramp time traces obtained in Longshot short duration
configurations focuses on heat transfer distributions experiments [22,28].
and interaction-induced peak heating and, in particular, Lastly, it is noted that a fully laminar shock wave
on the following three major aspects of the work boundary layer interaction over a (nominally) sharp flat
performed at the VKI: plate ramp configuration has been achieved only at the
"* comparison of measured heat transfer distributions minimum Reynolds number attained in the Longshot

and reference enthalpy predictions facility at the time [22]. The result is shown in Fig.
"* Goertler instability in the flow reattachment 2.2.1.3 where it is seen that, although the flow

region, striation heating and promotion of laminar- reattaches as fully laminar, transition does eventually
turbulent transition occur in the attached flow region over the ramp only a

peak heating correlation and transition criterion for modest distance downstream of reattachment.
shock wave boundary layer interactions
Details of the associated computational work may be 2.2.1.3 Flow instability in reattachment regions,
found in [24,26]. striation heating and promotion of laminar-turbulent

transition
2.2.1.2 Comparison of measured heat transfer
distributions and reference enthalpy predictions A number of investigations, including the work of

Ginoux [20] at VKI, have revealed the formation of
Heat transfer distributions measured over flat plate short wavelength streaky structures in reattaching flows
ramp configurations in the H-3 and Longshot under supersonic and hypersonic flow conditions. This
hypersonic wind tunnels of the VKI have been so-called striation phenomenon is attributed to the
extensively compared to reference enthalpy predictions, formation of Goertler-type vortices supported by the
This prediction methodology is based on the extension concave flow curvature in the reattachment region; it is
of incompressible boundary layer results (i.e. Blasius a form of instability and is closely related to the
for laminar flow) to the compressible flow regime by
means of Eckert's reference enthalpy concept; it ismecalldns ofdkertais ref e e y More recently, this shift in the virtual origin of the
recalled in detail in [22].
Typical comparisons between measurements and reattaching boundary layer has been approximated in a moreTypinca capapretiss aformalistic manner by imposing a balance of the boundary
reference enthalpy predictions are shown, after [22,23], layer momentum deficit at conditions upstream and
in Figs. 2.2.1.1 and 2.2.1.2 for Mach 6 and Mach 14 downstream of the interaction [8].
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occurrence / promotion of laminar-turbulent transition transition, initial disturbances may be amplified
in the close vicinity of reattachmenL through the destabilizing mechanisms of adverse
Because of the significant spanwise (short wavelength) pressure gradient and flow concavity that characterize
heat transfer variations that may result from the reattaching flows. Initially, the instability takes the
formation of striations over, say, deflected control form of Goertler-type vortices and with increasing
surfaces, the phenomenon has received further attention disturbance environment and destabilizing factors
at the VKI under the framework of the Hermes eventually leads to a very efficient transition to
spaceplane program [22,23,25,26]. In particular, high turbulence restricted in the close vicinity of
resolution heat transfer measurements over flat plate reattachment.
ramp configurations in the Mach 6 H-3 wind tunnel by
means of infrared thermography have revealed some of 2.2.1.4 Peak heating correlation and transition
the characteristics of this instability, criterion for shock wave boundary layer interactions
At low Reynolds numbers and with low-strength
interactions (i.e. small ramp deflection angles), an Having noted the success of the reference enthalpy
irregular striation pattern is first observed over a method, discussed in section 2.2.1.1, in the prediction
significant distance downstream of reattachment on the of heat transfer distributions over attached flow regions,
deflected ramp. This irregular striation pattern and the the method has been employed at the VKI [22,23] to
resulting spanwise heat transfer distribution has been improve previous correlations for the peak heating
qualitatively correlated to the distribution of initial downstream of shock wave boundary layer interactions
disturbances (in this case, irregularities along the that were based solely on the pressure interaction
nominally sharp model leading edge), as illustrated in concept. Of particular importance was the
Fig. 2.2.1.4. With increasing Reynolds number and/or determination of the virtual origin and effective growth
interaction strength, the striation pattern becomes more length of the reattaching boundary layer: in the earlier
regular (i.e. the signature of the initial disturbances is versions of the peak heating correlation of [22,23], the
progressively overridden by the strength of virtual origin was taken in the close vicinity of
destabilizing factors), periodic striations appear with reattachment; more recently, the momentum deficit
decreasing streamwise extent and, eventually, they balance approach was adopted to better formalize the
disappear again as fully turbulent flow is attained over determination of this parameter [27].
the entire ramp shortly downstream of reattachment.
To quantify the influence of this localized three- Without entering into the details of the proposed peak
dimensional phenomenon on the heat transfer evolution heating correlation, which may be found in [22,23,25-
over deflected control surface configurations, bands 27], a large number of data (in excess of 200 data
between the minimum and maximum streamwise heat points) have been correlated covering a Mach number
transfer distributions measured over the model span are range between 5 and 19, a Reynolds number range of
plotted in Fig. 2.2.1.5 for a given nominally sharp (but five orders of magnitude and, more recently, including
irregular) model leading edge and various Reynolds axisymmetric configurations in the high enthalpy
number and ramp deflection angles. Evidently, regime. The correlation, using laminar reference values
significant spanwise heat transfer variations commence at freestream conditions as normalizing parameters is
only in the close vicinity of reattachment, which is the shown in Fig. 2.2.1.6. The data corresponding to fully
most unstable region of the flow due to the adverse laminar interactions (laminar peak heating) exhibit a
pressure gradient and flow concavity. Their streamwise constant value of the ordinate equal to unity (within the
extent is decreasing with increasing Reynolds number +/- 20% scatter), independent of Reynolds number. On
and/or interaction strength and, at sufficiently high the contrary, turbulent peak heating data (normalized
values of one or both, they disappear altogether. The by laminar reference values) exhibit a well defined
amplitude of these spanwise heat transfer variations Reynolds number dependence.
may be in excess of +/- 50% but is always closely In addition to the success of the proposed correlation,
bounded on the upper limit by the local turbulent providing peak heating estimates within 20%, the
heating level; this amplitude reduces to zero as the crossover between the laminar and the turbulent peak
spanwise mean heat transfer rises to the local turbulent heating correlation curves, occurring at a Reynolds
level and fully turbulent flow is attained over the whole number (based on Eckert's reference enthalpy
ramp. conditions upstream of the interaction) of
In effect, flow reattachment regions are the most approximately 6000, gives a minimum critical
unstable regions in this type of flow situation. At Reynolds number criterion at which a shock wave
Reynolds numbers which are significantly lower than boundary layer interaction may promote laminar-
the values necessary to promote laminar-turbulent turbulent transition provided, of course, that the
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combination of initial disturbances and interaction
strength is adequate. Notably, In quiet flow conditions,
fully laminar interactions may persist up to reference
Reynolds numbers of the order of 100,000. In general,
however, these critical Reynolds are significantly lower
than those necessary to promote laminar-turbulent
transition in the absence of an interaction.
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Curve 1 100 ramp
Curve 2 150 ramp
Curve 3 200 ramp
Curve 4 : Flat plate laminar theory / leading edge
Curve 5 : 100 ramp turbulent theory / reattachment
Curve 6 : 15° ramp turbulent theory / reattachment
Curve 7 : 200 ramp turbulent theory / reattachment
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Fig. 2.2.1.1: Heat transfer distribution on flap-plate compression ramps in the VKI-H3
Mach 6 wind tunnel. Comparison with the reference enthalpy method predictions
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plate compression ramps in the VKI-H3 Mach 6 wind tunnel.
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2.2.2 Cone-flare 2.2.2.3 Re-building of the experiment
(W. Dieudonn6, J.-M. Charbonnier)

In parallel to the experimental work, a numerical study
2.2.2.1 Introduction is carried out using the VKI-MB Navier Stokes code

[7,30]. Attention is focused on grid convergence and it
In order to eliminate the uncertainties associated with appears that the separation area where the experimental
the assumption of two dimensional flows when data differ from the numerical results, is not totally grid
investigating flat plate - ramp models, it was decided to converged. For instance, the Cp distribution in figure
use axisymmetric configurations. The cone-flare model 2.2.2.4 shows that the separation location is not well
has the advantage with respect to the hollow-cylinder- predicted which induces differences in the re-
flare to minimize the blockage in the wind tunnel. attachment region. However, the grid convergence can
When compared to the hyperboloid-flare model, it does not explain the differences in Stanton number observed
not exhibit this expansion in the region of the boundary on the front part of the model in figure 2.2.2.5. This
layer separation and therefore it provides an offset is likely to be due to the input conditions (or
intermediate level in the process of assessment of the boundary conditions) used in the computations which
physical modeling of shock wave - boundary layer are not properly representing the actual flow in the free
interaction phenomenon. jet of the wind tunnel. This assumption is supported by

the fact that the flow over the model is very sensitive to
22.2.2 Assessment of the experimental configuration the angle of attack. In order to confirm this

explanation, the flow over the model is presently being
A set of experiments were carried out in the VKI-H3 computed using as input conditions the flow computed
Mach 6 wind tunnel on a 7.5' cone with a 10' flare for in the H3 nozzle as shown in figure 2.2.2.6
sharp and spherically blunted noses [19]. Figure 2.2.2.1
shows the Stanton number measured on the model with
the sharp nose for the three standard unit Reynolds
number of the tunnel (8, 15 and 20 106 /m). As
indicated by the Stanton number levels, the re-
attachment on the flare is laminar at low Reynolds
number, transitional at medium and presumably
turbulent for the high Reynolds number case.
In a first step, in order to remove the transition
modeling uncertainties from the comparison between
experiments and computations, a 3.5 mm diameter
spherically blunted nose model was tested under the
same flow conditions (Fig. 2.2.2.2). In this case,
although for the high Reynolds number case, the re-
attachment remains turbulent, for the two other flow
conditions, a fully laminar interaction is observed.
This last geometry was kept as a standard model and
tested in detail for the low Reynolds number flow
condition [29]. Pressure coefficients are measured by
means of electronic pressure scanners and heat transfer
coefficients are obtained using the recently acquired
new infrared scanner. The experimental study has
shown that the flow over the model is very sensitive to
the angle of attack. For instance, an incidence of 0.25'
is sufficient to move significantly the separation
location and even to trigger the boundary layer
transition on the flare as demonstrated in figure 2.2.2.3.
It is therefore essential to assess the axisymmetry of the
flow over the model and the level of repeatability of the
experiments before drawing any conclusions.
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Fig. 2.2.2.1: Reynolds number effect on a cone-flare model with sharp nose
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Fig. 2.2.2.2: Reynolds number effect on a cone-flare model
with a 3.5 mm spherically blunted nose
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with 3.5 mm spherically blunted nose in the VKI-H3 tunnel at low Reynolds number
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2.2.3 Hyperboloid-flare 2.2.3.3 The hyperboloid-flare in the VKI-Longshot
(W. Dieudonn6, J.-M. Charbonnier, H. tunnel

Deconinck, S. Paris)
The standard hyperboloid/flare model is also tested and

2.2.3.1 Introduction computed for the flow condition LSCN1 of the VKI-
Longshot wind tunnel [33]. A Schlieren photograph of

In the frame work of the ESA/Manned Space the flow over the model in the Longshot tunnel is
Transportation Program the flow over an hyperboloid reproduced in figure 2.2.3.4 where can the location of
flare geometry tested in the DLR-RWG wind tunnel at the boundary layer separation with respect to the region
Mach 6 was computed as contribution to the of expansion due to the model wall curvature can be
Workshops organized at ESA/ESTEC in 1994 [31] and seen.
1996 [30]. The code used is the VKI-MB which is a The measurements and the associated computations for
multidomain finite volume cell centered code based on the re-building of the flow over the model are under
an upwind numerical scheme and with a spatial process for the four new operating conditions of the
discretization based on quadrilaterals [7,32]. The one Longshot with N2 and C02 used as test gases. So far
equation Spalart- Alimaras turbulent model has been the first measurements carried out in the Longshot are
implemented and validated for the 2D and aimed at qualifying the tests in terms of reproducibility
axisymmetric versions of the code [8]. and positioning of the model in the test section. Figures

2.2.3.5 and 2.2.3.6 quantify the influence of 0.5 degrees
2.2.3.2 The ESA/ESTEC Workshop testcase in DLR- angle of attack on the pressure and heat transfer
RWG conditions distributions for the condition LSCNl.

It is observed that both the separation point location
Because of the flare, a complex flow structure exists and the re-attachment region are sensitive to the
over the body, such as a shock wave - boundary layer incidence. At re-attachment the model incidence
interaction and recirculatory flow. For the last modifies significantly the Stanton number distribution
workshop in March 96, two configurations are on the flare after re-attachment when compared to the
considered: the Low Reynolds Number (LRC) case (3.5 tests performed without incidence.
106 /m) and the High Reynolds Number (HRC) case This study is in progress with the completion of the
(14.8 106 /m) [30]. The former is expected to show a tests for the other flow conditions and the analysis of
fully laminar interaction whereas for the latter the results with respect to the influence of the
boundary layer transition is expected to take place on rarefaction parameter and of the specific heat ratio of
the flare at re-attachment of the boundary layer. Figure the Longshot operating conditions.
2.2.3.1 shows the computed iso-Mach lines on the
hyperboloid/flare geometry for the LRC case.
The influence of grid refinement in the x and y
directions was investigated separately and it is
demonstrated that the separation point is sensitive to
the grid refinement along the y direction normal to the
wall whereas the capture of the re-attachment very
much depends on the grid refinement in the x direction
along the wall. Comparison with experimental data
confirms that the flow is fully laminar for this case as
indicated in figure 2.2.3.2 by the Stanton number
distribution.
For the HRC case, the laminar computation clearly
shows that the boundary layer at re-attachment on the
flare is not laminar. The effect of the location of
transition with respect to the separation and
reattachment point is also investigated using the
Spalart Allmaras turbulence model [8]. In figure
2.2.3.3, the best agreement with the experimental data
is obtained when the boundary layer transition is fixed
at the re-attachment point on the flare which seems to
indicate that transition takes place in the shear layer
over the separated zone.
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Fig. 2.2.3.1: Iso-Mach lines for the LRC conditions
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Fig. 2.2.3.2: Experimental and computed Stanton number for the LRC
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Fig. 2.2.3.4: Schlieren photograph of the hyperboloid/flare model in the Longshot
for the flow condition LSCN1
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2.3 Fin induced vortex boundary layer interactions 2.3.2 Results
(S. Zemsch, G. Degrez)

The reliability of the numerical results is demonstrated
2.3.1 Introduction by a detailed validation with experiments:

Consequently, flow field data are compared with LDV
This study addresses the vortical flow downstream of measurements taken on traverses through the primary
blunt fins under large angles of attack and its vortex at several downstream locations at a freestream
interference with a laminar flat plate boundary layer. Mach number of 2. Further more, surface pressure- and
The used geometry models the junction between the heat transfer data were acquired downstream of the
wing and the fuselage of a hypersonic spacecraft. Fig. wing on the flat plate for a Mach 6 flow. All these data
2.3.1 shows a schematic of this flow. were compared to the computed values. Surface flow
A leading edge vortex forms leeward of the wing whose visualizations supplemented the validation.
position and extension strongly depends on the flow- Initial computations of the complete geometry
and geometrical parameters. For a certain combination including the compression side flow demonstrated that
of these parameters, streamwise striations are observed there is basically no influence of the compression side
downstream of a conical flow attachment line on the flow on the expansion side interaction[35]. In the
flat plate as shown on the sublimation picture of Fig following, only the expansion side was numerically
2.3.2 that shows the top view of the flat plate/wing modeled which allowed for important savings in
model. computational time and memory.
These striations are vortical structures, embedded in the
flat plate boundary layer, that influence the surface
mass- and heat transfer. Such striations were observed
on the side fuselage of a space shuttle model under Single component LDV measurements of the
similar conditions[34]. The exact knowedge of the local streamwise velocity component, vx, at different
value of the heat transfer is important for the efficient streamwise locations on the same conical ray were
design of a thermal protection system. compared to computed flow and particle velocities. Fig.
The objective of this joint experimental and numerical 2.3.4 shows such data for the two streamwise positions
study is to determine the conditions for which striations A and C (see Fig. 2.3.3). General features of such a
exist, the correlation of their existence to the topology flow field traverse are an indication of the position of
of the flow, the evaluation of local peak heating and the the bow shock, here at about of Yc = 0.8, causing a
influence of striations on surface heating. strong deceleration of the flow and an following
A schematic of the wind tunnel model is shown in Fig. acceleration of the flow when the vortex core is
2.3.3. It consisted of a conical blunt wing with leading aproached.edge sweepback angle, X = 750, mounted under a• = 400 apprahd

In the following, the different sets of data will beincidence at different distances xjE = 0 and 40 nunl compared: The close overall agreement of the inviscid
from the flat plate sharp leading edge. and viscous computations show the little effect viscosity
Due to experimental difficulties in accessing in detail has on the flow field. Only a small region close to the
the three-dimensional vortical hypersonic flow field, a flat plate surface (small Yc values) is influenced by the
joint numerical and experimental program was set up
where experiments were used to validate computations. presence of a boundary layer. However, measurements

Initial calculations demonstrated a strong dependence and computations reveal significant differences for the

of the numerical solution on the used mesh requiring location of the bow shock and velocity values of the
veryfin meh szesto btai a ridindpenent accelerated flow indicating velocity lag of the particles.very fine mesh sizes to obtain a grid-independent Consequently, the dynamics of the particles was

solution. Hence, computations in three dimensions were Compute y means o l the par tions of

not feasible due to the high requirements in computed by means of solving the particle equations of

computational power and memory. Since surface flow motion for the computed flow field (for more details see
compualiationalndicterad smemcory.nSinceasua flow sref.[35]). Good agreement was found betweenvisualization indicated some conical flow symmetry numerical and experimental particle velocities, at least

(see Fig. 2.3.2), a conical Navier-Stokes solver was

selected for the flow analysis. The tests were conducted for the accelerated flow part. (Large displacements
for the freestream Mach numbers 2 and 6 and Reynolds (large yc-values) suffered from a critical uncertainty of

numbers in the range of 0.1 to 2.1 million, the position of the probe volume due to a deformation
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of the employed traversing bench). Test 14 and 16 (see The same comparison is done for the heat transfer and
Fig. 2.3.4) were acquired on the same conical ray and is shown in Fig. 2.3.7 in the form of the heat transfer
should be identical for a perfectly conical flow. coefficient, ch, versus the conical coordinate xc.
Differences in regions of strong velocity gradients A very good correlation for the measured location of
between these two sets of data could very well be the peaks between the pressure and the heat transfer
reproduced by the numerical particle model identifying data is obtained which confirms the existence of the
them as particle lag. attaching flow. The magnitude of the peak was found to
In conclusion of the Mach 2 flow field survey it can be be only little affected by the Reynolds number. As for
said that the LDV measurement suffer from particle lag the pressure data, the effect of the Reynolds number on
in regions of strong flow gradients. Using the computed the position of the attachment line as well as the shift
velocity distribution and modeling the particle behavior between computational and experimental results is
numerically this particle lag can be reproduced. This is observed. Outboard of the location of flow attachment
a strong indication for the conicity of the flow field. the effect of striations on the heat transfer coefficient is

seen as oscillation of the data around the undisturbed

2.32.2 Validation of surface flow data - Mach 6 flat plate level.
The observed discrepancy in the position of flow

Different surface flow visualization techniques were attachment between experimental and numerical data is
used for the analysis of the surface flow pattern. Fig. by far larger than the uncertainty on the measurement.
2.3.2 and Fig. 2.3.5 present a sublimation and oil flow In fact, if we recognize the effect of the Reynolds
photograph, respectively, which were taken from the number on the lee side flow field, it is not surprising
flat plate after a test. As seen for both visualization that the conical viscous computation shows difficulties
techniques, the expansion side surface pattern is in precisely predicting the surface interaction.
dominated by a conical singular line indicating flow Numerically predicted peak locations seem to indicate a
attachment. The striation pattern emanates from this computational Reynolds number, which is larger than
line and convects far down streaw. that of the experiment. Indeed, the conical flow
Surface pressure measurements at the streamwise assumption predicts a boundary layer which is
position C are shown in Fig. 2.3.6 for three significantly thinner than the parabolic one for the
experimental Reynolds numbers (Relow = 0.31 million, same flow situation. Thus, the computation was

Remed = 0.57 million, Rehigh = 0.85 million). Each performed for an effective freestream Reynolds number

data point presents an average value computed from 11 which was too large. This explains the displacement of

individual tests. The uncertainty band therefore the computational data in the direction of larger

includes the measurement uncertainty as well as the Reynolds numbers. However, for a detailed

test repeatability. Grid-resolved Euler and Navier- understanding of the flow structure an absolute

Stokes results are also included, quantitative agreement is not required as long as the

For all Reynolds number cases, the wing lee side flow topology is preserved throughout the

pressure distribution is marked by a peak in pressure computations.

(0.28 < xc < 0.4), which corresponds to an angle of 160

< atan(xc) < 220. Referring to the visualization pictures 2.3.2.3 Concluding Remarks - Validation

(Fig. 2.3.2 and Fig. 2.3.5), this angle correlates well LDV, pressure and heat transfer data together with
with the location of the attachment line. Low pressure surface flow visualizations were compared to conical
values close to the wing (small xc-values) indicate an inviscid and viscous computations. Concerning the

accelerated flow situated under the primary vortex. For validation of the flow field, encountered problems with
decreasing Reynolds numbers, the point of flow particle lag could be overcome by numerical modeling
attachment moves away from the wing while the peak of the particle behavior. The position of the primary
value remains little affected. vortex and the streamwise velocity component were
The Navier-Stokes computation agrees well with the validated. An effect of the freestream Reynolds number

overall pressure distribution and predicted pressure on the lee side flow field was discussed for the
levels. Only a shift in the exact position of the pressure hypersonic flow. The existence of a flow attachment
peak indicates the problems of the conical computation line was evenly confirmed by visualizations, pressure
to correctly predict the flow, which was demonstrated and heat transfer data. A good agreement in the overall
to be influenced by the Reynolds number. pressure and heat transfer distributions confirm the
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conicity of the hypersonic interaction. Consequently, shear layer. This shear layer, susceptible to vortical
the use of conical viscous computations is justified for structures, interferes with the boundary layer on the flat
the analyses of the blunt wing-induced vortex plate. Under these conditions, a flow attachment line on
boundary-layer interaction, the flat plate exists downstream of which periodic

striations develop.
2.3.3 Flow field structure

In the following chapter, a description of the supersonic
flow field will be given: After passing through the bow
shock, the flow expands around the leading edge.
There, it separates to form a free shear layer that
divides an outer- from an inner-, vortical region (see
Fig. 2.3.8a). The expansion terminates by a cross-flow
shock, which turns the flow towards the wing surface.
Close to the flat plate / wing junction as well as towards
the wing leading edge, boundary layer separation is
observed. The vortex is seen to scrap along the flat
plate surface leading to increased skin friction (see Fig.
2.3.8b). The free shear layer stretches down to the flat
plate where it interferes with the boundary layer.
Since free shear layers are known to be susceptible to
vortical instabilities (vortex-cell instability[36]), the
interaction of the shear layer can introduce vortical
structures in the flat plate boundary layer.
Based on these observations a flow model is suggested
and displayed in Fig. 2.3.9. It shows a perspective view
of the attaching shear layer including the embedded
helical substructures. For this presentation the viscous
region close to the wing apex is ignored.
The striations develop in the free shear layer from the
line of separation at the wing leading edge. High
velocities in the outer region and smaller velocities in
the inner region cause a co-rotation of these vortical
substructures in the same sense as the primary vortex.
A line of flow attachment on the flat plate is necessary
to allow for further development in the flat plate
boundary layer. (For a more detailed description, the
reader is referred to ref. [35].)

2.3.4 Conclusions

The supersonic/hypersonic flow about a highly swept
conical blunt wing/flat plate junction under large angle
of attack was investigated experimentally and
numerically. The study concentrated on the lee side
flow structure and the formation of striations. It could
be shown that major parts of the flow field are correctly
captured by the inviscid flow analysis. Good agreement
with the experimental data in all cases demonstrated
that the applied conical flow solver is an appropriate
tool for the exact prediction of the flow field topology
of conical wing/fuselage junctions.
The critical flow field structure, which leads to the
formation of striations, was identified: Wing leading
edge separation connected to the formation of a free
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3. Applied Research 3.1.2 The VKI-Longshot facility

During the years, the VKI has been involved in wind The VKI-Longshot is a free piston wind tunnel which
tunnel testing for aerospace programs in the hypersonic uses a piston to compress the test gas (fig. 3.1.1) [1]. It
facilities of the Institute. In the next section, the can provide very high pressure levels (up to 4000 bars)
extension of the operating domain of the Longshot for moderate temperatures (up to 2500K) so that the
tunnel is discussed and typical aerothermodynamic vibrational mode of the test gas molecule is only
studies carried out in this facilities are presented. moderately exited. The facility is classified as a cold
Finally, the present development of a Plasmatron hypersonic facility because the test case can still be
facility at the VKI is discussed. considered as a perfect gas. Due to the very high

pressure levels achieved into the reservoir, the
3.1 Extension of the operating domain of the VKI- Reynolds numbers simulated are very high (up to 10
Longshot free piston tunnel millions per meter). The Mach number of the flow in

(J.-M. Charbonnier, W. Dieudonn6, S. Paris) the test chamber can be changed from 14 to 20. This
facility is particularly well suited for the study of

3.1.1 Introduction boundary layer transition at high Mach and Reynolds
number and provides a good duplication of spacecraft

Due to the very high level of stagnation temperatures, reentry trajectories with respect to these two non
the chemistry taking place downstream of the bow dimensional parameters as seen in figure 3.1.2.
shock of a hypersonic vehicle will produce atomic To operate with different gases (N2 and C02), the
oxygen and nitrogen and eventually will ionize the contoured nozzle designed for nitrogen was replaced by
atoms. If one considers the mixture created as a a conical nozzle with a removable throat block in order
combination of perfect gases, it is possible to determine to accommodate the throat diameter to the desired
an equivalent specific heat ratio which value is lower nozzle exit Mach number. The nozzle wall is equipped
than the value for air. Of course during their passage with heat transfer gauges and pressure gauges starting
around the model, the chemical components may react at 0.3 m from the nozzle throat to the end of the nozzle
together and consequently, the composition of the (1.7 m) [37]. In the test chamber, the free jet created at
mixture will change around the body. the nozzle exit is characterized by a calibration rake
In order to simulate these phenomena, the natural equipped with 21 Pitot pressure tubes and 8
tendency is to try to reproduce in wind tunnel the flight hemispherical probes providing the heat transfer level
conditions. This implies that the reservoir temperature at the stagnation point (fig. 3.1.3). A modeling of the
of the wind tunnel should be very high and compression phase is developed for the two testing
consequently, the experimentalists are facing the gases based on the operating parameters. Then a simple
problem that the test gas will react in the reservoir and one dimensional computation of the flow expansion in
will not recombine to a composition equivalent to the the nozzle associated with a correlation to account for
stagnant air of the atmosphere when it arrives onto the the boundary layer displacement thickness provides the
model. It is the situation that takes place in the so- flow properties in the test section [38].
called high enthalpy facilities which were recently
developed in Europe. In such a case, the analysis of the 3.1.3 Determination and calibration of the new
data collected on the model is rather difficult to achieve operating conditions
because the gas which flows on the model is not
correctly characterized. Therefore these facilities do not The objective in the definition of four operating
duplicate flight conditions but rather provide an conditions is to vary the specific heat ratio y of the test
additional set of conditions which of course introduces gas while keeping constant a parameter relevant for the
high temperature gas effects but which has the measurement of heat transfer and aerodynamic
disadvantage of not being well characterized. coefficients on a hypersonic vehicle. This parameter is
In order to assess the influence of high temperature gas known as the rarefaction parameter V* and is a
effects, a simpler approach consists in using a test gas combination of the Mach and Reynolds numbers. Two
which has a specific heat ratio y lower than the value values of the rarefaction parameter relevant for
for air at ambient conditions. This simulation hypersonic flight are selected providing a variation of
corresponds to the case of a frozen composition for the h
mixture of components created downstream of the at iso-value of V* . The new operating condition
shock which would pass around the body. parameters are summarized in table 3.1.1 [39].
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Measurements of pressure and heat transfer are made
in the nozzle flow and in the free jet for the four
operating conditions [33].

In order to enhance the experimental data, a parallel
study is performed using the VKI-MB Navier Stokes
solver [7,8] where the nozzle flow is computed for both
laminar and turbulent nozzle wall boundary layers. The
purpose of these computations is to validate the code
and assess the future comparison between the
measurements made on models in the tunnel using the
four operating conditions. Actually a complete re-
building of the flow over the models will allow to
isolate the differences in the measurements due to the

changes in y or V* from the influences resulting from
incoming flow non uniformities.
Figure 3.1.4 shows an example of the Pitot pressures
measured in the free jet in two sections downstream of
the nozzle exit compared to the results of a laminar and
a fully turbulent computations for the operating
condition LSCN1. It can be observed that the
computations frame the experimental data indicating
that the nozzle wall boundary layer transition takes
place somewhere after the throat. Therefore a
sensitivity study of the results to the position of the
transition is performed where the transition point is
placed at 0.15 m and 0.3 m from the throat. Figures
3.1.5 and 3.1.6 show that the comparison of the
measured and computed wall quantities in the nozzle
are in good agreement when the transition location is
placed at 0.15 m from the throat. In figure 3.1.7, the
normalized Pitot pressures measured are compared to
the computations assuming either fully laminar flow, or
a turbulent boundary layer starting at 0.3 m or at 0.15
m from the throat. Actually the case with transition
fixed at 0.15 m gives the best agreement with the
experimental data both in terms of pressure level in the
potential core and in terms of boundary layer thickness
[40].
This approach is extended to the 3 other flow
conditions newly defined in the Longshot with N2 and
C02. The numerical results will provide a
complementary qualification of the flow in the
Longshot nozzle with respect to the experimental
calibration and also inlet conditions for the re-building
of the flow over standard geometries such as the
hyperboloid-flare and the Electre models.
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Cond. # Test Gas y Mach # Reynolds # Treservoir Preservoir

[-] [-] [106/M] [K] [10' Pa] [-]

LSCN1 N2 1.4 15 7.5 2000 950 0.013
LSCN2 C02 1.3 11.2 6.7 2000 1300 0.013
LSCN3 N2 1.4 14.8 4.2 1900 500 0.018
LSCN4 C02 1.4 13.3 4.6 2250 2250 0.018

Table 3.1.1: New operating condition for the Longshot equipped with the conical nozzle
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3.2 Aerothermodynamics of reentry vehicles in the Longshot. It is clear that inertial compensation is
(J.-M. Charbonnier, S. Paris) needed in order to get usable measurements.

The method used at the VKI is described in [47] and
3.2.1 Introduction [48] and was recently compared to the so-called LRBA

method which is based on the same principle but which
In the frame of the Hermes and Atmospheric Reentry is easier to apply since it does not require the
Demonstrator programs, the VKI has been involved in knowledge of the characteristics of the oscillating body.
the aerothermodynamic characterization of reentry Actually one of the difficulties in applying the method
vehicles. In the following sections, typical heat transfer developed at VKI is that the oscillating part must be
and pressure measurements carried out in the VKI- defined with its center of gravity and moments of
Longshot wind tunnel are briefly presented. Then the inertia. This oscillating part is taken to be the model
method used to compensate the inertial forces during plus the front part of the strain gauge balance; however
the measurement of aerodynamic coefficients are there is always an uncertainty associated to the fact that
recalled and the present developments are discussed. the part of the balance that has to be considered is not

well defined. The modified method proposed at the
3.2.2 Pressure and heat transfer measurements LRBA Vernon (F) overcomes the problem by leaving

the mass and inertia of the oscillating body as
In the past years, the VKI was involved in the unknowns. Since the basic equations are the same, the
characterization of the aerothermodynamics of the way to find these new unknowns is to solve the system
Hermes spacecraft. In this program, various for several instants during the running time by a least
configurations of Hermes were tested to evaluate square technique instead of solving the equations at
pressure and heat transfer distribution in the condition each instant. The two techniques applied to a simple
of the Longshot wind tunnel at Mach 14 [41,42,43]. geometry such as a blunt cone give the same results
Figure 3.2.2.1 shows an example of Hermes model [49]; however when the model geometry becomes more
equipped with thin films gauges. complicated, the modified method may be more easy to
In the frame of the Atmospheric Reentry Demonstrator, apply.
the VKI is manufacturing an ARD capsule model The drawback of both techniques is the need to place
equipped with pressure transducers and temperature accelerometers in the model and therefore to make a
gauges which will be tested in the Longshot with the special design of the model which usually ends up with
new operating conditions. This model is devoted to the more complicated and costly models. In order to
study of the boundary layer transition and has several overcome this problem, the University of Aachen
inserts with roughness elements. As already mentioned (RWTH) has developed a strain gauge balance on
in Sec. 2.1.2, it is not straightforward to find a good which accelerometers are mounted. This balance will
criterion for roughness induced transition on blunt body be tested in the Longshot on an Apollo capsule shape
with very high pressure gradients such as in the case of which will also be equipped with accelerometers as
the windward side of the ARD capsule shown in figure 3.2.4 in order to evaluate the capability

of the method developed in Aachen compared to the
traditional compensation technique.

3.2.3 Measurement of aerodynamic loads

A method for the measurement of aerodynamic forces
and moments was developed to compensate for the
inertial forces which are always perturbing the
measurements in short duration facilities. The principle
of these inertial force corrections is based on the
experimental determination of the model accelerations
along and around its axis using measurements of
acceleration at selected locations in the model. Figure
3.2.2 presents the implementation of the accelerometers
in a Hermes model as tested in [44,45,46]. In order to
evaluate the importance of the inertial forces, figure
3.2.3 shows the comparison between the raw normal
force as measured by the strain gauge balance and the
aerodynamic force after correction on a Hermes model
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Fig. 3.2.2.1: Hermes model equipped with thin film gauges
for heat transfer measurements in the VKI-Longshot (courtesy Dassault-Aviation)

Fig. 3.2.2: Schematic of the implementation of the accelerometers in a Hermes model
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Fig. 3.2.3: Raw and aerodynamic normal forces on an Hermes model in the Longshot
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3.3 Development of the Plasmatron facility The first free electrons can be obtained by introducing
(B. Bottin, M. Carbonaro, M. Decrd) an electrode into the plasma torch or, preferably, by

reducing the pressure under 0.1 mbar and applying
3.3.1 Introduction voltage on the coil. Electric field gradients appearing in

the vicinity of the coil (between turns) are strong
A Plasmatron is an induction plasma wind tunnel, enough to cause a local ionization of the gas in the
where a jet of air, heated at extremely high tube. Once these first free electrons have appeared, the
temperatures (from around 6000 K to 10000 K) to a whole gas is rapidly heated by Joule effect. In order to
plasma state, is directed onto a target, primarily for the facilitate the initial electric discharge, one can use
purpose of testing the resistance of thermal protection argon, which has a much lower ionization potential
systems (TPS) for space re-entry vehicles, combustion than air.
chambers, turbine blades or ceramic coatings exposed By these means plasma can be generated from low to
to severe heat loads, atmospheric pressures with temperatures of the order of
In 1992, facilities of this kind were found to exist in 6000 K to 10000 K.
Russia, where they have been extensively used for the
testing and optimization of the ceramic composites 3.3.3 Differences between inductively-heated and
used as thermal protection tiles for space-re-entry arc-heated facilities
objects, like the soviet capsules and the shuttle Buran.
The European Space Agency, recognizing the Another mean of plasma generation is an electric arc.
advantages offered by such facilities, in terms of The principle has been widely and successfully used in
chemical purity of plasma compared to the arc-jet many arcjet wind tunnels. Nevertheless, inductively-
facilities traditionally used in the western world for the heated plasma sources have several advantages over
same purpose, decided, as an aid to European space arc-heated sources.
programs, to sponsor together with the Belgian Federal In arcjets, the discharge is produced between
Office for Scientific, Technical and Cultural Affairs, electrodes, which constantly erode during operation.
the construction of a 1 MW Plasmatron at the von This results in copper pollution of the flow, which
Karman Institute. The planned completion date of this depends on the pressure as well as on the heater design.
work is October 1997. The contamination can range from 50 ppm[50] up to
TPS materials samples will be tested in subsonic and about 1% of relative copper vapor content when no
supersonic high-enthalpy flows with stagnation special care is applied. While this does not seem to pose
pressures of 5 to 175 hPa and cold wall stagnation problems for aerodynamic studies under high
convective heat fluxes of 350 to 1200 kW/m2. It is temperatures, it can significantly influence heat flux
intended in a late stage of facility realization to have an studies. TPS materials tested under moderate
automated standard operation of the whole facility, stagnation temperatures will be covered by copper

condensing on 'the surface, with the result that the
3.3.2 Principle of operation initially non-catalytic surface will gradually become

catalytic, increasing the convective heat transfer
The concept behind plasma generation by induction is because of recombination processes[51]. The
sketched on figure 3.3.1. A coil surrounds a quartz tube electrodeless heating of inductive torches suppresses all
in which cold air is injected. This coil is connected to a risks of flow contamination. This makes inductively-
high-frequency generator and is traversed by high- heated plasmas very attractive for materials catalycity
voltage, high-frequency current (a few thousand volts and heat resistance studies, plasma diagnostic
with frequencies from 400 kHz to several MHz). Due to techniques development (especially the modem, non-
these conditions, an induced magnetic field exists in intrusive techniques like emission spectroscopy and
the center of the quartz tube, with induction lines laser-induced fluorescence) and new trends in
parallel to the axis, as in a classical solenoid. industrial processes, such as purification or synthesis of
The time variation of the induction creates circular, materials and spectroscopic analysis.
oscillating electric fields in planes perpendicular to the In most cases, once the plasma has been ignited, the
tube axis. Considering that air has been ionized, these discharge remains very stable, confined in the torch by
fields can move the free electrons, creating current electromagnetic forces. The flow is therefore very
loops heating the gas by Joule effect. Once the gas heats stable, much more than in conventional arcjet facilities,
up, it dissociates and ionizes into a plasma. where arc oscillations produce flow fluctuations. One
Conceptually, the torch is actually a transformer, of needs a carefully designed arc generator (such as
which the primary is the coil and the secondaries the segmented arc heaters) to overcome this problem.
induced current loops in the gas.



2A-52

It must be additionally mentioned that inductively- from the electricity network, in a transformer that
heated tunnels can operate in subsonic and supersonic provides 1400 kVA (204 V) to the high-frequency
modes, whereas most arcjets mainly work in the generator and 200 kVA (380 V) to the auxiliary
supersonic regime. This duality allows to have systems.
stagnation-point flows with or without shocks. The high-frequency generator is a solid-state
Subsonic operation also features flows with a greater technology ("statitron") HF inverter composed of two
degree of equilibrium, much farther from the frozen cabinets: one DC unit and one HF unit. It provides the
state. This greater diversity is ideal for the validation of torch with the high-frequency (400 kHz) current
high-temperature CFD codes. necessary to create and maintain the discharge. The
It must however be mentioned that the overall whole facility has to be cooled by de-ionized water.
efficiency of an inductively-heated facility is lower than Each system (torch, test enclosure, model support, heat
in the case of arc-heated facilities. Furthermore, the exchanger, vacuum pumps, HF generator) has its
operation at low pressures and low velocities, while separate cooling line, the whole circuit being driven by
seemingly attractive for code validation, has the a pump. The water used in the circuit is cooled in three
important drawback of low Reynolds numbers (about dry air coolers located on the roof of the building.
6000 per meter) that totally preclude any use of such Finally, the control system is capable of conducting
facilities for aerodynamic testing with Reynolds tests under constant or varying conditions while
number similarity, monitoring all alarms and warnings from the
The main characteristics of some plasmatrons are subsystems to insure a safe operation. In addition, the
summarized in table 3.3.1. facility is equipped with an 80-channel data acquisition

system and intrusive and non-intrusive test
3.3.4 Description of the VKI Plasmatron instrumentation, the latter requiring the use of an

excimer laser for certain specific applications such as
The European Space Agency has set several technical laser-induced fluorescence (LIF).
requirements concerning the facility In order to cover the whole specification matrix (figure
It has to achieve values of total pressure and catalytic 3.3.2), two torches are needed. The test conditions at
cold wall convective stagnation heat flux indicated on low pressures and high heat fluxes require low plasma
figure 3.3.2, on material samples of 2.5 cm diameter powers. They will be obtained by using the low power
mounted on a 5 cm diameter sample holder. It must be range of the IHF generator (15-150 kW) coupled to a
capable to function in subsonic and supersonic modes small, 80 mm diameter torch. Points at higher
with good flow homogeneity in continuous operation pressures will be obtained with the high-power range
during 25-minute periods at pressures lower than 75 output of the HF generator (100-1000 kW) and a big,
mbar and 5-minute periods at pressures higher than 75 160 mm diameter, torch. Each torch is mounted in a
mbar. separate casing, the diameter of which is compatible
The main elements of the Plasmatron facility are with the openings of the test enclosure (figure 3.3.4).
schematically drawn on figure 3.3.3. The heart of the The successful ignition of the plasma requires the
Plasmatron is the torch that creates high-enthalpy inside of the torch to be at a low pressure, in order to
plasma by induction heating of the supplied working reduce the ionization potential of the gas. However, the
gas. The plasma flows into the test enclosure, where the outside of the torch has to be kept at a higher pressure,
TPS model is located. The rear of the enclosure otherwise there is a risk that the initial discharge will
contains a diffuser to collect the flow. It is water-cooled occur between two successive turns of the coil rather
to reduce the temperature of the flow. Further cooling is than in the torch. This is why the inner and outer parts
achieved through a heat exchanger that reduces the have to be tightly separated by the quartz tube, which
flow temperature to below 50°C, the maximal entrance also works as the plasma container.
temperature to the vacuum pumps system. This vacuum For moderate to high plasma powers, a water-cooled
system is composed of three volumetric vacuum pumps segmented copper cage will be place inside the quartz
providing the required underpressure and maintaining tube to prevent melting. Water supply will be through
the necessary mass flow rate through the whole system. the back of the casing, separate cooling lines serving
The gas is discharged into the exhaust stack of VKI. the cold cage, the end plate (in contact with radiation
The torch must be fed with precisely controlled mass from the enclosure as well as convective transfer at the
flow rates of various gases, both argon for start-up and outlet), the gas injectors (in contact with radiation from
others for testing. A specific gas supply system collects within the torch) and the coil (heated by Joule effect as
gas from carboys and/or air from the compressed air any conductor).
network of VKI or from the Plasmatron laboratory There are two separate gas injectors: the peripheral
(ambient air). The facility receives 1600 kVA at 11 kV injection insures a protecting layer of cool gas along the
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walls of the torch, while the central injection provides
most of the working gas.
The setup as described is valid only for subsonic flows.
In order to reach sonic and supersonic conditions,
convergent and convergent-divergent nozzles matching
the cold cage internal diameter will be fixed on the end
plate. A set of five nozzles is presently envisaged: a
converging nozzle for each torch diameter, for sonic
operation and supersonic acceleration through
underexpansion, a converging-diverging (conical)
nozzle for each torch diameter, for supersonic flow, and
finally a converging-diverging contoured nozzle for one
of the two torches, at a reference flow condition, for
flow homogeneity purposes. Typical Mach numbers
presently envisaged are of the order of 1.2 to 2.
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place facility power frequency Jet diameter
IPM IPG-3 700 kW (coil) 1.76 MHz 200 mm.
IPM IPG-4 100 kW (anode) 1.76 MHz 80 rmm
TsAGI VTS 600 kW (coil) 440 kHz 300 mm. core
TsAGI VAT-104 160 kW (coil) 1.76 MHz 50 mm. core

-TsNHMASH Y-13-PHF 1000 kW (gen.) 440 kHz 200 mm
IRS PWK 3 150 kW (gen.) 650 kflz 100 mm
CORIA (?) 200 kW (gen.) 1.7 MHz 180 mm

FVKI PTRON () 1200 kW (gen.) 400 kHz 160 mm

Table 3.3. 1: summary of plasmatron characteristics
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1 SUMMARY requiring large human efforts for the grid generation.

One possible way to help overcome these problems is toA parallel perfect gas flow solver for axisymmetric appli- use truly multi-dimensional upwinding instead of the di-
cations is described, which has the following characteris- mensionally split approach. For scalar advection these
tics: For the spatial discretization of the convective fluxes optimal schemes already exist for some years, both in
it uses a multi-dimensional upwind, monotonic shock cap- two and three space dimensions, on structured quadrilat-
turing, matrix distribution scheme on a compact stencil eral (hexahedral) and on unstructured triangular (tetra-
(at most the points used by the Galerkin finite element hedral) grids, see [3, 4, 5]. However, the extension to
discretization) in an unstructured grid, and the Galerkin non-commuting hyperbolic systems is far more difficult
finite element method for the viscous part. than in the standard dimension by dimension approach.
For fast convergence towards steady state a fully par-
allel implicit Newton algorithm has been implemented, Within this generalization to non-diagonizable systems
where the resulting linear systems are solved by subdo- two points of view can be distinguished :
main block ILU(0) preconditioned GMRES. A vertex ori- (1) transform the equations in a form which minimizes
ented domain decomposition is used, allowing an efficient the coupling terms and treat them as a set of scalar con-
parallel preconditioner for the GMRES. As the linear sys- vection laws with (minimized) source terms and
tems themselves are solved on the complete grid, the con-
vergence is practically independent of the way the grid is (2) extend the scalar upwind schemes to matrix upwind
decomposed into subdomains. The message passing li- schemes.
brary MPI was used for the communication to make the The first approach has been studied extensively in the
code as portable as possible. past and good results have been obtained for transonic
Applications are shown for a hypersonic cone-flare con- problems, see [6, 7, 8, 9, 10, 11]. However, for hyper-
figuration at different Mach and Reynolds numbers and a sonic blunt body flows the presence of the coupling terms,
detailed comparison is made with a structured grid stan- which have to be distributed with a non-positive scheme,
dard Finite Volume solver (the VKI-MB code). Results causes severe non-monotonicity and consequently insta-
have been obtained on a four and eight processors SP2, bility problems.
demonstrating the robustness and efficiency of the new Therefore, approach (2) has been adopted in this work
flow solver. as described in detail in section 3. The resulting space

discretization is more accurate than the standard finite
volume method, especially in capturing shear layers. Fur-

2 INTRODUCTION ther, the stencil is more compact (at most the Galerkin
stencil), which is very beneficial for implicit time integra-

The majority of present CFD codes for hypersonic appli- tion and parallelization.
cations are cell centered upwind finite volume methods
based on the solution of one dimensional Riemann prob- To accelerate the convergence to steady state, a parallel
lems in the direction of the cell faces. A typical example implicit time integrator has been developed. The Jaco-
of such a code is the VKI Multiblock code (VKI-MB) ex- bian matrix is computed numerically at the cost of only
tensively tested in the past ESA workshops on hypersonic 12 cell residual evaluations, due to the compact stencil
flow [1, 2]. of the spatial discretization. The domain decomposition
Although very successful, the splitting of the multi- strategy is the vertex oriented decomposition (VOD) with
dimensional problem into a set of one-dimensional sub- effectively half a layer of ghost cells, which is more eco-
problems is not optimal in the sense that for the scalar nomical than the one or two layers used in standard Finite

advection equation the amount of cross-wind diffusion Volume schemes. The parallel temporal discretization is
(dissipation) is much higher than for the optimal multi- given in section 4.
dimensional scheme of Rice and Schnipke [3]. Indeed the The combination of the compact space discretization and
accuracy of state-of-the-art solvers degrades considerably the parallel implicit time integration leads to a robust
when jets or shear layers are not aligned with the mesh. and efficient solver. The test cases presented in section 5
This happens inevitably when the flow separates, or in demonstrate that typical hypersonic flow computations
strong shock-shock interactions. Therefore, the need for (proposed at ESA workshops in 1994 and 1996) on a mesh
high quality grids is a matter of strong concern, espe- of 40 000 meshpoints can be made in 2 to 2.5 CPU hours
cially in complex three dimensional flow configurations, on a 4-processor IBM SP2.

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Gencse,

Belgium from 15-19 April 1996 and published in R-813.
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3 THE SPATIAL DISCRETIZATION 3.1 Discretization of the Convective
Terms

The axisymmetric Navier-Stokes equations, describing
conservation of mass, momentum and energy, in cylin- The quasilinear form of the convective part of equa-
drical coordinates are given by: tion (1) is given by

&U aFc aGý aFd 8G d se sd aU Au aU = SCS (8u
-5-t+S-ax--+ 5r = r i-- (1) -- Au+ 5T x Bv5 . (8)

where x and r are the axial and radial coordinate respec- Here A = -- and B = - are the Jacobian matrices

tively. U = (p, pu, pv, pE)T is the vector of conservative in x and r direction respectively. As the eigenvalues of

variables, Fc, F" and G', Gd are the convective and dif- A cos 9+B sin 0, 0 < 9 < 27r, are real, system (8) is hyper-

fusive flux vectors in x and r direction and Sc and Sd bolic and can have discontinuous solutions. To capture
are the convective and diffusive source term vectors. The these discontinuities monotonically, a positive discretiza-
following expressions hold for the convective fluxes: tion technique for coupled hyperbolic systems must be

developed. This is first explained for the scalar case and

/()(/ then for the system.

S 2 + = puv
puv P2 + p J (2) 3.1.1 Scalar Advection Equation
puH pvH /The governing equation for the scalar schemes is the two-

while the diffusive fluxes are given by: dimensional linear advection equation

0 a- + •.V 0 (9)

Fd = rXX
'Txr with constant advection vector A. The discretization

-qý + ru + ~r:,-v (3) technique uses the integral form of equation (9) which0 is /T!

G drr a• =J dQ= u. Aiidr, (10)
-q,- + -r,.xu + Tr,.,v

where 4D is called the cell residual, T is the triangu-
and the source term vectors by: lar control volume, F the boundary of T and ii the in-

ward normal. In principle, equation (10) is valid for any

pv/ 0 control volume, but from now on attention will be re-
SC = __- p v s a = _I (• ." stricted to triangles, because only for these control vol-

r PV r Trr - ree umes system schemes have been developed. Scalar multi-
pvH -qr + , 7u + v dimensional upwind schemes for quadrilaterals are dis-

(4) cussed in [12, 7, 13]. As the unknowns are stored in the
In these expressions the symbols (p, u, v, p, r etc.) have vertices of the triangle, see figure 1, the contour integral
their usual meaning and 0 is the circumferential coordi- in the RHS of equation (10) can easily be approximated
nate. The total enthalpy is given by H = E + p/p and with the trapezium rule. The result after some manipu-
the pressure by the perfect gas law:

P = pRT = - 1) p E - (u2 + v 2) (5)

where -y, the specific heat ratio, is assumed to be constant
and equal to 1.4 in this work. The expressions for the n
viscous stresses are standard, with the viscosity p given
by Sutherland's law:

1.458 T+ 110.4" (6) 2

The heat flux is modeled according to Fourier's law:

- T M ap 2 Fig. 1: A generic triangle with its inner scaled normals
ST = Pr(y - 1) Sx lations is:

(7)3
ST_ S 2 ~- ku1(11)

ar Pr(-y - 1) ar 2~

where k =Mp_$p is the thermal conductivity, Pr the where fit are the inward scaled normals of the triangle,
Prandtl number (taken constant and equal to 0.72), cP see figure 1. In a residual distribution scheme, fractions
the specific heat at constant pressure and a the speed of of the cell residual 4D are sent to the cell vertices, which
sound. after assembling contributions from all cells leads to the
As discussed below, the convective part of the spatial nodal update, i.e.:
operator, FC, GC and S', is discretized using a compact
multidimensional upwind discretization, while for the dif- # cells # cells
fusive part, Fd, GC" and Sd, the standard Galerkin Finite dui. S (12)
Element method is applied. 7T S

k=1 k=1
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Here Si is the area of the median dual cell around node proves that for a positive scheme the coefficients aij have

i and 3' is the distribution coefficient of cell k to node i. to be non-negative. From the definitions (14) it is obvi-

The different schemes are distinguished in the way these ous that the coefficients aij are non-negative, so the N-

distribution coefficients are determined. Below, three im- scheme is a positive scheme. From equation (13) and (15)
portant schemes are discussed, the N-scheme, the LDA- it is clear that the N-scheme is also a linear scheme and

scheme and the PSI-scheme. therefore only first order accurate.

N-scheme : The Narrow scheme (N-scheme, Roe, 1986) LDA-scheme : The Low Diffusion A (LDA) scheme is a
is the most optimal first order scheme in terms of cross linear second order scheme and consequently not positive.
wind diffusion. It is based on the quadrilateral finite The distribution to the three nodes of the triangle is given
difference scheme of Rice and Schnipke [3] and is derived by:
in [4]. For the scalar case two possible configurations can DLDA = LDA k f

be distinguished, the one-target case and the two-target = =t T T (16)

case. S k+

2
For problems without discontinuities this scheme can be
used, giving very accurate results. However for the appli-

U_ cations in this work it is absolutely inappropriate for the
------ adiscretization of the hyperbolic part, because of the pres-

ence of strong shocks. It will be used for the discretization
>of the axisymmetric source term, see section 3.2.

PSI- or Limited N-scheme : To combine monotonic
discontinuity capturing and second order accuracy the
discretization must be non-linear, even for linear prob-
lems. One of the earlier attempts is the Positive Stream-

Fig. 2 : One-target case: 3= T, N = 0 wise Invariant (PSI) scheme, for which the following for-
mula holds:

In the one-target case, see figure 2, only one of the param-
eters ki, see equation (11), is positive and the whole cell PPS= maT. (17)
residual is sent to this particular node. In the two-target =--j max(0, 'D (17)
case, see figure 3, two ki's are positive. The advection max(0, 47'x)

vector A is split into two components along the cell faces,
see figure 3. The subresiduals sent to the two downstream More recently Sidilkover and Roe [15] observed that a
nodes are then computed using the component of A which non-linear positive scheme can be obtained from the N-

scheme by apglying a limiter function to the distribution
points towards the particular node. coefficients jif , i.e.:

3 ~13 = P 13N)(18)

where 1P is a limiter function with the following properties

I <X2 e .r)+ +*1-r)--1

T 2(r) > 0
r

2
* P(r) < M, r -+ cc, M bounded

Fig. 3: Two-target case: = 0, @2 = k 2 (ul - u2),
N= k 3 (Ul - U3) If the minmod limiter is chosen, IF(r) =

max(0, min(r, 1)), the result is exactly the same as
the PSI-scheme (17). In case there are more than two
targets the expression for the minmod limiter generalizes

Both situations can be caught in one general formula: to
f•=lffT k+uin-U),u E •ki-u, /j•,m max(0, OýN)

C =Qk+(ui. -ui) = Zkut (13) /3' Zmax(0, D) (19)
k7

where This generalization is needed for scalar advection prob-
lems in three space dimensions and also for the non-linear

ki 2 ii, k+ = max(0, ki), k- = min(0, ki). system schemes.
(14)

If the expression for Uin is plugged into equation (13) the 3.1.2 Coupled Hyperbolic System
result is:

k± kThe key to a robust discretization for hypersonic prob-
-N -- (Uj - U0. (15) lems developed in this project, was the extension of

j E kk the scalar schemes to hyperbolic systems with non-

k commuting Jacobians [16]. Consider the system of equa-
tions in two space dimensions given by

c~ii

This is exactly the form which Jameson [14] uses for defin- oW ow ow
ing his Local Extremum Diminishing (LED) property. He + Aw + B5 =, (20)
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where Aw and Bw are the Jacobian matrices in x- and Here l'k is the kth row of Li. For a general non-
y-direction respectively. The extension of the scalar pa- commuting system equations (27) and (28) can be ap-
rameters ki are the matrices Ki: plied as well, but the 34v's do not sum up to I any more.

This can be overcome by introducing the following form

1= (Awfx + Bwfy) . ii = RiAiLi, (21) for 7 (29)•N= RIDiL, + /3corr. (29)

where the columns of Ri contain the right eigenvectors, The 3oprr must satisfy the following requirements:
Ai is a diagonal matrix of the eigenvalues and Li = R71.
As system (20) is hyperbolic, the matrices Ri, Ai and Li * /JV½T = 0, i = 1, 2, 3

will be real. In analogy to the scalar case, the matrices
Kt and K7 have been defined. They are given by * S r = I - 5 RD 3 L

Kt = RiA t L,, 1s7 = RiA7Li. (22)
These equations are not sufficient to determine /3p°rr com-

Here A+ contains the positive and A- the negative eigen- pletely, but they are used as constraints in a minimization

values, A" = . With these definitions the linear problem for the L2 norm of the elements of/3Iorr. Because
s 2 of symmetry reasons the solution of this problem is veryscalar schemes, N-scheme and LDA-scheme, can easily sipeThrsuti:

be extended to systems. For the non-linear PSI-scheme simple. The results is:
there are several possibilities, but unfortunately none of
them works satisfactory yet. i(30)

=RiDiLi + i I-SR, 1 D1 L3 ) 30
System N-scheme : The residual vector sent to node i J
for the system N-scheme is given by It can be proven that if the system (20) is symmetrizable

N = N (as is the case for the Euler equations), the eigenvalues
S= J3bN'T = K+ (Wi• - Wi), (23) of /31 are real. The form (30) obeys the one-dimensional

whe/3 is now a matrix and the state W is defined limit, it returns to the scalar scheme if the system is
where 0(partially) decoupled, it gives the correct expression if a
as - system is diagonalizable and it is continuous. In practice

(r. "C- ~ \ (24 however, it suffers from severe convergence problems, al-
though the results are monotonic. Furthermore the eigen-

\, / J values and eigenvectors of .37 are needed to apply the

It can be shown [17] that this scheme is positive and limiter formula (26). As this eigenvector decomposition
energy stable. cannot be done analytically, it is done numerically with

the EISPACK routine rg. This is a very stable, but also
System LDA-scheme : The distribution to the nodes expensive routine, which makes the scheme quite costly.

of the system LDA-scheme is The convergence problems with the limited matrix
scheme (see section 5) show that the optimal form of

A DA(s 1 (25) /3N has not been found yet and this is a topic of current
( /LDA 3LDA'bT = K+ K T. (25) research.

Again this is a linear second order scheme, so it is not 3.2 Discretization of the Source Term
positive. In the quasi-linear form of the axisymmetric Euler equa-

tions (8) there is the source term S' which must be dis-
System PSI-scheme : The general scalar limiting for- tributed. As the method described in the previous section
mula (19) can be extended to matrices. The result is: uses the integral form of the equations, Sc is integrated

over a triangle with a numerical integration rule and dis-
'31m N --1Ntributed to the nodes. To avoid the singularity at r = 0,

pim = (Y N+ /3N+, (26) see equation (4), a one point integration rule in the cen-

troid is applied and the system LDA-scheme is used for
the distribution. So the overall discretization becomes:

where O3N+ is the matrix with only the positive eigen- -1
values of /37. The problem is that /3O is not uniquely + K,
defined, because for a system with n coupled equations c convective + 3 SITSc, (31)

equation (23) only gives n equations for n2 elements of
/3N. A first attempt is a diagonal matrix, but it can where o t is t
be shown that this expression is not correct in the one- convec ive hd rix .ioofA U.-r,
dimensional limit. Therefore the following is done. OT is the area of the triangle and Sc is computed in
If it is possible to decouple system (20), i.e. the matrices the centroid using linear variation of the Roe parameter

vector Z, see section 3.3. Although the source term is
are all the same, the expression for the /37 is easily distributed with a non-monotonic scheme this does not

determined from a transformation to characteristic vari- change the monotonicity of the overall discretization, for
ables and back. The result is: S' does not contain any derivatives.

O3N-= Ri DiLi, Di = diag (di 1, di2,...di, (27)

where the diagonal elements d 'k of A are given by: 3 Conservative Linearization
The distribution schemes are based on the quasi-linear

d _k -- k• (28) form of the equations. To capture the discontinuities withlik - (DT the correct jump relations the conservative form must be
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solved. The link between the two formulations is the which results from the spatial discretization. In equa-
conservative linearization and a detailed description can tion (36) the mass matrix is lumped and therefore only
be found in [18]. A more general approach, with the same first order accuracy in time can be achieved, even with
result for triangles and tetrahedra, is given here, higher order methods. For our purposes this is no prob-
If the convective fluxes of the conservative form (1) and lem, because we are only interested in steady state prob-
the corresponding terms of the quasi-linear form (8) are lems. If time accurate problems are considered this mass
integrated over a control volume, with the assumption matrix should be taken into account, which gives rise to a
of constant Jacobian matrices Av and By per cell, and linear system of equations even for an explicit time inte-
both expressions are required to be equal, the following grator. First the sequential algorithm will be explained,
conservation constraint is obtained: section 4.1, then the parallelization technique will be dis-

j (FI' + Gear). iidF - cussed in section 4.2.pr (32)

(Av W) L + By (V7) r. i4 Vddr. 4.1 The Sequential Algorithm

Jr As time accuracy is not important, the backward Euler

Here V is an arbitrary set of independent variables, V a method is used to integrate equation (36). This results
cell averaged state of V, F the edge of the control volume in the non-linear system for the state on time t = t'+1
and d the unit inward or outward normal. The Jacobian
matrices Av and Bv are given by: U'+l _ Un

aEC 9Gc RES (U-+'), (37)
Av - By = G- (33) At

The degrees of freedom are the choice of the set of vari- where At indicates the local time step. The RHS of equa-

ables V and the integration rule of the fluxes in the LHS tion (37) is approximated using a Newton linearization,
of equation (32). Because of the distribution schemes, which leads to the following linear system for the update

the contour integral in the RHS of this equation must be AU = Un+' - Un:

integrated with the trapezium rule. This approximation R ur
is the same as assuming that the set of variables V varies [I aRES (

linearly along the edges of the control volume. At - 9 / AU = RES (UU). (38)

For the Euler equations the Roe parameter vector Z turns
out to be a good choice for the variables V. For 2D and JF

axisymmetric problems Z is defined as Here JF is the augmented Jacobian. This loop is re-

/ peated in time until convergence. For a computationallyZ = 'flu (34) complex residual expression, as is the case for the spa-
VP "tial discretization technique of section 3, computing the

vZ-pIH (34) comple mreid xRES
H-Jacobian matrix a analytically becomes untractable.

Because of this particular choice the fluxes FC and GC An alternative to the analytic computation is a numerical

are quadratic expressions in Z and therefore the Jacobian evaluation of the Jacobian. Truncating the Taylor expan-

matrices Az and Bz are linear in the elements of Z. It sion of RESi(Uj + eým1m) (the nodal residual at node i

is this property that makes the linearization with the mth component of U at node j perturbed by a

small quantity em) to the first order terms, one has:Z (Z1 + Z2 + Z3), (35)
3[RESi(U) RESi(Uj + 1ml1) - RESi(U,)

where the subscripts refer to the numbers of the vertices, [ (Uj R- U3  em
conservative for triangles in combination with the Simp- m
son integration rule for the fluxes. It should be noted (39)
that for a general conservation law it might be difficult Because of the compact stencil of the discretization, this
to find a simple expression for the cell averaged state. numerical computation of the Jacobian requires only 12

additional evaluations of the cell residuals [19]. The con-
vergence depends on the value of em and the following

3.4 Discretization of the Diffusive Terms expression has been used for the derivative with respectto the mth component of U:

For the discretization of the diffusive terms two ap-

proaches can be considered [10]: (1) a central (Galerkin) e, = c sign(Um) max (JUr, 10-3) (40)
discretization and (2) a residual-based approach. The
latter is more consistent with the discretization of the
convective terms, but it requires a larger stencil than whe siantU c is 1 for positive and is fo ti e
the former, which uses the same stencil as the convective The c onstant .is cause s fied value s of theorder i0-s to 10-l°. Because of these small values of the
part. As the narrowness of the stencil is very important disturbances it is important that all computations are
for both the implicit and parallel algorithm, the standard dist ub le pteision.ant was all found inssary
Galerkin Finite Element discretization for second order done in double precision. It was also found necessary todiffsiv tems ws ued n ths wrk.use the dimensionless form of the equations to minimizediffusive term s was used in this work.er o s c u d by fnt ai h m i .errors caused by finite arithmetic.

The linear system (38) is iteratively solved with GM-

4 THE PARALLEL IMPLICIT TEM- RES [20] with left preconditioning:

PORAL DISCRETIZATION JFIJFAU = J71RES(U-) (41)

In this section a parallel implicit algorithm is explained
for the integration in time of the ordinary set of differen- where JF is the preconditioning matrix. All the obtained
tial equations results have been computed using a block incomplete fac-

dU torization of JF with zero fill in (ILU(O)) as precondi-
- RES (U), (36) tioner (with block size 4 x 4).
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4.2 The Parallel Algorithm Only the inversion of the ILU(O) preconditioner JF is an
inherently recursive and thus a sequential operation (a

The parallel implicit algorithm consists of three parts: lower and an upper sweep across the vertices). However
(1) domain decomposition, (2) parallel preconditioners this preconditioner is only used in equation (41) to speed
to solve the linear system (41), and (3) the handling of up the convergence of the GMRES and it is allowed to
the communication, section 4.2.3. use different preconditioners. One of the advantages of

the VOD partitioning over the element oriented decom-

4.2.1 Domain Decomposition position (EOD, separation between subdomains occurs at
the node-level) lies in the construction of a parallel pre-

As we are dealing with unstructured grids, the grid is conditioner. This can be obtained by first ignoring the
decomposed in as many subdomains as there are proces- interdomain connections and then performing an ILU(O)
sors. At the moment Chaco' [21] is used for this purpose factorization of each submatrix corresponding to a sub-
(with the limitation that the number of subdomains must domain. By neglecting the interdomain connections the
be 2n). It uses a connected graph made of vertices to be efficiency of the preconditioner is expected to-decrease as
spread over a set of separated subdomains. In the vertex the number of processors (subdomains) increases. How-
oriented decomposition (VOD) case, see figure 4, the ver- ever the linear system (41) itself is solved over the entire
tices of the graph are the vertices of the grid. As a result, domain and the convergence in number of Newton iter-

ations is independent of the number of processors if this
system is solved to machine accuracy (which takes more
GMRES iterations for an increasing number of subdo-

"a mains). However in practice equation (41) is not solved
to machine accuracy and the parallel convergence histo-
ries will (only slightly) differ from the sequential one.

P1 P24

4.2.3 Communications

The message passing library MPI [22] is used to handle
the communications. As this library runs on most of the

ac parallel machines available, the code is highly portable,

ki j2 e.g. it has been used on a Cray T3D of the University

S k2 of Edinburgh [23], on a DEC-a cluster of the VKI and
on the IBM SP2 of the University of Leuven. The un-

Fig. 4 : VOD, Close-up of the overlapping stripe and re- derlying data structure information consists of the arrays

spective mapping onto processors, internal (solid CommSend and CommRecv. The first array lists the

circles) and external (dashed circles) nodes. (local) internal node numbers whose values have to be
sent to other partitions while the second one lists the
(local) external nodes whose values must be overwrit-

the separation between neighbouring partitions occurs at ten. For as long as the array Comm send(P,i) in parti-
the edge-level. If overlapping of neighbouring partitions tion Q mirrors exactly (as for the ordering (i)) the array
is performed (effectively half a layer of ghost cells, for CommRecv(Q,i) in partition P, and conversely, there is
cell b is stored on two processors), any computational no need to keep .track of mapping information from/to
task can be carried out in the same way as in the sequen- local numbering in a partition to/from global ordering in
tial code, provided that nodes on the outer boundaries of the original mesh. Communication is achieved through
each domain have been properly updated. non-blocking send primitives MPI Isend0 and blocking
A closer look at the three cells a, b and c of figure 4 shows receive primitives MPIRecvo.
two different types of vertices in the overlapped stripe of
cells:
Nodes ii, k, in partition 1 and node j2 in partition 2 5 NUMERICAL RESULTS
are internal nodes. Since they are surrounded, in each
of their partition, by their complete set of triangles, the
nodal residual as well as all entries of the Jacobian ma- In this section results are presented for the flow around
trix are correctly computed. This means that the matrix a hyperboloid flare under three different free stream con-
vector operations, needed in the GMRES part, will be ditions. These testcases are the RWG condition 1 case,
consistent in these nodes, the H2K case and the LTB case, proposed on the oc-

Node j, in partition 1 and nodes i2, k2 in partition 2 are casion of two recent ESA workshops on hypersonic flow
external nodes. Since their set of surrounding triangles is computation, see [24, 25].
incomplete (with respect to the original grid), the nodal Detailed comparisons of the solutions with a reference
residuals and the Jacobian matrix are incorrect. There- standard finite volume solver on quadrilateral grids (the
fore after every iteration the state vector in these nodes VKI Multiblock code VKI-MB) are given. The results
are overwritten by the values of their corresponding coun- with the reference solver VKI-MB were thoroughly com-
terparts on a different processor. This of course requires pared with other solvers during the ESA workshops and
communication between the processors. turned out to be of very high quality [1, 2]. Therefore

the new code can be considered to be well validated.
Convergence histories and CPU times on four and eight

4.2.2 Parallel Preconditioners processors are shown. Newton convergence is obtained

Most of the operations in the spatial and temporal dis- for the first order scheme, while robustness problems ex-
cretization (residual and Jacobian evaluations, matrix ist with the second order scheme (as with the standard
vector operations in GMRES) require a compact compu- solver), giving a reduction of the residual of about two
tational molecule and lend themselves for parallelization. orders starting from the first order solution. Speedups

are given for the first order scheme, as it is the worst
with spectral partitioning (Lanczos method with selective or- case for speedups: the communication is the same as for

thogonalization at left end only), no local refinement, the second order scheme, while the computation time is
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M.o 6.73
T7. -5-9.6-5K
T. 310 K

Re. /m 3.50 . 106/i-
L 0.05924 mn

Table 1 : Flow conditions for the RWG condition 1 test

case

lower.
In all cases the grid is a 400 x 100 triangulated structured
grid, taken from [2]. The stretching in the boundary layer •

of the H2K grid is lower than for the other two cases,
which use the same grid. A coarsened version is shown

in figure 5. In the decomposition of the grid into 4 and Fig. 7 Decomposition in eight subdomains (400 x 100
8 subdomains, figures 6 and 7, it is seen that CHACO meshpoints).
partially cuts parallel to the solid wall in the boundary

layer. This might cause problems if interdomain connec-

tions are neglected, but for the solver presented in this initial solution using grid sequencing is created : starting
work this is not the case, because these connections are from free stream values imposed on all meshpoints on the
nnlv neglerted in the nreconditioner. 200 x 50 mesh, 1500 to 2500 (depending on the testcase)

forward Euler explicit time steps with a CFL number of
0.7 are carried out, such that the bow shock is in posi-

0.060 'tion, but the solution is far from converged. Then the
implicit solver is started with an increasing CFL num-

0.050 ber per iteration and the solution is interpolated to the

fine mesh (400 x 100). From the converged first order
solution on the finest mesh (obtained with the implicit
solver), the second order implicit solver is started, again

E with an increasing CFL strategy. The CFL strategy is

-0.030 - defined as follows

CFL'+1 = max(aCFL , CFLmax). (42)
0.020

The values of CFL1 , CFLmax and a are parameters which
0.010 must be selected by the user. In all cases we used:

CFL1 = 1, CFLmax = 106 and a = 2 for the first or-
der scheme and CFL1 = 1, CFLmax 1000 and a = 1.2

0.000 0.010 0.020 0.030 0.040 0.050 0.060 0070 for the second order scheme. Furthermore the Jacobians

X[m] of the first order scheme are used for the second order
scheme, because these are much better conditioned (and

Fig. 5 Triangulated 100 x 25 grid (Real grid is 400 x 100). much cheaper to compute). The stopping criterion for the
GMRES solver was either a residual drop of six orders of
magnitude, or the maximum Krylov subspace dimension
(set to 30 in all calculations), whichever occurred first.
The Mach number isolines and Cp isolines of the second
order PSI scheme can be found in the figures 8 to 9. It
is clear that the Mach number is smooth, but the pres-
sure solution shows some wiggles. The probable cause

of this is the distribution of the axi-symmetric source
terms. A comparison of the first order N- and second or-

der PSI-scheme with the standard Finite Volume solver
(the VKI-MB code, based on Coquel and Lion's Hybrid
solver in combination with the Minmod limiter) on the

quadrilateral grid is given in the figures 10 and 11, both
for the skin friction coefficient and the Stanton number
distribution along the body as a function of the axial co-

K ordinate. The solutions of the second order PSI scheme
compare very well with the ones of the standard solver,
but the first order N scheme underpredicts the separation

Fig. 6 : Decomposition in four subdomains (400 x 100 region (which could be expected of course).

meshpoints). The convergence history for the first order scheme on four
and eight processors is shown in figure 12 both in terms
of number of iterations and CPU-time. It is clear that

full Newton convergence is reached after an initial phase

5.1 RWG Condition 1 Test Case of 15 iterations (20 iterations in total), and that the con-
vergence behaviour is virtually independent (at least for

This test case is the low Reynolds number case for the four and eight processors) of the number of subdomains.
hyperboloid flare of the MSTP Workshop 1996 [25]. The A speed up of about 1.95 for the computation on eight
flow conditions are given in table 1. A robust procedure processors is obtained compared to the computation on

for doing the computation is the following : First, an four processors. The ideal speed up of 2 is not reached be-
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cause of the relative increase in communication time for
1% order N scheme

an increasing number of processors and load imbalance: ----- 2' order F Slscheme

Although the subdomains have almost the same number 0.04 .re ' sc•e• e

of cells, the treatment of the boundary conditions is not
taken into account in the decomposition. As the center-
line boundary with its layer of ghost cells is computation-
ally more expensive than the other boundary conditions,
the subdomain which shares the centerline has more work 0.o ' 02

to do per iteration than the other subdomains. The per-
centage of this extra work increases when the number of
processors increases (size of the subdomains decrease) if 0.01 -,,. _

the centerline boundary is still in one subdomain as in
our case. The convergence history for the second order 0.00o\ --
scheme (on four processors, with first order Jacobians
and the first order solution as initial solution, with the ....
increasing CFL strategy) is very irregular and stalls after 0.0 0.2 0.4 o.e 0.8 1.0 1.2
two orders of magnitude, figure 13 .. Note that the num- XJL,
ber of iterations (100) is about five times as high as for
the first order scheme, before the plateau is reached. Fig. 10 : Skin friction coefficients for the RWG condition
Figure 13 shows the total CPU-time on 4 processors, 1 test case for 3 different solutions
needed to obtain the second order solution starting from
a uniform flowfield on the 200 x 50 mesh. Tis CPU time
is about 2.5 hours. 0 .025 . . . . . . . . . . . . . . .

- 1 order N scheme
- 2' order F S1 scheme

.0.020 2 order scheme

0.060

0.050 0.015

0.040
0.010

>0.030

detail nose region000 ___0.005

0.020

0.010 ~ ~~~~0.000 . . . . . . . .. .
0.010 0.0 0.2 0.4 0.6 0.8 1.0 1.2

LU]X/L, 0,

0.000 . . . I .... .. .. .
0.000 0,010 0.020 0.030 0.040 0.050 0.060 0.070X[m] Fig. 11 :Stanton numbers for the RWG condition 1 test

case for 3 different solutions

Fig. 8 : Mach number isolines for the RWG condition 1
test case for the second order PSI-scheme. Min.

0.0, Max. 6.73, Step = 0.2 .........

0.060 "

0.050 .'-, °, - -

0.040
Fig. 12 : L2 norm of the density residual of the first or-

E der N scheme as a function of the number of
0.030 iterations and the CPU time on four and eight

deilprocessors for the RWG condition 1 test case

0.020

0.010 5.2 H2K Test Case
The H2K test case is the low Reynolds number condition

0.000 of the 3 rd test case of the 4 1h EHVDB workshop [24]. The
0.000 0.010 0.020 0.030 0.040 0.050 0.060 0.070

X[m] flow conditions are given in table 2. The creation of theinitial solution, the CFL strategy and the parameters for

Fig. 9 : Cp isolines for the RWG condition 1 test case for the GMRES are exactly the same as for the previous test
the second order PSI-scheme. Min. = 0.0, Max. case, showing the robustness of the approach.
the1.79, Step od 0.05 The results can be found in the figures 14 to 21. Due

to the lower Reynolds number the bow shock is smeared

over 8 cells, figure 14 and 15, and the pressure isolines for
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0.060

-6,o 0.050

cv 0.040
-6.5

>_ 
0 .0 3 0

-7.0 detail nose region-7.0

0.020

50 100 150 200 7
# iterations

0.000 I.., I , , I , , I....I -
0.000 0.010 0.020 0.030 0.040 0.050 0.060 0.070

Fig. 13 : L2 norm of the density residual of the second or- 0.m]

der PSI scheme as a function of the number of X[m]

iterations on four processors for the RWG con- Fig. 14 Mach number isolines for the H2K test case for
dition 1 test case the first order N scheme.

Mýo 8.70 Min. = 0.0, Max. 8.70, Step = 0.2
T.o 72.69 K

Re.o/m 6.25 • 105/m

L 0.05924 m 0.060

0.050

Table 2 Flow conditions for the H2K test case

0.040

0.030
the second order scheme, figure 17, are much smoother detail nose region
than in the previous case. Only in the nose region some
wiggles can be seen. 0.020

Comparison of the skin friction coefficient, figure 18, and
Stanton number, figure 19, with a standard solver on 0.010
quadrilaterals again show that the solutions of both sec-
ond order schemes are almost identical. The solution of 0.o0........... .....
the first order N scheme is much closer to the second 0.000 0.010 0.020 0.030 0.040 0.050 0.060 0.070
order solutions than for the other two cases. X[m]
The speed up of the computation on eight processors
compared to four is again about 1.95, figure 20a, as ex- Fig. 15 :Mach number isolines for the H2K test case for
plained before (the decompositions of the grids are iden- the second order PSI scheme. Min. = 0.0, Max.
tical). The convergence of the second order scheme is = 8.70, Step = 0.2
seen in figure 21 and a comparison with the convergence
histories of the second order scheme of the previous and
next test case, figures 13 and 26, shows that this test from the restart of the first order solution, see figure 26.
case is much easier to converge than the other two: only This time, about 200 iterations are needed to reach the
60 iterations are needed to reach the plateau (compared plateau at 2 orders of residual reduction. The total CPU
to 100 in the previous testcase). The reason for this is time on 4 processors was about 2.5 hours, figure 25b.
the much lower Reynolds number in the H2K conditions.
The total CPU time for this computation is less than 2
hours on the 4 processor SP2, figure 20b. 6 CONCLUSIONS AND FUTURE

WORK
5.3 LTB Test Case

An efficient and robust parallel flow solver for axisym-
The LTB test case is the hih Reynolds number condition metric hypersonic flows has been developed, capable of
of the 3 rd test case of the 4' EHVDB workshop [24]. The producing accurate results for typical configurations in
free stream conditions can be found in table 3. Again the about 1 to 1.5 hours CPU time on an 8-processor IBM
initial solution was created in the same way as before and SP2, a commonly available departmental computer.
nothing was changed for the CFL strategy and GMRES The spatial discretization uses newly developed multidi-
parameters. mensional monotonic matrix distribution schemes on a
Mach number isolines for the second order solution are triangular grid for the inviscid part of the equations and
plotted in figure 22. Skin friction coefficients, figure 23, the Galerkin finite element method for the viscous fluxes.
and Stanton numbers, figure 24, compare well, the con- This leads to a non-linear set of algebraic equations which
vergence in number of iterations is almost the same for is iteratively solved by means of a backward Euler time
four and eight processors, figure 25, the speed up is again integration method in combination with block-ILU pre-
about 1.95, figure 25, and the second order scheme (with conditioned GMRES for the linear systems. Because of
first order Jacobians) converges 2 orders of magnitude the complexity of the spatial discretization the neces-



2B-10

~~~~~~~~~0 .08 •. . . . . . . . . . . . . .

0.060 1%,order N scheme
-.-- 2'2 order PSscheme

2' order F scheme

0.050 00

0.040

> " 0.030 0.04

detail nose region

0.0200.2____ 0.02

0.010

0.0003 0.00 1 . . . . . . . . . . . . .

0.000 0.010 0.020 0.000 0.040 0.050 0.060 0.070 0.0 0.2 0.4 0.6 0.8 1.0 1.2

X[m] X/L,

Fig. 16 Cp isolines for the H2K test case for the first Fig. 19 Stanton numbers for the 112K test case for 3
order N scheme. different solutions
Min. 0.0, Max. 1.83, Step= 0.05

0.060

0.050

0.040

>0.030
detail nose region Fig. 20 L2 norm of the density residual of the first or-

0.020 der N scheme as a function of the number of
iterations and the CPU time on four and eight
processors for the 112K test case

0.010

0.000 . . . . . . . . . . . . .
0.000 0.010 0.020 0.030 0.040 0.050 0.060 0.070

X[m]

Fig. 17 Cp isolines for the H2K test case for the second -6.0

order PSI scheme. Min. = 0.0, Max. - 1.84,
Step = 0.05

-6.5

0.08 . .. . .- .... -7.0

S'order N scheme"�-.- 2' order P t1 scheme
2'' order F scheme

0.06 -7.5

20 40 60 80 100

# iterations

0.04 Fig. 21: L2 norm of the density residual of the second
order PSI scheme as a function of the number
of iterations on four processors for the 112K test

0.02 case

0.00 sary Jacobian matrix is computed by a finite difference
........ ...... .... method at the cost of 12 cell-residual evaluations, due to

0.0 0.2 0.4 0.6 0.8 1.0 1.2 the compactness of the spatial discretization.
X/LrW In order to achieve parallelization, the computational do-

main is divided into a set of subdomains, mapped onto
Fig. 18 : Skin friction coefficients for the H2K test case the processors. The problem is still solved across all par-

for 3 different solutions titions and irrespective of the number of subdomains, the
solution is exactly the same as the one of the sequential
algorithm. Vertex-oriented decomposition (VOD) natu-
rally leads to a parallel preconditioner, where interdo-
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M .o 6.83 0.025 . . . . . . .. . . . . . . .

-. 6.51- 1rder Nscheme
T 6772"' orderF SI scheme

Tw 310 K 2' order Vscheme

Re./m 7.0.- 10'/m 
0.020

L0.05924 m

0.015

Table 3 Flow conditions for the LTB test case

0.010

0.060 0.006_'

0.050
0.000 7.. .. . . .. ..

0.0 0.2 0.4 0.6 0.8 1.0 1.2

0.040 (X/Lre

0.030detail nose Fig. 24 Stanton numbers for the LTB test case for 3

different solutions
0.020

0.010 I

0.000 ....
0.000 0.010 0.020 0.030 0.040 0.050 0.060 0.070 ,

X[m]

Fig. 22 :Mach number isolines for the LTB test case for
the second order PSI scheme. Min. = 0.0, Max. ".... .

6.83, Step = 0.2

Fig. 25 L2 norm of the density residual of the first or-
der N scheme as a function of the number of

0.03 ......... ... . .... .. .... . .... iterations and the CPU time on four and eight

1%l'rderNschemeeih
2' order F scheme processors for the LTB test case

- 2' order F scheme

0.02

-6.0 ..

J -7.0

0.0 0.2 0.4 0.6 0.8 1.0 1.2

X/Lroi -7.5 - . . . . . ..

50 100 150 200

Fig. 23 : Skin friction coefficients for the LTB test case # iterations

for 3 different solutions
Fig. 26 : L2 norm of the density residual of the second

order PSI scheme as a function of the number
main connections are ignored. However it requires for of iterations on four processors for the LTB test
computational efficiency an effective overlap of half a cell case
with neighbouring domains. As the number of subdo-
mains increases, the preconditioner deteriorates, because
of the neglection of the interdomain connections and it ness problems and only converges two orders of magni-
can be expected that the convergence degrades with in- tude from a restart from the first order solution. Also
creasing number of processors. However, in the results the corresponding Jacobian matrix is ill-conditioned and
presented in this work this has not been observed, but consequently the Jacobian of the first order scheme had
only a maximum of eight processors have been used. to be used in the implicit time integrator. This inconsis-
The results of the first order scheme are better than stan- tency does not allow Newton convergence for the second
dard dimensionally split upwind finite volume schemes on order scheme. Also the relatively simple CFL strategy
quadrilaterals. The results of the second order scheme used in this work is capable of improvement, e.g. one
are comparable, although it is clear that the optimal for- could think of relating it to the norm of the residuals or
mulation of the non-linear matrix scheme has not been to the change in number of supersonic nodes (triggering
found yet. The one used in this work suffers from robust- the CFL number as soon as the bowshock is in position).



2B-12

The extension of the present algorithms to three- [11] L. Mesaros. Multi-dimensional Fluctuation Split-
dimensional grids composed of tetrahedra is straightfor- ting Schemes for the Euler Equations on Unstruc-
ward and requires no theoretical developments. Also the tured Grids. PhD thesis, The University of Michi-
implicit solution method can be used in 3D, although one gan, 1995.
could run into memory problems, because of the storage
of the full Jacobian matrix and the GMRES solver. [12] E. van der Weide and H. Deconinck. Fluctua-

tion Splitting Schemes for the Euler Equations on
Quadrilateral Grids. ICDF'95, Conference on Nu-
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1. SUMMARY
This lecture introduces to the aerothermodynamics of radiation- 2(1)
cooled surfaces of high-speed flight vehicles operating in the Q = p v (h. + _) [I/sm2 

= Wm2 ]
earth atmosphere at speeds below approximately 8 km/s. After 2

a discussion of the technical background of heat loads at
hypersonic flight, a simple analysis shows how the radiation- with 0- and -u- the free-stream density and speed, respect-
adiabatic temperature qualitatively depends on the local ively, and h_ the enthalpy of the free stream. The term in
boundary-layer properties. Computed examples illustrate the brackets is called the total enthalpy, which is composed of the
findings and show the implications of radiation cooling for the enthalpy of the undisturbed atmosphere and the kinetic energy
vehicle design. Scaling laws and non-convex effects are treated, of the vehicle. At hypersonic speed the total enthalpy is more
and the influence of radiation cooling on several surface or less proportional to the flight velocity squared.
phenomena is considered. Finally the need of a hot experimen-
tal technique is discussed and a possible integrated A considerable part of the heat transported towards the vehicle
aerothermodynamic design approach is sketched. is finally transported by diffusion mechanisms towards the

vehicle surface (Stanton number as a local measure). Depending
2. INTRODUCTION on the heat amount penetrating the surface and the heat
Surface radiation cooling can be considered as the basic cooling capacity of the structure below it, the surface will be heated up.
mode of high-speed vehicles operating in the earth atmosphere The surface temperature will be always that of the gas at the
at speeds below approximately 8 km/s (Ref. 1). At this condi- surface (apart from possible low density effects). If enough heat
tion, typical, for instance, of reentry flight from a low earth has entered the structure (function of flight time), the surface
orbit, emission and absorption processes in the air stream can will reach an upper temperature limit (finite heat capacity
be neglected. If, for whatsoever reason, radiation cooling is not assumed), the recovery (adiabatic) temperature. The surface is
sufficient, other (additional) cooling means, for instance then called an adiabatic surface. The recovery temperature is
ablation cooling, regenerative cooling etc. must be employed, somewhat smaller than the total temperature, but always of the
Usually this results in extra weight, enlarged systems complex- same order of magnitude. It serves as a conservatively esti-
ity, or non-reusability. mated wall-material temperature in the initial considerations of

the materials and structure concept.
Surface radiation cooling up to now did not receive very much
attention during the aerodynamic design of winged reentry Another conservatively estimated wall temperature is the
vehicles, because such vehicles in general are not drag critical, radiation-adiabatic temperature, if radiation-cooling is
It was more or less only a concern of the structural design. employed. This is the topic of this lecture. Depending some-
However, the study of airbreathing launch vehicles has shown what on the employed structures and materials concept, either
important couplings between the radiation-cooled surface, the cold primary strucure with thermal protection system (TPS), or

flow field, heat loads and the viscous drag, especially if the hot primary structure, the actual wall temperature during flight
surface-near flow is turbulent. Of course, also all thermo- is always near (below) the radiation-adiabatic temperature. In
chemical processes in the wall-near flow are affected. Fig. 1 all these aspects of heat loads are put together schemati-

cal . Recovery Radiation- l I W

Any future aero-assisted launch and/or reentry vehicle demands (adiabatic) adiabatic Walltomadriabaot ic temperatur

very good aerodynamic performance, and very accurate t temperaure

mechanical (pressure, skin friction) and heat loads predictions l p T

in order to reduce the launch costs to a substantial degree. Temperatures

Therefore it is necessary to understand, predict and verify heat
loads, especially the radiation-adiabatic temperature, to a high
degree of accuracy. HEAT LOADS

The term "heat loads" is used here in a very general way. It
covers

temperatures: T [K], Heat fluxes Accumulated heat

heat fluxes: heat transported through an unit area per /
unit time: q[J/sm

2 
= W/m

2
], Heat flux in Heat radiated Het flux Heat capaciy

the gas towards away from the into the wall of material tration depth

amounts of heat: H [J] . the wall Ogw surface %a qw

The heat transported per unit area and unit time towards a flight Fig. I Definition of heat loads
vehicle is

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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2. SURFACE RADIATION COOLING AS PRE- ',• _

REQUISITE FOR HYPERSONIC FLIGHT 1,..1 ,F.
It was already mentioned that the total enthalpy at hypersonic 30- \ .

flight is proportional to the flight velocity squared. This holds 0A9T, Al

also for the total temperature in a certain speed regime. If 20-
perfect gas behaviour can be assumed (,u. < 1 kmns), the total si I1 T- -

temperature T. is a function of only the total enthalpy, which - 01," . T --^-
can be expressed as function of the flight M ach num ber: -, A17^,.177- -. ..

o -_-
) 500 700 900 1100 1300 1500 17on 1900 T III

T= T- (1 + -_. Ml}" (2) Fig. 3 Materials and the temperature dependence of
2 J their specific tensile strength (with permission of

Dornier Luftfahrt)

The recovery temperature T, is then That indeed is accomplished by surface radiation cooling.
Surface radiation cooling is the most effective, and the most

( M2) often employed means to reduce heat loads at high-speed flight.
T. = T7 (1 + r 2-- (3) Of course it can be used only at outer surface portions, and not

in inlets, ducts, engines, nozzles, etc. If outer surface portions
look at each other, the cooling effect is reduced (non-convex

with r (0.8 < r < 1) the recovery factor, yI (= c1/c,) the ratio of effects). Radiation cooling permits fully reusable structures and
the specific heats, and M. the free-stream Mach number. At heat-protection systems with low-orbit reentry vehicles, and
velocities larger than 1 km/s real-gas effects play a role. The with sustained hypersonic flight vehicles, depending on the
temperature in thermal and chemical equilibrium becomes a structure and materials concept, up to possibly v, = 3 to 4
function of two variables, for instance of the enthalpy and of km/s (M, = 10 to 12).
the density. At velocities larger than 5 km/s non-equilibrium
effects play a role, complicating very much all considerations, The effect of radiation cooling during reentry is shown in Fig.
and leading even to other definitions of the temperature. For 4 for the HERMES vehicle. The computations were made with
deeper discussions the reader is referred to Ref. 2. For applica- a coupled Euler/second-order boundary-layer code, Ref. 5 (note
tions in the equilibrium range he finds for instance in Ref. 3 that for both the recovery temperature and the radiation-
state-surface approximations, which allow a fast estimation of adiabatic temperature a maximum of the wall temperature exists
thermodynamic and transport properties. at H = 65 km due to the density dependence of the temperature

mentioned in the introduction). Fig. 4 demonstrates that
Fig. 2 shows for illustration purposes the equilibrium total radiation cooling reduces the wall temperature by such a degree
temperature as function of flight velocity and altitude, Ref. 4. that present-day materials can cope with it. The U.S. Space
Indicated are the nominal flight points of the lower stage of the Shuttle and BURAN have cold primary structures (for instance
reference concept SANGER, of the X-30 (cruise) and the on an aluminium base), and fully reusable ceramic protection
Concorde. Also indicated is the lower flight regime of typical systems (tiles). This was planned also for the upper stage of
reentry vehicles. SANGER and for HERMES. For HERMES a CFC-nose cone

as hot primary structure (up to x = 1.4 m) was foreseen.
T. (K) 2000 4000 6000 0000 fully

1000 3000 6000 7000 9000 t aminor data point
flow

looalflow •,,R . ,lo,,,m~~o~ K
,lk-,). .... ,t

S-:' I .5 ... 10

ozon /, recovery temperature T,
layer ConcordeoE=O

50 -... mI

"Fig. 2 Total temperatures (and unit Reynolds numbers)

as overall heat-loads measure as function of 2oo00

speed and altitude for different vehicle classes(re 4)agradiation adiabatic wall(Ref. 4)ý 10ovr - -ntemperature T,0 (c = 0.85)

If now material properties, in this case the specific tensile 0) 4t 55 61) 76 [km]

strength, are considered, Fig. 3, it is seen at once, that even 0 I I I I

a0 15 2{ 25 4M 0

with the most advanced carbon materials hypersonic flight

would not be possible above speeds of v. =2 km/s (M.. = Fig. 4 Effect of radiation cooling at a given point on
6). The vehicle designer thus has to solve the problem of heat the lower symmetry line of HERMES (x = 1 m,
loads at hypersonic flight first of all by reducing them. a = 40°), laminar flow, equililbrium real-gas

model, at different trajectory points (M.,

altitude H), Ref. 6
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3. LOCAL ANALYSIS For the local analysis of the latter the simplest case without

For the following analysis (Refs. 7, 8, 9) it is assumed that the real-gas effects etc. is considered:
continuum approach is valid, albeit wall slip effects may occur
at high altitudes. Real gas effects of any kind are not particular-
ly regarded. The boundary-layer flow is considered to be qw = q8.+ qr + - 0 =

laminar, which is taken into account by the simplest possible (4)

model. A steady state is assumed throughout. = k + a 7, W W•

With regard to the surface heat radiation it is strictly assumed
that no absorption or emission of the radiation energy takes where k is the heat conductivity, E the emissivity coefficient,

place in the gas flow past the surface under consideration. The a the Stefan-Boltzmann constant (a = 5.6697 +/- 0.0029) •

heat is simply radiated away from the vehicle surface to 108 W/m2K4), and z the direction normal to the surface, Fig. 5.

infinity. This neglection of absorption and emission is justified
at velocities smaller than approximately 8 km/s, that is at LEO- A finite difference is introduced for the derivative of T, with A

reentry missions or atmospheric flight missions, Ref. 10. In being a characteristic length, and T, the recovery temperature of
addition it is assumed that no opposite surface portions of the the problem:
vehicle radiate or reflect radiation (non-convex effects), and
that other external heat radiation sources, like the sun, can be kT T
neglected. Tr=( r r-T, _ (5)

eo A eo A T

Another basic assumption is that locally one-dimensional
considerations can be made. This implies neglection of changes
of the thermal state of the gas flow and the vehicle surface in Assuming A to be the thickness of the thermal boundary layer
directions tangential to the vehicle surface at the location under &8. and T,. sufficiently small compared to T,, yields that (the

consideration. It implies further that the heat radiation is fourth power of) the radiation-adiabatic wall temperature is, to
directed away locally normal to the vehicle surface. begin with, inversely proportional to the (thermal) boundary-

layer thickness.
Three basic thermal situations at a vehicle surface can be
distinguished, Fig. 5: For the thermal boundary-layer thickness the lowest-order

ansatz (flat plate boundary layer, no dependency of &r (and 8)
a) T. is prescribed: the wall-heat flux q, is the conse- on T,) is made:

quence of the balance of the flux in the gas towards
the wall q., and the radiation flux qrd, T_ 1 1 (6)

b) q, is prescribed. The wall temperature T, is the X pe°- (Pr 0.)°'

consequence of the flux balance,

c) qý = 0 is prescribed: with qo = 0, the recovery where Pe., Pr, Re. are the Peclet number, the Prandtl number
temperature T. = Tr is defined; with finite qd, the and the Reynolds number, respectively.
radiation-adiabatic wall temperature T. = T. is the
consequence of the flux balance. Note, that for laminar flow the influence of T, ond 8 or

can be taken into account by assuming
z

P ,/P w- pjp s. (TJT,)
2

in the Reynolds number. For the adiabatic wall (T, = Tr) and
large Mach numbers, this leads to (see for instance Ref. 11):

r wa M -2 )
~' ~T _ (7)

XRe. 5
qW .

Fig. 5 Schematic of heat fluxes at a radiation cooled
wall, Ref 8, z is the direction normal to the Relation (6) could be refined in this way, however, for the
wall present analysis it is kept for the sake of clarity, and introduced

for A into eq. (5):
In design work the engineer is interested for instance in case a),
where a material temperature constraint tells him the cooling
requirements. On the other hand case c) gives the maximum keo-
(conservative) temperature to be expected locally. Without T4. - Pr0 3  1 T, (1 - --- ) , (8)
radiation this is the recovery temperature, with finite radiation ea (4L)4 L Tr
it is the radiation-adiabatic temperature, which is considered
here.
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with L the body length, and ReL = p-.v-L/pIJ. Table 1 Trends of the dependency of Tr,4 on the nose radii
and leading-edge sweep

Discussing eq. (8) in the extremes yields:

0 T• - Tri axisymmetric stagnation point 4R- ~ 1 / Xt•

"ReL - 0 Tr, - 0, (spherical nose)

2-D stagnation point F 2 [R- - 1 / f-f 4R
ReL - 00 Te - T. (cylinder)

L-O : T. -Tr, (9) swept stagnation line (laminar) ~2 -RI / cosy Vc-'' / v2",R

L~ 0 
swept cylinder

x/L-0 :T.- T,,
Tr - 0 T, - 0. Not surprisingly the fourth power of the radiation-adiabatic

temperature is like the cold-wall heat flux, Ref. 12, inversely
proportional to the square root of the radius and decreases at a

Assuming again T. to be small compared to T, relation (8) is leading edge with increasing sweep angle.
changed to:

A closer examination of the situation at attachment lines shows
0.5 that there due to the diverging flow pattern the boundary layerT-4 ~ k prO35Re 1 (10)

-'o (XrL) o L Tr (0 is thin compared to the boundary-layers in the vicinity, Fig. 6.
At separation lines the flow has a converging pattern and hence

the tendency is the other way around, Fig. 7.

The qualitative result of the analysis then is that the fourth o pattern of skin friction o A-reduction o Tm-increase
lines iry the vicinity of

power of the radiation-adiabatic wall temperature with laminar an attachment line
flow (schematically)

X2 X2 2

- is inversely proportional to some characteristic X

boundary-layer length (boundary-layer thickness), attachment line

is proportional to the recovery (total) temperature T,

- is proportional to ReL.5 (note that the recovery

temperature does not directly depend on the Reynolds
number), Fig. 6 Pattern of skin-friction lines in the vicinity of an

attachment line, A-reduction, Ta-increase (all
S is inversely proportional to the body length, schematically)

- falls with increasing running length of the boundary o pattern of skin friction o A-increase o Tra-reduction
lines in" the vicinity of

layer (xIL-)-", a separation line

- is proportional to the heat conductivity at the wall, 2 (schematically) 2 2

which, however could with k - Tbe regarded in the X X X

above relations. separation line Td-{ "

For two-dimensional flow and for not too strongly three- x
dimensional flow good correlations of the radiation-adiabatic

temperature are possible for laminar flow (see. Chapter 6). Fig. 7 Pattern of skin-friction lines in the vicinity of an

In vehicle design it is of course not only of interest how the separation line, A-increase, Ta,-reduction (all

radiation-adiabatic temperature behaves on more or less flat schematically)

surface portions. The behaviour at the vehicle nose and theleading edges is of particular interest, because on the one hand Consequently, the characteristic boundary-layer length A is
reduced at attachment lines, and one has to expect a rise of the

at a stagnation point and along attachment lines the boundary radiation-adiabatic temperature compared to that in the vicinity.
layer is very thin, and on the other hand nose and leading-edge Indeed, as will be shown in Chapter 4, a hot-spot situation
radii and leading-edge sweep govern the wave drag of the arises at attachment lines, whereas at separation lines the

configuration. opposites happens, i.e. a cold-spot situation ensues. The A

Assuming T. 4 
- 1/8, and that 8 is inversely proportional to the behaviour can be observed in boundary-layer calculations, Ref.

square root of the flow acceleration (S - 1/'l ,x x along 13. The mathematical proof, however, is lengthy and is not

surface), and this in turn is inversely proportional to the nose given here, neither in Ref. 13.

or leading edge radius, gives the general trends shown in Table With turbulent flow the radiation-adiabatic temperature behaves

1. qualitatively in the same way as with laminar flow. In Ref. 14

the following general relation is proposed for flat surfaces and

cones (compared to eq. (8) it takes the dependencies on the
local surface and boundary-layer edge data into account):
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Fig. 8 shows the effect at a given point on the configuration of
a hypersonic vehicle as function of the Mach number and the

k-, flight altitude, Ref. 4. The emissivity coefficient of the surface

T4 __ (was assumed to be e = 0.85. The data were computed with an8c T '1-( approximate method, Ref. 15. The radiation-adiabatic wall

1-n I temperature Tn, is found with q, = 0. At Mach numbers below
ReL 1 PeU,- T IvM_ = 2 the radiation-cooling effect is small, because the

L (x/L) pu-) ( - Reynolds numbers there are large and therefore the boundary
L Tlayers thin. With rising Mach number (and altitude) it becomes

larger. At M. = 5.6 the cooling effect amounts to nearly 350

Here the subscript "e" stands for "boundary-layer edge", T* and K compared to the recovery temperature, and nearly 450 K
* are functions of Eckert's reference enthalpy h* = 0.28 h o + compared to the total temperature. If for instance at M_ = 5.6

0.5 h. + 0.22 hk. The constants are n = 0.5 for laminar flow, n a wall temperature of 900 K is to be maintained, it can be

= 0.2 for turbulent flow, A = 0.332 (0.332 •13) for laminar achieved by radiation cooling. Without radiation cooling,
planar (conical) and A = 0.0296 (0.0296 (9/4)02) for turbulent however, a heat flux into the surface of q = 30 KW/m2 would

planar (conical) flow. This relation and the relations for stagna- be necessary.

tion-point regimes and (infinitely) swept leading edges are
presently in a verification process by means of numerical

investigations. "[Kw / I ¢ • • point •

Finally the reader is warned that relation (8) cannot be used to q. wit iatin

actually determine the radiation-adiabatic temperature. It shows 80I q without radiation

qualitatively dependencies and trends, which is important in
design work. It helps to explain phenomena seen in results of 40 K 21

computations and in flight data, Chapter 4. It leads to scaling

laws, Chapter 6, which sofar at least for laminar flow have 80
shown to be simple and robust tools for the use in design work 6
and for general considerations. 40

The discussed dependencies and trends are similar to those a

radiation adiabatic ~
which can be observed with cold-surface model tests in wind wall temperature'

tunnels. A relation similar to eqs. (5) and (8) (for laminar flow) (e = 0.85) 0 .0

describes the situation there: (ec 0.0r t Tr 0. ? 1

k (T total temperature To

q r11- J Fig. 8 Heat loads alleviation by radiation cooling
(1 (12) (e = 0.85), Ref 4, hypersonic aircraft (HYTEX

k PrO.5 ReO 1 (1 2-91), lower symmetry line of the forebody (x =
~ -T •L 5 m, ox = 5 , turbulentflow, vibration exitation,

(4lL)° L k'approximative method), at different trajectory

points (M_, altitude), q. is the heat flux into

The general behaviour is the same, however, with the important the wall (see Fig. 5)
difference, that T, is given, whereas in eq. (8) it is T. = T, ,
which is the unknown. In Chapter 3 the qualitative behaviour of the radiation-adiabatic

For both the cold surface and the radiation cooled surface the temperature in the vicinity of attachment and separation lines
state of the boundary layer - laminar or turbulent - will make was discussed. On a delta wing, like shown in Fig. 9, an
a big difference in q. and T,,, respectively. This is due to the additional effect occurs. The wall-near flow past surfaces with

fact, that with large temperature gradients changes in the heat heat transfer into the body, or away from it by radiation, is
conductivity of the boundary layer fluid - laminar or turbulent - non-isoenthalpic. At such attachment lines, however, flow with
will have a large effect, even if at the wall the heat conducti- the original total enthalpy is transported from the free-stream

vity is only the laminar one. At the adiabatic wall however, the towards the surface, Fig. 9.
temperature gradient goes to zero at the wall, hence the state of , I
the boundary will not affect strongly the recovery temperature, '.cut A.A

see Fig. 13 in Chapter 4. tertiary attach-
primaryment line (A.)

ecrlate econdary separation
Last not least it is noted, that the radiation-adiabatic tempera- A line (cs)

ture cannot be determined from measured cold-surface heat secondary attachment line (A,)

fluxes or Stanton numbers. This is due to the highly non-linear primary separation line (S,)
coupling of it to the boundary-layer thickness, which itself primary attachment line (A,

depends on the wall temperature, see relation (11).
Fig. 9 Topological structure (schematically) of delta

4. COMPUTED EXAMPLES wing flow (A: attachment line, S: separation

In the following several numerical examples are discussed and line): attachment flow transports original

analysed. First the effect of radiation cooling is demonstrated. enthalpy towards surface at A1, A2, A3.
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Therefore along an attachment line, which in the limit may ture is exceeded (which in this case is not critical).

resemble that on an infinitely swept wing, due to the diverging
flow pattern and the original total enthalpy, large radiation-
adiabatic wall temperatures compared to that of the adjacent
boundary layers will prevail. In the adjacent boundary layers
this temperature falls anyway with increasing running length,
eq. (5). This of course also affects the situation at separation
lines, where the temperature in main flow direction becomes
smaller, than in the adjacent boundary layers (Chaper 3).

Fig. 10 shows results from a solution of the Navier-Stokes
equations for laminar flow past a delta wing with leeside v
separation at M_ = 7.15, Refs. 16 and 17. All the features
discussed in Chapter 3 and above are present. Note especially
the skin-friction line topology at the windward side, where
between the two primary attachment lines the flow is nearly
two-dimensional. On the leeside the secondary attachment line
tapers off down-stream. The tertiary attachment line (schematic
see Fig. 9) of course also is a hot-spot line. The presence of a
fuselage, however, would change the leeside flow topology.

Fig. 11 Skin-friction lines and radiation heat fluxes on
. .the HERMES canopy, M_ = 10, a = 30,

Re-* = 1355000 m-, S = 0.85, Navier-Stokes
Solution, laminar flow (see Ref 18 for details)

Even at rather small flight Mach numbers the skin-friction line

'A! - kk pattern on a capsule can well be matched to the radiation-N ' adiabatic temperature, Fig. 12, Ref. 19. The rather complicated

a) - " topology is not reconstructed completely. Only some major
S,'_ ;attachment and separation lines are indicated. Because of the

Slow Reynolds number (Re, = 4.5 •l0), the radiation cooling
. -is very effective. At the separation lines ( Tý = 350 K, andI at the attachment line T = 450 K result, compared to the

total temperature T. 745 K.

.;Sk, 1ý r#lt, U -

Fig. 10 Hot-spot phenomena at attchment lines of a
delta wing with surface radiation cooling, a)
windward side, b) leeward side, Refs. 16 and 9k
17, M. = 7.15, Re = 5 105, L = 13 m, a =
15', P = 0.85 (right-hand sides: wall tempera-
tures (cold areas are dark), left-hand sides.
radiation heat fluxes)

On the leeward side of a spaceplane at large angle of attack the
boundary layer is thick and therefore radiation cooling is very
effective, leading to rather small wall temperatures. However,
one must avoid situations like that shown from a Navier-Stokes
study, in Fig. 11 (see Ref. 18 for details). If an attachment line Fig. 12a Naver-Stokes solution for the Viking shape (E)

lies on the canopy window, locally temperatures will become = 25) with M_ = 3, (X = 25, A = 35 km ,
very large. Fig. 11 indicates that either configurational, or angle = 0.85, Ref 19, skin-friction lines (a = attach-

of attack changes or even active cooling efforts, would be ment line, s = separation line)
necessary, if in such a situation the permissible wall tempera-
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2500

Tw [K]

2000 -

0i lamninar, perfect gas, E- 0
A turbulent, perfect gas, E - 0
+ laminar, real gas, E - 0

1500x turbulent, real gas, E 0

, laminar, real gas, E - 0.85
S turbulent, real gas, E - 0.85

0 H2K oonditions

ov- - - leeward side
1000 --

8 lO 500 --------- - _..-

a-•• 0o -..- : - -I--'

a) 0 0.1 02 0.3 04 0,5 0.6 0.7 0.8 09 1.0

xlL
Sof.f 10' -

4.0

Fig. 12b Naver-Stokes solution for the Viking shape (E__,,
= 25) with M_ =3, oa = 25, A = 35kim, E 3.0

= 0.85, Ref 19, radiation-adiabatic temperature
(a = attachment line, s = separation line)

2 .0-... . . .

Finally a Navier-Stokes solution for the SANGER forebody,
Ref. 20, shows that radiation cooling enhances very strongly the
influence of the boundary-layer state on the wall temperature
and the skin friction, Fig. 13. Without radiation cooling the 1.-

wall temperature (recovery temperature) is some thirty to forty
degrees larger for turbulent flow than for laminar flow, Fig.
13a. The transition location was chosen arbitrarily to lie at x/L 0
= 0.1. With radiation cooling the difference is about ten times b) 0 0o1 0.2 0.3 04 0.5 0.6 07 08 0.9 1 0
larger (see discussion at the end of Chapter 3) and hence the x/L
location of transition laminar-turbulent becomes much more
important. Note that real-gas effects at that Mach number also Fig. 13 Influence of the state of the boundary layer
play a role, at least in the case of no radiation cooling. Note (laminar/turbulent, real-gas effects, and radi-
further that ist is not known how reliable present-day turbulence ation cooling on a) wall temperature, b) skin
models are in such cases. The figure shows well that the radi- friction. Lower symmetry line of SANGER
ation-adiabatic temperature decreases with x/L for the laminar forebody, MX = 6.8, Re = 1.22 • 108, L =
as well as for the turbulent case in contrast to the recovery 55 m, a = 6°, Ref. 20

temperature.
In Fig. 13a also the computed radiation-adiabatic temperatures

Fig. 13b shows the influence of surface radiation cooling on the for the leeward side are indicated. The temperature for the
skin friction, which is low for the laminar case, but is large for turbulent case is approximately 270 K, and that for the laminar
the turbulent case. In this case, a skin-friction estimation based case approximately 90 K lower than on the windward side. This
on the recovery temperature would give values about 30 per will be discussed further in Chapter 6.
cent too low. This shows also that for drag minimization the
surface should be as hot as possible. For a typical cold hypersonic wind-tunnel situation, that in the

H2K at the DLR K61n-Porz, a computation has been performed
for the present case, Ref. 21. With the tunnel data at M_ = 6.8:
Re = 3 • 10', T= = 61 K and T, = 300 K (Fig. 13a) the
turbulent skin-friction shown in Fig. 13b is two times larger

than that for the radiation-cooled flight case, with a much
steeper slope, which partly is due to the smaller Reynolds

number.
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The large influence of the state of the boundary layer - lamninar 5. NON-CONVEX EFFECTS
or turbulent - on the wall temperature and on the skin friction Up to now radiation cooling on completely convex sufaces was
for the radiation-cooled wall, compared to that in the case of considered. On real configurations surfaces may look partly at
the adiabatic wall poses very large problems in vehicle design. each other, which reduces the cooling effect. In the extreme, in
The transition location is very important in view of the thermal an inlet, a RAM combuster ctc., no radiation cooling is possible
loads, especially if a hot primary structure is foreseen. On the at all. In the following the reduction of radiation cooling due to
other hand the prediction and verification of the viscous drag non-convex effects, which appear at wing roots, fin roots and
is affected strongly, if the vehicle, typically for airbreathers, is the like, is treated following Ref. 25.
drag critical. Fig. 13b demonstrates that with presentday wind-
tunnel techniques the skin friction cannot be found with the Consider the situation shown in Fig. 15.
needed degree of reliability and accuracy.
That the spreading of the radiation -adiabatic temperature with
transition laminar-turbulent in reality happens, can be seen fromfi
Space Shuttle data, Fig. 14, Ref. 22.

1800 2.0r2

T,[K) 94. 015.7 CP M.. 7 15.

1100 ___ lt656 km .0

a 42'
4M00 0.0-

14007 2.0fueae0

M 7.74 M..-7.74sufc

kmt 1 45.0k

a=32.9*
400 -0.0-

A23T2
1400 - . - 5.22 2. -. 52 Fig. 15 Schematic of non-convex effects in radiation cooling
9Malt = 36.4 km at a generic fin configuration, after Ref. 25

The rate of energy Q,1 radiated from A. and acting on A, is
00 0.3 0.6 0 0.0 013 0.6 029

0.006 eo~ 7ý C3OS Os6
C, M, -15.7 Q2 I = ea JJ 2 21CS2 dAld42  (3

0.0

M_.07.0 The surface element A, absorbs the heat flux

0.003 r _ qb -e 2AI(14)

0.0

Note that the absorption coefficient is equal to the emission
0.000 coefficient.

M.- 5.22

0.003 L With the heat flux emitted from A,

OS O q1,11 = E (7 (15)

Fig. 14 US Space Shuttle flight STS-2, computed data, Ref.
22, and flight data, Refs. 23, 24: a) radiation- a balance can be made for A,:
adiabatic wall temperature, b) pressure coeffiicient, c)
skin-friction coefficient, transition location from flight Aq, = ql,,m + q,,b = e; (a 7.. - (J.)/A) (16)
data, c = 0.85; M_ = 15.7: ---- fully catalytic wall,
- -- - non-catalytic wall, -- partially catalytic wall;

M_= 7.14 and 5.22: ---- fully turbulent, ---- fully With this a fictitious emission coefficient F, is defined:
laminar, -- with transition; all: o flight data

In Fig. 14a, despite the scatter of the flight data for M, 7.14, Ef = Aq1 / (j Tj4) (17)

the same behaviour of the radiation- adiabatic wall temperature,
measured and computed, is present as in Fig. 13a (the laminar To apply it, an influence matrix for the whole discretized

M_=15.7 data are included for comparison). Fig. 14c shows configuration surface has to be computed, taking into account
the spreading in the skin friction, whereas the surface pressure the sight lines between the individual surface elements. Because
coefficient, Fig. 14b, is not affected. Unfortunately flight data the radiation-cooling effect depends (locally) on the boundary-
are not available to compare with these results. For a detailed layer thickness, and this in turn on the temperature of the wall
discussion see Ref. 22. and the wall-near flow, the fictitious emission coefficient must
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be determined iteratively. This can easily be done in Navier- edge by up to 30 K. A closer examination showed, that this
Stokes methods. With approximative methods or boundary-layer was due to the compression of the flow, which was induced by
methods, special iteration approaches are necessary. The authors the fillet. The resulting local rise of the unit Reynolds number
of Ref. 25 have devised a General Thermal Radiation then decreased the boundary-layer thickness, and the tempera-
(GETHRA) module, which can be incorporated into any ture rose, which can be understood in light of the results of the
computation scheme. local analysis in Chapter 3.
A computation result from Ref. 26, typical for non-convex
effects, is seen in Fig. 16. At the lower wing root of the Although the non-convex effects were not large in this case, the
HYTEX R-A3 vehicle, which was investigated in the German results of the investigation show clearly the influence of non-
Hypersonics Technology Programme, means of heat loads convex effects on the radiation-adiabatic temperature. Remem-
alleviation by introducing a fillet were studied. The introduction bering that the viscous drag is affected too, non-convex effects
of non- must, like local strong-interaction effects, be monitored and

quantified if necessary, in the design of hypersonic vehicles.

6. SCALING LAWS
Other than the recovery temperature, the radiation-adiabatic
temperature is Reynolds number and scale dependent, eqs. (8)
and (11). Therefore data from different cases, even with the
same total enthalpy, cannot directly be compared. The radi-
ation-adiabatic wall temperature on a small body (wind-tunnel
model) would be much larger than that on a large one (real
configuration), if all flow parameters are the same, which

makes a full simulation in a hypothetical ideal wind tunnel
impossible, unless the model can be actively, and very strongly,

cooled. This holds also for an experimental vehicle, which is a
T. scaled-down version of a reference concept. The relations from

Chapter 3 allow a quick scaling of the radiation-adiabatic
temperature for general considerations, and especially for

design work (configuration finding process).

At flat surface portions with laminar flow, provided the flow is
two-dimensional or not too strongly three-dimensional, relation

(8) can be used to scale the radiation-adiabatic wall temperature
(note that in eq. (8) the dependency of the boundary-layer
thickness on T. has been omitted). It is, however, mandatory
that the flow topology remains qualitatively and quantitatively
the same in both cases (geometrical affinity, the same angles of
attack and yaw), and that real-gas effects are similar. If the two
different cases 1 and 2 are considered, the following relation

can be obtained:

0.5 0.

Tra2 c, k2 Prl Re 0 .L2 T,2  T,,2
'L2 1I---

Fig. 16 Heat loads alleviation at the wing root of a HYI'EX
vehicle, Ref. 26, M. = 6.8, A = 30 kin, a = 5 o, P =
5', e,_,, = 0.85, approximative method, turbulent which does not depend on x/L.
flow; radiation-adiabatic temperature. a) without
fillet, b) with fillet If T,, is small compared to T, in both cases, and if Pr1  Pr2,

eq. (18) can be reduced to
convex effects in the computation for the non-fillet case

resulted in a temperature rise of 50 K to 100 K. The wing
surface in the root region was less strongly affected compared
to the propulsion unit surface there. This is due to the fact, that T E_. E2 k. Re0'S T, /4RL1 /"2 T,(19)
the boundary layer is thicker on the latter. Note that the Tra2  el k2 Re0. 5 

LI Tr2
classical viscous corner-flow effects were not prescribed with L2

the employed approximative methods. The introduction of the

fillet, which anyway would reduce the viscous corner-flow
effects, resulted as expected, in a reduction of the radiation- This relation is very intriguing, because it shows that a wide
adiabatic temperature by about 50 K twoards the end of the range of parameters can be covered in the scaling process.
wing root. Unexpectedly the temperature rose a the leading Special cases with equal lengths or unit Reynolds numbers have
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been discussed in Ref. 7. The parameter variation range has US Space Shuttle. In case 2 for the original configuration two
sofar been tested only in some few cases. In the following two different emissivity coefficients were assumed, s- = 0.85, So

of them are shortly discussed. = 1. In case 3 finally case 1 and case 2 are combined. It is seen
that with eq. (19) a fair correlation is possible except for the

Fig. 17 shows comparisons of the radiation-adiabatic wall vicinity of the windward attachment lines, where due to the
temperatures at the surface of the HERMES configuration for strong divergence of the flow the temperature is higher (see
laminar flow, Ref. 7. Three cases were studied at the windward discussion in Chapter 4), and obviously the simple (Blasius) n
side of the HERMES vehicle. The results were found with the = 0.5 dependency does not hold.
coupled Euler/2nd order boundary-layer method approach
described in Ref. 5. Case 1 compares HERMES with the Equation (18) has been used to compare the radiation-adiabatic
original lenth L. with a HERMES configuration enlarged wall temperatures - found with a Navier-Stokes solver on the
linearly to the length L, of the delta wing - from Fig. 10 for two different lengths L = 13 m

(case 2) and L = 4.67 m (case 1), Refs. 16, 17. Fig. 18 shows

case 3 in two cuts the Navier-Stokes results and the result of the
I .2 tA6, -^ I/ I I - --- scaling case 2 to case 1 with eq. (18) reduced to

T O co 0o A A A IA & ATral '\ 1 0 0 o o0

T a case I
1.0case 2i 0.-

numerical solutions T.rI- k, ReI - To (20)
K, =25,a =30'T. 2  k2 Re0.5L, TI T, = 20. K(5 malt.) L

iLa = 13m, Lb= 34.6 m Tr2

Ea = 0.85, Eb = 1
Rea=2.944"10s, Reb=7.835.10s
real gas, n = 0.5 The data compare better, if in addition k1  k2 is assumed. At

0.5 _ the attachment and separation lines, where larger three-dimen-
case L1/L2 cl/E2 Tra 1/Tra 2  sional effects are present, deviations up to 100 K can be
I o La/Lb = 0.376 ca/ca = 1 1.130 observed. However, the hot-spot situations at the attachment2 LalLa = I F--/E% = 0.85 1.-041

3 A La/Lb =0.376 Ea/Eb = 0.85 1.176 lines are in general well scaled.

0 0- -

0 0.5 - 1.0
L

location of attachment line: a ) /Case 1(x)

case 3 A A AAA T '/L = 0.14

Tra 2  0 ca e 2(1)
. - -1 0 : - ,ooo 99008 _ -rela tion (9 ) "•

1 .0 \ c s 2 1F ( 1 )
l I- I AelIdI/.IUtosrelat. (9) A• 3= .6 nummerical solations

0.468 M_ = 25, a = 30' 8o0 (6 O "
T = 205.3 K (75 km alt.) I A2
La = 13m, Lb 34.6nm u t23

Rea = 2.944 - 0, Reb 7.835 -l0' 500 -_*

real gun, n =0.5

0.5
case Ll/L 2  cl/c Tral/Tra2

1 0 La/Lb O.376 !a/ca= 1 1.130 400 2

2 La/La I ca/c= 0.85 1.041
3 4S La/Lb=0.376 ca/cb=O0.5 1.176

lower upper
symmetry symmetry
line line

0

0 0.5 2y 1.0
s Fig. 18a Comparison of numerical (x, D1) and scaled (+:

relation (20); I: relation (20) with k, = k2,) radi-
Fig. 17 Comparison of numerical (symbols) and scaled (full ation-adiabatic wall temperatures, Refs. 16, 17, for

lines) radiation-adiabatic wall temperatures for the the delta wing of Fig. 10; indicated are the locations
HERMES configuration, Ref. 7, a) in lower symmetry of attachment and separation lines (schematic see
line, b) at lower side cross-section x1L = 0.468 Fig. 9), cross-section at 14 per cent body length
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qualitative explanation. The flat plate analogy must not be over-

)A I interpreted, especially when a blunt body at large angle of
1200 x/L = 0.99 - attack, with a large subsonic region on the windward side, is
T considered.

[KIK -case 1 (x)
/. • V Fig. 20 gives for the windward side and the leeside of the flat

- - case 2(0) - plate at angle of attack (wedge angle) ca = 5' the quantitative
behaviour of the reduced unit Reynolds number as function of

A3  the Mach number. It has been found with the perfect gas
8W - relations from Ref. 27.

relation(9)

relation(9) A2 e'
lin 0 line --

F e2 F 91 R

Re)

400 - - -,-

Fig. 18b Comparison of numerical (y, LJ ) and scaled (+: ° ".•

relation (20); 1: relation (20) with k, = lk,) radi- e2
ation-adiabatic wall temperatures, Refs. 16, 17, for Re'2----
the delta wing of Fig. 10; indicated are the locations
of attachment and separation lines (schematic see 0 M 2
Fig. 9), cross section at 99 per cent body length

Fig. 20 The reduced unit Reynolds number Re* on the wind-
For turbulent flows, scaling laws are proposed in Ref. 14. They ward side (w), and the leeside (f) of a flat plate at

base on eq. (11), and similar relations for noses and swept angle of attck (x = 5°* as function of the free-stream
leading edges. They include the laminar cases and the l - Mach number
dependency on Tf . They too are presently investigated by
means of numerical solutions. On the windward side the reduced unit Reynolds number

In Chapter 4 it was seen, Fig. 13 (also Fig. 18 of this chapter), L* - v (21)
that on the leeside of hypersonic vehicles at angle of attack the T
radiation-adiabatic temperature is markedly smaller than on the
windward side (the leeside of a winged reentry vehicle (see the at the plate (2), compared to that of the freestream (1), rises for
US Space Shuttle) must not be black!). This can be explained all free-stream Mach numbers larger than M_ = '1. On the
with help of Fig. 19. There an infinitely thin flat plate at angle leeside it falls for all Mach numbers. Accordingly the ratio of
of attack is considered as the unit Reynolds number at the leeside to that at the windward

side drops. Note that in relation (21) for the viscosity (p ~ T- ) 0o

.-an- = 1 was assumed. A closer examination reveals that upper and
M1. •3....-.-- -lower bounds for co exist, for which the result in Fig. 20 holds.

-_ 2 These bounds are comfortably wide for perfect gas flow.

Fig. 21 shows for the fixed free-stream Mach number M, =2 W6 the change of the unit Reynolds number ratio on the wind-

ward side with the angle of attack. Surprisingly it exhibits a
Fig. 19 Hypersonic flow past a flat plate at angle of attack as maximum at a = 12.5' and then a steep drop towards a=

limiting case of a hypersonic vehicle at angle of 42.5%, where the wedge shock lifts off. The value for the
attack isolated normal shock is indicated, too.

limiting case of a hypersonic vehicle at angle of attack. It is In general it can be observed that the heat loads at the wind-
obvious, that on the windward side the stream tube is com- ward side, for instance of a reentry vehicle, rise in level with
pressed by the wedge shock, whereas on the leeside it is increasing angle of attack (the drop from the nose to the rear is
expanded by the Prandtl-Meyer expansion. Consequently the not affected). However, Fig. 21
unit Reynolds number must rise on the windward side, and drop
on the leeside. By interpreting the Reynolds number in eq. (8)
as a local Reynolds number (see also eq. (11)), it becomes
clear, that indeed the radiation-adiabatic temperature will be
larger on the windward side than on the leeside. This is a
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Fig. 22b Generic intake model (3 outer ramps) at M. = 7,
Fig. 21 The reduced unit Reynolds number Re* on the wind- A = 35 kin, F = 0.85, turbulent boundary layer,

ward side of a flat plate at M, = 6 as function of approximate method, Ref. 28, radiation-adiabatic
the angle of attack temperatures

shows, that the flat-plate analogy needs to be exploited further. 7. IMPLICATIONS FOR SURFACE PHENOMENA
Fig. 21 could be a hint towards the possibility that heat loads The discussion sofar has shown, that radiation cooling influ-
at a vehicle, or a control surface have a maximum for a certain ences strongly heat loads, viscous drag - if the flow is turbulent

deflection angle, and then decrease with increasing angle. - and that the state of the boundary layer - laminar or turbulent

However, the effects present in reality, real-gas and non-convex - plays a large role. It has also been shown that hot-spot
effects, separation and attachment, must be regarded in such situations at attachment lines occur, and that in general some
speculations. characteristical boundary-layer thickness plays a role, which

itself depends on the wall temperature. Consequently one has
In any case, the discussion reveals also, why at the ramps of an to ask whether and how transition and turbulence themselves,
inlet the radiation-adiabatic temperature increases with every thermochemical effects (catalytic surface recombination), and
deflection, Fig. 22, Ref. 28. The Mach number is reduced over strong viscous interaction phenomena are affected by, or
the (oblique) wedge shocks and accordingly the unit Reynmolds interrelated with the thermal state of the vehicle surface, i.e.
number rises, Fig. 22a. With that the boundary-layer thickness with the radiation-adiabatic temperature. In the following some
decreases, and hence the radiation-adiabatic temperature rises considerations are given in this regard.
with each ramp stepwise by almost 200 K to a higher level,

Fig. 22b, and then always decreases slightly with the boundary- The influence of the surface temperature and the surface-near
layer running length, as was discussed in Chapter 4. temperature gradient on the properties of turbulent flow is not

well known. The turbulent heat transfer, as well as the turbulent

(diffusive) mass transfer (important also in turbulent mixing
processes) is regarded in computations by choosing, more or
less without any reasonable justification, a constant turbulent
Prandtl number or Schmidt number.

The situation is different with regard to the instability and
transition behaviour of boundary layers. It is long known from
inviscid stability theory (Rayleigh equation and the resulting

2.OOE+06 6 point-of-inflexion criterion), that heat transfer out of the flow

Re/L [m"1] a) M at the wall (cooling) stabilizes the flow, while heat transfer into
1.50E.06 m the flow (heating) destabilizes it (this hold for air, generally for

gases, only). If higher instability modes (Mack modes) are
.00 present, which is typical for boundary-layer edge Mach

! .00E+06 _ 4 numbers larger Me = 3 to 4, this behaviour is reversed.

Hypersonic boundary-layer instability and transition is affected

5.00E+05 Re/I.L 3 accordingly (generalized point-of-inflexion criterion). Hence the
- -radiation-adiabatic temperature, or with active cooling, the

effective surface temperature, with the resulting steep tempera-
O.OOE+O0 2 ture gradients has a large influence, and has to be regarded in

0 0.05 0.1 0.15 0.2 0.25 0.3 0.35

X [m] design work, when transition locations and patterns have to be
determined.

Fig. 22a Generic intake model (3 outer ramps) at M_ = 7,
A = 35 Ian, s = 0.85, turbulent boundary layer, Thermochemical effects rise with the total enthalpy of the flow,
approximate method, Ref. 28, unit Reynolds numbers which rises with the flight speed squared. If thermal and/or
and Mach numbers on the ramps chemical non-equilibrium is present in the flow, especially in
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the wall-near flow, the wall temperature and possible catalytic In view of this discussion the most pressing problem is to build

surface recombination, as well as the mass-diffusion phenomena the experimental capabilities (model techniques, measurement

in the boundary layer are coupled to a high degree. Again, the techniques, Refs. 32, 33) in order, initially, not to aim for a

surface temperature to be regarded in the aerothermodynamic solution of the design simulation problems, but to investigate

design is the radiation-adiabatic temperature, or, with active the effects seen in computations, to quantify them, to study the

cooling, the effective surface temperature. influence on, and the influence by transition and turbulence
phenomena, to study thermochemical effects, strong interaction

Finally, it can be shown, see e.g. Ref. 8, that strong effects and so on. These will then be building blocks of the

shock/boundary-layer interaction phenomena are governed by transfer models, which are essentially numerical computation

the momentum flux of the boundary layer approaching the methods and/or scaling laws.

interaction region (shock/boundary-layer interactions at control

devices, leading edges, etc.). This momentum flux depends on A suitable hot experimental technique should have the follow-

the densitiy distribution across the boundary layer, which in ing characteristics (see e.g. Ref. 32):

turn depends on the temperature distribution: cold surfaces o duplication or near-duplication of free flight Mach

hence lead to larger momentum fluxes, and hot surfaces to number, Reynolds number and total enthalpy,

smaller ones. The situation is somewhat different with viscous o model surface in radiation-adiabatic equilibrium or

hypersonic interaction, the other strong viscous-interaction near-equilibrium.

phenomenon. Here the boundary-layer thickness is the govern- The Hot Experimental technique would have four major

ing item, and accordingly the interaction is stronger on hot constituent parts:

surfaces than on cold ones (important for mechanical loads and
pitching moments of slender forebodies of airbreathers). In the o hot-surface model techniques,

o suitable measurement techniques,
design of both airbreathers and reentry vehicles strong interac-

o the wind tunnel with the flow properties mentioned
tion effects must be regarded, because they can be very 0 bove,

important with regard to mechanical and heat loads, and above,

component efficiencies (control surfaces, inlets, etc.). o effective scaling laws.

The wind tunnel must be a quiet tunnel, if transition laminar-

8. NEED OF HOT EXPERIMENTAL TECHNIQUE turbulent is to be simulated. For very high total enthalpies the

The preceeding chapters have shown, that at this time quite question of freezing of internal degrees of freedom and of
some knowledge is available about the phenomena on, and the dissociation must be considered. In any case the tunnel walls

problems connected with radiation-cooled surfaces. There ist, itself must not radiate heat towards the wind-tunnel model
however, a major problem. All the knowledge about radiation- itself must mnt riae heat ow the wn ll mde

cooling effects, which is available today, has been derived from

computations. This concerns the mechanisms and dependencies, The surface of the model must attain radiation-adiabatic

including scaling laws, which are an important tool in design equilibrium or near-equilibrium during the running time of the
work. Completely missing is the experimental verification and wind tunnel. A controlled heat flux into the surface could be

validation, except for some flight data, Chapter 4. Both are tolerated depending on the test objective. The model surface

essential, especially if the configuration under consideration, is must have a controlled emissivity near to the real one. For very
drag critical and/or weight critical. Moreover, the uncertainties high total enthalpies a hot surface model would allow in

in transition and turbulence modelling, as well as the modelling principle also a proper simulation of catalytic surface

of catalytic surface recombination, must be taken into account. recombination, if realistic surface materials/coatings are

The experimental problem is not only to be seen with regard to employed.
The measurement technique should encompass non-intrusive

the general simulation (similarity) problem, but especially with fie measurement methods s ell mas f orenmeasure
regad t th fat tat othradatin colig ad ctaltic field measurement methods as well as force measurement

regard to the fact that both radiation cooling and catalytic methods, again depending on the test objectives. For the scaling

surface recombination depend on the absolute temperature, laws se i deper 6.

which cannot simply be scaled up or down like the wall laws see Chapter 6.

temperature in classical aerodynamic wind-tunnel simulations. Work on aspects of the hot eperimental techniques has been

In addition they depend on the Reynolds number (boundary- performed recently. Simple configurations (flat plate and

layer thickness) and the Mach number, at high total enthalpy wedge) were designed and partly also tested by Dasa, Refs. 34,

flow also on the DamkMhler numbers. A full ground test 35, and the DLR Kbln-Porz. Wind-tunnel testing with insulated
HERMES models, Refs. 33, 36, was performed, Ref. 37. Major

simulation of the flight situation thus is not possible, see problems are seen in the model philosophy: either self-heating

Chapter 6, and e.g. Ref. 29, and the Transfer Model approach models, or pre-heated models, which come close, also in short-
discussed in Ref. 30, or building block approaches as discussed time test facilities, to the radiation-adiabatic temperature, Ref.
in Ref. 31 are necessary, if the design sensitivities demand 32Thoteprbmiseaumnteciqs:nynet

larg preictin acuraces.32. The other problem is measurement techniques: any insert
large prediction accuracies. into the surface (temperature and heat flux measurement

In experimental work the radiation-adiabatic temperature for a gauges, pressure measurement gauges, wall shear-stress
measurement gauges) falsifies in principle the surface propertiesgiven configuration at given flight conditions, non-withstanding (emissivity, catalycity), •nd the material-in-depth heat trans-

the scaling problem, has not simply to be duplicated (this (

would imply that it is known already to the needed degree of mission and capacity properties. Any heat loads-relatedwoul imly tat t i knon areay totheneeed dgre of measurements then represent the situation in the insert, and not

accuracy), but has to be determined, i.e. any theoretically found the actual situation, if the insert can bear the heat loads at all.

data has to be validated, like the understanding of the involved the a bove quet f non-intrusvebearement mods.

andHence the above quest for non-intrusive measurement methods.
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9. TOWARDS THE INTEGRATED AERO- If the design is critical with regard, for example, to structural
THERMODYNAMIC DESIGN weight (mechanical loads and heat loads) and/or viscous drag,

In the following an - idealized - integrated aerothermodynamic the transition location must be determined with high accuracy,
design approach, Ref. 38, is sketched, which makes use of the catalytic surface recombination must be considered in detail,
insights into the implications of surface radiation cooling, strong interaction and rarefaction effects (mechanical and heat
which were discussed in the preceeding chapters. Of course, the loads) must be localized (especially the former) and quantified

present aerodynamic configuration definition of hypersonic (flow physics modelling). This would demand in general the
vehicles also regards heat-loads aspects. However, the definition use of sophisticated numerical methods.
and development (engineering) processes are not yet refined in
the above sense, the tools are not yet fully ready and integrated, After the design is frozen and verified as far as possible in
and the general experience has still to be build. ground-simulation facilities (for the simulation problems and

shortcomings see e.g. Refs. 30, 39) etc., the dimensioning loads
The major elements of the integrated aerothermodynamics cases for the structural design must be determined on the
design are shown schematically in Fig. 23. They hold for any nominal flight trajectory, including possible emergency
high-speed vehicle, however, elements of propulsion integration trajectories. The time-dependent heat flux into hot primary
are not included. Assume that structures, stresses and deformations, heat penetration depths in

outer or inner thermal protection systems, etc. are to be
estimated with sufficient accuracy (engineering, structural

Emissivity, Tai H xn exotic materials and weight-saving demands.catlycly, surac desgn, wicudmanscorean mre opistcaedtoostitroughness. properties
waviness, etc,

-Surface proprtes-- L_ ring, structural de Finally permissible surface roughness, waviness etc. must be

1datioo Tranition lam. determined, if the viscous drag and heat loads especially in
t .et flight regimes, where the boundary layers are turbulent, are

P ,critical. Surface roughness and waviness should be permitted to

SCatAITO-OLDbe as large as possible, i.e. just subcritical, because small

SURFACE tolerances would lead to excessive manufacturing costs for the•----• ..... uRFAE- J-•• • airframe, or a thermal protection system. Of course, where the0 a. Strong interct

Ls.orrrat'r o, ion, viscous ir surface temperature is low compared to the materials limits
concept fl actionefets temperature, the surface emissivity can be reduced. With

Aerodyna turbulent flow, the surface temperature should be as large as
Ade.ltonal possible, because this reduces the viscous drag (surface

Wave drraa lj coolg, weight properties).
edge weep ernecomplexity

This very schematically and with large abstractions discussed
Fig. 23 Elements of the integrated aerothermodynamic design approach becomes nevertheless more and more desirable to be

and their interrelation with radiation-cooled surfaces established. The general demands on new space transportation
(TPS: thermal protection system) systems to reduce the transportation costs strongly (by one

order of magnitude as often is claimed), makes highly inte-
an initial configuration is defined, and that the governing flight grated design and optimization processes necessary. This holds
situation (speed, altitude, vehicle attitude) is specified. With a especially for possible airbreathing systems. Fig. 24 finally
chosen nominal surface emissivity and catalycity (surface summarizes the tools necessary for such an integrated approach.
properties) the radiation-adiabatic temperature as conservative (partty larg deficits ef flophysics mrrodels)

heat-load estimation can be computed with either approximate --j .--ii --
or numerical method (this gives also the data base for scalings). boudaoy l i ii÷rotations tethods boendary (M-5

With this the materials limits (structure and materials concept) lay., meth. Fo
can be fixed for (discrete) parts of the configuration (conserva- a nuateracalIt ts

Aerothermodynamics Aerothermodynamics

tive design). The viscous drag of the configuration with its Artemdnmc

strong dependency on the surface temperature, if the flow is
turbulent, is then determined, together with the wave drag,

ý; I Coup] -d a.r-which depends on the nose radius, and on the radii and sweep RADIATION-COOLED themnrynaurl

of all leading edge. Flyability and controllability are investi- "---I ,oor,....l _ rr

gated (aerodynamic performance). If the latter demand IeItata've -

configurations changes, if wave drag considerations demand - - -

smaller radii and/or larger sweep angles, the changes are made Experimental tools Numerical loots
accordingly. With the scaling laws immediately the influence r Aerothermodynamics Structuralmechanics l
on the radiation-adiabatic surface temperature can be checked. Fr-,, - 1 F 1 - 1 [I-7c F a-oe " 1 - 1:Imdl I.Hot, ........ Hot. quiet l t_['-•• m he,-,,on, FullNon-convex must be quantified, if they become critical. Finally, Iu. I meet oI In ,o Ip. ..... IF od I

tao, tqe motohqa rena Ipnerati nos ortai EM-moe

if the materials limits are exceeded by the surface temperature, I II I I I - -oIerhoels II - -I

for instance at the nose, and the radius must remain small for (partly argo deiocits of structuro-ptrystcs models)

wave-drag reasons, active cooling must be considered, with its

weight increments and possible increase of systems complexity Fig. 24 Tools of the integrated aerothermodynamic

(configurational aspects). design and their availability in design work
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Again, this is a very schematical look at the situation. Some of 5. Monnoyer, F., Mundt, Ch., Pfitzner, M., "Calculation
the tools dubbed to be not available or not yet fully available, of the Hypersonic Viscous Flow Past Reentry
do already exist in the scientific community. In order to be Vehicles with an Euler/Boundary-Layer Coupling
suitable for design work, they must be robust, verified and Method", AIAA-Paper 90-0417, 1990.
reliable tools, and if they are computational tools, they must be

compatibel with the computing means (and their costs) usually 6. Mormoyer, F., "Personal communication", 1992.
available in design work. Of course, computing costs are
decreasing rapidly, and the advent of parallel architectures with 7. Hirschel, E.H., Mundt, Ch., Monnoyer, F.,

teraflops performance will change the design processes Schmatz, M.A., "Reynolds-Number Dependency of

lastingly. Radiation-Adiabatic Wall Temperature", MBB-
FE122-AERO-MT-872, 1990.

10. CONCLUSION
Radiation cooling of the surface of hypersonic vehicles involves 8. Hirschel, E.H., "Viscous Effects", Space Course
very interesting fluid mechanical problems with strong implica- Aachen 1991, Paper No. 12, also MBB/FE202/
tions for the design of such vehicles. It was shown that the S/PUB/441, 1991.
radiation-adiabatic temperature, like the recovery temperature
a conservatively estimated surface temperature, depends, other 9. Hirschel, E.H., Kog, A., Riedelbauch, S., "Hypersonic
than the recovery temperature, on the Reynolds number, on a Flow Past Radiation-Cooled Surfaces", AIAA-Paper
length scale, etc. This was demonstrated with numerical 91-5031, 1991.
examples, which show the very strong influence of the bound-
ary-layer state (laminar or turbulent), and also that at attach- 10. Hl1d, R., "Die Berechnung dreidimensionaler

ment lines hot-spot situations exist, which was explained in Hyperschallstrdmungen mit Hilfe der Viscous-Shock-
detail. Because of the different dependencies a scaling approach Layer Gleichungen", Doctoral Theses, University of
can be formulated, when comparing data on bodies of different the Armed Forces Mtinchen, 1989, Fortschritts-

size (e.g. wind-tunnel model/real-size configuration). Similar berichte VDI, Reihe 7, Nr. 171, Duisseldorf, VDI-

flow topologies in both cases permit a sufficiently good scaling Verlag, 1990.
of the radiation-adiabatic temperature. An experimental
validation of the findings is not possible with the presently 11. Anderson, J.D., "Hypersonic and High Temperature
employed cold-surface wind-tunnel models. A Hot Experimen- Gas Dynamics", McGraw-Hill, New York, 1989.
tal Technique must be developed, if an acccurate and reliable
prediction and validation is desired. Such a possible technique 12. Fay, J.A., Riddell, F.R., "Theory of Stagnation Point
was discussed. Finally the structure of a possible integrated Heat Transfer in Dissociated Air", J. of Aeronautical
aerothermodynamic design approach, with the radiation-cooled Science, Vol. 25, No. 2, 1958, pp 73-85.
surface in the center, was sketched. It certainly is a very
demanding, but at the same time also necessary approach, 13. Hirschel, E.H., "Evaluation of Results of Boundary-
which must be realized in one or the other form in the future. Layer Calculations with Regard to Design Aerody-

namics", AGARD-R-741, 1986, pp 6-1 to 6-29.
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VISCOUSJINVISCID AND REAL-GAS EFFECTS ASSOCIATED WITH
HYPERSONIC VEHICLES

Michael S. Holden
Research Fellow, Physics & Chem. Sciences Dept.

Calspan-University at Buffalo Research Center
4455 Genesee Street, P.O. Box 400

Buffalo, New York 14225

1. SUMMARY 2. INTRODUCTION
In this segment of the lecture series, we discussed With the development of powerful high-speed
some of the important effects of viscous/inviscid computers and robust efficient numerical techniques
interaction and real gas phenomena on the design and to solve the Navier-Stokes equations, the prediction
performance of hypersonic vehicles. Following a of simple flows over configurations such as the Space
general review of the importance of such effects on Shuttle and the Hope Spacecraft have become a
vehicle design and performance, we discuss the practical reality. However, even in the analysis of
effects of non-equilibrium and real-gas flows with such simple configurations, we are faced with
emphasis on their importance to the accurate modeling the effect of chemical nonequilibrium,
simulation of hypervelocity flows in ground test boundary-layer transition, surface roughness and
facilities. Because boundary layer transition exerts a laminar, transitional and turbulent leeside wakes and
dominant influence on vehicle performance in a regions of shockwave/boundary layer interaction
hypersonic flow regime, we briefly review some of over the control surfaces and in the interactions
the key phenomena which control boundary layer generated by attitude control thrusters. Such
transition in regions of adverse pressure gradient, problems are significantly multiplied when the design
crossflow and along the attachment line of swept of an air-breathing vehicle designed to fly into orbit
leading edges. For it is such phenomena, where it is is considered. Here the effects of nonequilibrium
currently believed that experimental measurements in must be combined with those associated with mixing
hypersonic ground test facilities are of relevance, and combustion, as well as techniques to cool regions
The key phenomena associated with associated with hot spots in the flow such as those
shockwave/boundary layer interaction for both generated in the shock/shock interaction regions on
laminar and turbulent, two- and three-dimensional the inlets and the three-dimensional interactions
flows are briefly reviewed and compared with the which are generated on and downstream of the fuel
most recent prediction techniques. The aerothermal injector systems. Again, chemical nonequilibrium is
loads and flowfield phenomena associated with combined with reacting gas phenomena and
regions of shock/shock interaction are then discussed boundary layer relaminarization in the nozzle section
with particular emphasis on the effects of boundary of the hypersonic vehicle.
layer transition and low-density flows on the
magnitude of the peak heating in regions of Type III Although there are major problems associated with
and IV interactions. Film and transpiration cooling the construction of models of turbulence and
must be employed to cool the internal components of chemical kinetics for boundary layers and free shear
high performance scramjet engines. Correlations are layers subjected to strong pressure gradients and
presented to show the effectiveness and relative influenced by chemical non-equilibrium and
effectiveness of film and transpiration cooling both combustion, there are a number of key problem areas
with and in the absence of shockwave/boundary layer in which modeling must be addressed if we are to
interaction. The aerothermal and aero-optical predict the overall vehicle performance over the
performance of seekerheads for hypersonic complete flow regime. In the high-Mach-number,
interceptors represents currently one of the most key high-temperature, low-density regime, there are
areas in hypersonic technology. The techniques that important modeling problems associated with the
are being employed to obtain measurements of the catalytic surface/reacting gas interaction. Whereas
aerothermal and aero-optical performance in the research in low-density flows has continued at a
LENS facility are briefly reviewed. Finally, we steady pace in low-enthalpy flows, there has been
present information on the "CUBDAT" database of almost no experimental research during the past two
hypersonic measurements which have been decades in hypervelocity (V > 10,000 fps or 3.05
assembled from fundamental studies of the km/s) flows. One of the areas of interest for small re-
phenomena discussed in this segment of the lecture entry vehicles such as the Japanese Hope is the
series. transitional flow regime between free-molecular and

continuum flow. Here, flow computation using
combined Navier-Stokes and DSMC codes must
incorporate models of real gas chemistry and
gas/surface interaction which must be validated by
experiment. The short-duration facility, in one of its
various modes of operation, has been used
successfully to generate the high-purity hypervelocity
flows necessary to study such phenomena. Flowfield
and surface diagnostics have been developed to

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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obtain measurements in short-duration flows (-I ms), and the performance of air-breathing engines in the
typically generated in these facilities when operated transitional flow regime.
at high-temperature conditions. Thus, there are the
tools available for experimental studies to contribute The structure of turbulent boundary layers in regions
significantly to an increased understanding in this of shockwave/turbulent boundary-layer interaction,
flow regime. and shear-layer mixing regions in hypersonic flows

are strongly influenced by compressibility effects.
One of the most important areas for research in How compressibility influences shock/turbulence
hypersonic laminar boundary-layer flows is interaction, flow unsteadiness and eddy shocklets,
associated with the understanding of chemical and flow structure remains to be determined.
nonequilibrium and combustion effects on the size However, it is clear that accurately predicting the size
and characteristics of separated flows developed in and structure of turbulent flows in strong pressure
regions of shockwave/boundary-layer interaction, gradients will require detailed insight from
shock/shock interaction and wakes. Whereas experimental research. The shear-layer development
solutions to the full Navier-Stokes equations have in mixing regions between dissimilar gases, in
been shown to successfully describe separated regions of jet injection, and also film or transpiration
regions in non-reacting hypersonic flows, cooling at hypersonic speeds require extensive
nonequilibrium air chemistry or combustion in the experimental research. Clearly, adding
recirculation regions provides problems that can be nonequilibrium flow chemistry and combustion to
resolved only with combined experimental and the problem, as they occur in a scramjet engine,
numerical studies. In such separated flows, free presents a situation well beyond the current state of
shear layer transition can occur at Reynolds numbers the art in understanding and computation.
between 10' and 10i or close to the boundaries of
continuum and non-continuum flow. The influence Because of the intrinsic integrated structure of the
of nonequilibrium chemistry on hypersonic ramjet airframe and engine for a hypersonic air-breathing
performance in laminar flows is an area for which vehicle, all of the problems mentioned previously are
experimental research is essential to provide the important in the design of the engine of an air-
answers to critical questions. Likewise, one can have breathing vehicle. The nonequilibrium flow
little confidence in numerical solutions to laminar developed in the leading-edge flowfield will
combusting hypersonic flows without experimental influence the flow development on the compression
verification. In the experimental study of such ramps and possibly into the inlet. Earlier
separated flows, flow duration becomes an important experimental studies have shown that strong
parameter, and test times of one or more milliseconds distortions to the inlet flows results from boundary
may be required for establishment of complex layer transition and viscous/inviscid interaction and
interaction flows. For this application, larger crossflow over compression ramps. Flow• distortions
reflected shock tunnels are currently in existence that can arise from the compression ramp and cowl
would be acceptable facilities to use, which are shocks separating the sidewall and cowl boundary
capable of generating test times of up to 5 ms. layer. The sidewall boundary layer will be

intrinsically transitional in nature, and predicting the
Predicting boundary-layer transition to turbulent flow flows in the presence of interacting shock waves and
and the characteristics of transitional flows presents flow separation will be extremely difficult. Regions
one of the formidable and key problems in of shock/shock interaction on the cowl lip and
hypersonic flows. Whereas such flows are difficult leading-edge of the sidewalls will induce large
to predict at any Mach number, at hypersonic speeds, leading edge heating rates as well as significant flow
they are so extensive and have such large effects on disturbances inside the engine. The blunt leading
aerothermal loads that they must be adequately edges of the sidewalls and cowl will induce flow
described. Since the basic mechanisms of transition chemistry that may exert significant effects on
are not understood, only a careful combination of combustion chemistry and the regions of
measurements in ground and flight tests will provide shockwave/boundary layer interaction inside the
the insight required to validate the modeling of these engine. Two- and three-dimensional separated flows
flows. Semi-empirical transition prediction may be induced on the floor, the sidewalls, and the
techniques such as the (Re)N method and more cowl of the engine. The characteristics of these flows
sophisticated techniques such as those developed by must be carefully simulated in experiment and/or
Herbert require validation on both the fundamental predicted in numerical computations. It is in these
and correlational level. Measurements are required flows that there are currently no successful
to define the basic instability modes associated with turbulence models. Unquestionably, various forms
transition in hypersonic flow, and the mechanism of film and transpiration cooling must be employed
involved with the gross breakdown of the laminar to maintain the engine integrity. Fuel injection from
flow and the transition to fully developed turbulent the engine walls and possibly struts will generate
flow and to quantify the level of background complex interacting flowfields, which again must be
disturbances. Extensive regions of transitional and carefully simulated numerically and experimentally.
low Reynolds-number turbulent flows in and Here combustion and nonequilibrium turbulence and
downstream of the transition can dominate the flow chemistry are all important. Without
aerothermal characteristics of hypersonic vehicles experimental verification, current models of turbulent

mixing in these flows are seriously in question.
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Again, flow chemistry and viscous/inviscid flow
interaction control the flow in, and hence the
performance of, the nozzle. In these flows,
relaminarization may also play an important, but
poorly understood, role, which must be explored in
experimental simulations.
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3. REAL-GAS EFFECTS ASSOCIATED WITH The velocity/altitude requirements for a number of
AEROTHERMODYNAMIC AND vehicles of current interest are shown in Figure 3.2.
PROPULSION TESTING IN This figure shows the requirements for duplicating
HYPERVELOCITY FACILITIES flows over the Space Shuttle, airbreathing re-entry

vehicles and a number of interceptor configurations
3.1 Real-Gas Effects Associated With Non- which are currently being developed.

Equilibrium Flows and Scramjet
Combustion Testing Etended

The stagnation enthalpies encountered in flight at cHh ,,,ite. _-
hypersonic speeds result in flowfield temperatures 100 E.S / Shutle En•y
high enough to dissociate the chemical species in air 70o C,•bti.$
(see Figure 3.1). To generate high velocities in 60- OP3. I D- 4

ground test facilities, the reservoir states must be at -

comparable enthalpies and so, in the reservoir, the
test gas is also dissociated. During the expansion to 3 ,. .A

hypersonic speeds in the test section, the flow can 30- N_ U r. r
depart from thermal and chemical equilibrium, and 20, uP2 , r _ ÷THAD
the conditions of the gas in the freestream flow in the 20- o ,e 7

test section can differ from those of the freestream 10- DPI 'D NouoMch totoIS)

gas under flight conditions. The static pressures and 0
temperatures may differ, and the air may contain 0 1 2 3 4 5 6 7

oxygen atoms and nitric oxide molecules. The latter (k)
species is relatively easily ionized, and so electrons Figure 3.2 Velocity/Altitude Performance of
are also present. At enthalpies corresponding to LENS Facility
flight velocities above 5km/sec, nitrogen would also
dissociate, and other ionized species would appear in The thermodynamic state of the atmosphere at any
significant concentration. altitude and the desired flow velocity, can be used to

define the reservoir conditions from which expansion
would produce a test flow duplicating the selected
flight conditions. The equilibrium reservoirP [..conditions corresponding to a portion of the flight
regime of interest are shown in Figure 3.3. There the
temperatures and pressures are shown for a stagnated,

,t equilibrium reservoir condition for each altitude and
velocity.

.... IM

AL rn 'IW EmTUM

2K : I I • I/ S

Figure 3.1 Illustrative Dissociation Fractions for (1'"o.*t) (PSI)

Equilibrium Air Behind a Normal
Shockwave

Because the level of chemical non-equilibrium in the
freestream is strongly linked to reservoir pressure ,
conditions, extremely high reservoir pressures are ' 1 1 .' .. 1. n
needed to closely replicate hypervelocity flows. F ....
Thus, developing high reservoir pressures represents
an important factor as total enthalpy in developing Figure 3.3 Reservoir Conditions for Ground Test
high-temperature flows with low levels of freestream Flight Duplication
dissociation. The lack of duplication of flight
conditions due to facility limitations is coupled to any Figure 3.3 also shows the extension of the full flow
lack of duplication due to nonequilibrium effects, duplication region that is possible by using a
simply because the degree of nonequilibrium varies nonreflected shock tunnel, i.e., by not stagnating the
with reservoir conditions and rate of expansion of gas test gas. It should be noted that such operation
into the test section. In this section, the impact of entails a significant decrease in test time, which is
nonequilibrium on the lack of full simulation is already very limited at these high flow enthalpies.
emphasized, but both factors are addressed. For aerothermal studies, often the flight Mach

number and Reynolds number is duplicated in
hypersonic flows by expanding the test gas to lower
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velocity and static temperature. For density/velocity 100oooo T,,•

duplication, the flow can be expanded from an P- 50ATM

equilibrium reservoir to the desired velocity and the
density corresponding to a given altitude, but with
the static temperature at a level higher than that 1000
which will be obtained for a fully duplicated
condition. The plots for density-altitude duplication
are also shown in Figure 3.3. T NJ

- EQUILIBRIUM

Velocity and density-altitude duplication preserve the 100 Non-EOULIBRuM
match in the total enthalpy and dynamic pressure,
therefore, in the stagnation region of blunt body
flows, the real-gas flowfields can be simulated to a
good approximation. This is because the pressures W 10
and temperatures in the shock layer of such blunt o
body flows are relatively independent of the level of
freestream dissociation. For slender bodies with
thickness ratio T, the hypersonic similarity parameter
MT can be duplicated under some circumstances.
While for blunted slender configurations the situation P 'Psia.

is more complex, it is still possible to develop - -- EOU,.,BR.UM
conditions such as to match the density and velocity NON-EQUILIBRIUM

inside the shock layer. The issues of test flow 1
nonequilibrium effects on simulation of the flows
about such vehicles were addressed recently in
Reference 3-1.

The departure from chemical equilibrium in 1 10 100 1000 10.000
hypersonic expansions of air results in a test gas that AA"
is composed not only of molecular oxygen and
nitrogen, but also of atomic oxygen and nitrogen as Figure 3.4a Nozzle Flow Gas Dynamic Properties
well as nitric oxide (NO), as discussed in References
40 through 42. N 2 is basically equilibrated in nozzle 1 ,
expansions, and even though the N concentration is .... EOCUILIBRIUM Tr =6000 K

negligible in the element balance, it must be included - NCN EQUILIBRIUM Po-600 ATM

in the chemical model because of its role in the . . . ..-
shuffle reactions, which control the NO N2

concentration: 2 ,0-__-----. __ .

0- °2 0
N NO

U

O +N 2 €:Ž,NO +N (1) .. • 02

N +0 2 €:,NO+O0 (2) 10N .
W 103• "

Over the same range of flow velocities, NO' is the " 0.\
dominant source of electrons in air. _S~A,
The results of a sample calculation of the quasi-one- 0 0
dimensional expansion of air are shown in Z .. O
Figure 3.4. Figure 3.4a illustrates the static C NO+,--
temperature and static pressure, whereas Figure 3.4b
shows the species concentrations for an expansion in U L\
the "D" nozzle of Calspan's 96-inch shock-tunnel. 0 0
The reservoir or reflected shock conditions for this 04
example are a temperature of 6000'K and a pressure 10°
of 500 atm, which produce a test flow velocity at \ \
high expansion ratios of approximately 14,000 fps.
From the figure, the expected lag can be seen in the
decrease in the static temperature due to the chemical
energy not returned to the nonequilibrium flow. The l,
static pressure also falls below the value for an AREA RATIO, A(/A

equilibrium expansion; the density is affected very
little by the nonequilibrium effects. Figure 3.4b Nozzle Flow Species Concentration
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The species concentrations are show n in m ass P 100.ATM 0 o/1si -,10.0
concentrations units (moles/g). This removes the P 0, . 1. 10. 0 ATM . . A /14 1-'00.

density dependence from the distributions and T .: R R 1 .'..W. 1.... 12.000, REF*RN ,1
, :,00 REEEC 

0o R EFERENC E 42

highlights the freezing process, i.e., when frozen, yj = 0 . % ,.000. 10.000 12.000. 1 , OK

constant. For this case, the NO concentration is 0

about 5% of the total and exceeds the "frozen" 0-
atom concentration. The results of calculations REGION OF DEPARTURE

similar to this example are used to examine the O .
effects of test flow nonequilibrium on the
interpretation of experiments in hypersonic facilities.
In the remainder of this section, some generally
useful results in correlating nonequilibrium effects
are briefly reviewed. 3

Lordi and Mates (see Reference 3-2), performed a
number of nonequilibrium nozzle flow calculations
for expansions of air from reservoir temperatures up *

to 15,000°K and densities up to 100 amagats
(standard atm osph ere densities, P/Po). B ased on the FROZEN ....
sudden freezing approximations for hypersonic
expansion of simpler gases, it was found that the
frozen enthalpy in nonequilibrium expansions of air 0 2

could be correlated with the reservoir entropy. W hen 22 . 2 .2.4 2-, 2.3 3.0 2.2

the frozen enthalpy determined from the above RESERVOIR ENTROPY (CALIGM'
0

KC

computations for air was plotted against reservoir Figure 3.5 Correlation of Frozen Enthalpy Data
entropy, the results collapse to a single curve, as for Nonequilibrium Nozzle Flow
shown in Figure 3.5. The correlation with reservoir Solutions
entropy is a consequence of the small entropy
production due to chemical nonequilibrium effects.
The limiting cases of frozen and equilibrium flows N2

are both isentropic. The entropy values in the
correlation can then be associated with that for the
reservoir conditions and can be obtained from an
equilibrium computation of the reservoir entropy or a 0 0
Mollier diagram for air. The frozen species
concentrations in hypersonic expansions of air also Z
correlate with reservoir entropy. Figure 3.6, which is
reported in Reference 3-3, is based on the solutions 0 2
reported in References 3-4 and 3-2. The correlation
with reservoir entropy is valid only for a specific
nozzle geometry. However, the behavior of the
results for the hyperbolic nozzle are representative 10°3

and so are useful in defining the expected trends in
the results for other facilities. UNIoISSOCIATED AIR

- N 2 - 2.69 X102 MOLES/GM
- 02-7.2 . 10' MOLESIGMI

b o" I I I I I ' 1 I
2.0 2.1 2.2 2.3 2.4 2.5 2.6 2.7

RESERVOIR ENTROPY S., (CAL/GM-*Kl

Figure 3.6 Correlations of Nozzle Flow Results
for Frozen Species Concentrations

The nonequilibrium effect on velocity at high area
ratios (>1000) can be related to the frozen enthalpy
by

U .. U, = (I1-Hj/Ho)

With the preceding correlations and the facility
performance assumed in defining the full flight



4-7

duplication region of Figure 3.3, it was concluded39  
..... I f ....... f - -. 0....... .1....0 - . -......

that nonequilibrium effects on flow velocity and .. ...... "tb A/' .10 /.. .100 . /... 100

concentration are negligible outside that region of k00.. . .... I.. . .... . 24. .

facility performance. Whereas the simplification that P. .. ..- .. .O. .. -- ...0..

nonequilibrium effects are confined to the velocity- .. 0... 4.51 2-1.0 ..213.... .
altitude region in which full duplication of flight .. 0.0.. ... ...... .000
conditions would otherwise be possible is 0 ..... .... ..........
convenient, that situation m ay be optim istic because ...... 01 .1.. . .... L00.

l• 0,•11 0.0-1 0-21 - -

of the performance of advanced facilities considered X,0 0.01 0.0-.. 0..

in Reference 3-5. In some cases, special similitudes :%. .... ... ...... .
like binary scaling (see Reference 3-6) may be 000 .0 1 3 0..0. . ....... . .
employed to achieve some flexibility in facility .... 0-9,, . .0... 0.01... .
requirements and model scale. However, in other A oooooooo 00
instances, it is possible to operate the test facility at
high enough enthalpy and pressure levels to produce For the total or reservoir temperatures in the range
the physical phenomena being studied and to use a that can be obtained in current hypervelocity
judicious combination of measurements and facilities, the dominant internal modes of excitation
computations that contain the key physics to interpret and chemical composition effects include: vibrational
the experiment.17  excitation of nitrogen molecules (N2) and the

formation of oxygen atoms (0) and nitric oxide (NO)
from the dissociation of N2 and 02. In hypersonic
nozzle expansions from the reservoir conditions
being considered here, these quantities remain very
close to their equilibrium values into the supersonic

3.2 Test Flow Non-Equilibrium and Facility portion of the nozzle flow.
Limitations on the Simulation of
Hypervelocity Flowfields The potential effects of nozzle nonequilibrium on

In discussions of hypersonic facilities, hypersonic testing have been the subject of extensive
nonequilibrium effects are often cited as limiting the earlier studies and were reviewed in a recent paper
ability to define the test flow conditions. However, (Reference 3-1 and 3-8). The shuffle reactions
at these reservoir density levels, intermolecular (Equations I and 2) are a key control on the
forces can be even more important in the initial part generation of NO in expanding flows. These
of the nozzle expansion and are seldom mentioned. reactions have much larger rates than the net
The effect of intermolecular forces on the production of NO. Reaction (3) tends to be
compressibility in the reservoir is about 10%, dominated by the reverse rate and Reaction (4) by the
whereas the dissociation effects on this quantity are forward rate, so that NO is consumed by Reaction (3)
only about 1%. The properties of a chemical and produced by Reaction (4), resulting in nearly a
equilibrium expansion for the case T, = 4000'K and stationary state or constant concentration as shown
P, = 1000 atm are tabulated in Table 1. These values by the equations below:
were computed using the tables of equilibrium
properties of air presented in Reference 3-7. The N+ NO -* N2 + 0 (3)
compressibility factors in the equation of state, as
defined in Reference 3-7, are Z and Z*, where N+ 02 -> NO + 0 (4)

P=Z ROT= ZZ* pROT While nitrogen is a trace species at stagnation
P =temperatures typical of flight below 5 km/sec, it isconsumed by both reactions, thereby decreasing the

N concentration even further. The 0 atoms arewhere p, p, and T are the mixture pressure, density produced by both reactions but are consumed by the
and temperature, respectively, M0  is the three-body recombination process until collisionalundissociated molecular weight, and M is the freezing occurs.
molecular weight of the dissociated mixture. Thus, Z
represents the contribution of the intermolecular The results of the nozzle calculations for the reservoir
force effects to the compressibility and Z* the conditions of 3500'K, 1000 atm indicate that the
contribution of dissociation effects. Before the flow freestream conditions are essentially ideal-gas,
has expanded to an area ratio of 10 in the supersonic undissociated air in the shock-tunnel test section.
section of the nozzle, both contributions to the The neutral species concentration variations along the
compressibility have decreased to less than 1%. nozzle expansion are plotted in Figures. 3.7a and
Consequently, the dominant real-gas effects present 3.7b. There, the behavior of the neutral species
in the reservoir and the initial portion of the nozzle chemistry is graphically illustrated, with the NO
expansion are the intermolecular force effects on the concentration reaching a nearly constant, stationary-
equations of state for air. state value not far below the reservoir concentration.

The computed concentration of NO in the test section
is small, being less than 5 mole %. As illustrated on
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Figure 3.7b, the frozen O-atom concentration is much
lower than the NO concentration which, with the N-
atom concentration (which is extremely small to
begin with), is consumed very rapidly in the
expansion at almost the rate corresponding to
chemical equilibrium. At the 4000'K reservoir
condition, the test section NO concentration is
somewhat lower than that for the 3500'K case, being
about 2.5%.

I 1- -300--/.

1- --- - - - - - - - - - -- - - --

.. / ..................
.. /............

10 I

Figure 3.7a Nozzle Species Concentrations
Versus Area Ratio

1., "

- -• --

Figure 3.7b Nozzle Species Concentrations
Versus Area Ratio

The N2 vibrational temperature defined by the ratio
of the first vibrational level is plotted, along with the
translational/rotational temperature in Figure 3.8.
The lower vibrational levels are essentially in a
Boltzmann distribution at the frozen vibrational
temperature of 1800'K indicated in the figure. This
vibrational temperature value is well above the
translational temperature, but the fraction of flow
enthalpy tied up in this internal degree of freedom is
only about 2% at this stage in the expansion.
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Hypervelocity Flows and Similitudes," AEDC
L..... ZITR-67-72, April 1967.

3-6. Gibson, W.E., and Marrone, P.V., "A
.. .- \"-Similitude for Nonequilibrium Phenomena in

Hypersonic Flight," The High Temperature
------------ Aspects of Hypersonic Flow, edited by W.C.

Nelson, AGARDograph 68, Macmillan, New
... -York, 1964, pp. 105-132.

3-7. Hilsenrath, J., and Klein, M., "Tables of
Thermodynamic Properties of Air in Chemical
Equilibrium Including Second Virial

Figure 3.8 Nozzle Temperature Distribution Corrections from 1,500K to 15,000K,"

Versus Area Ratio AEDC-TR-65-58, March 1965.

Unless vehicle scale and all the freestream properties 3-8. Dunn, M.G., Lordi, J.A., Wittliff, C.E., and

are duplicated, then the flowfield about complex Holden, M.S., "Facility Requirements for
configuriationsewilldither to fsowfieldegeomphex Hypersonic Propulsion System Testing,"
configurations will differ to some degree from the reprint from High-Speed Flight Propulsion
flight flowfields. The discussions here demonstrate Systems, Vol. 137 of Progress in Astronautics
that facility limitations and nonequilibrium effects andAeronautics, 1991.

prevent full duplication. However, meaningful

measurements can still be made that provide
validation data for CFD codes and that can guide the
design and reduce the risk of flight experiments. The
approach taken here is that, if carefully designed,
ground-test experiments can simulate some of the
major physical effects of nonequilibrium hypersonic
flowfields. Such experiments require predictive
techniques to design the experiments and specific
flowfield measurements to verify that the design
conditions of the experiment have been met.
Measurements of freestream conditions, including the
nonequilibrium vibrational temperatures and species
concentrations, should also be part of such
measurements.
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4. KEY BOUNDARY LAYER TRANSITION originate near the edge of the boundary layer and are
PHENOMENA FOR HYPERSONIC three-dimensional in nature.
VEHICLE DESIGN

4.1 Introduction
While boundary layer transition is one of the most
important parameters in the design of hypersonic
vehicles, there remains a considerable gap between
"engineering" efforts to correlate the occurrence of
transition and fundamental theoretical studies. The
engineering studies have concentrated on correlating
experimental measurements of transition obtained in
flight tests, ballistic ranges, and wind tunnels against
almost every conceivable parameter, while the
fundamental studies have been aimed principally at 5

exploring the modes of instability of the laminar
boundary. The basic problem is that boundary layer Figure 4.1 Schlieren Photograph Showing
transition is controlled by the detailed aerodynamic Development of Transition of a
environment as well as the Reynolds number as
demonstrated by Osborn Reynolds"' in his classic Hypersonic Flow

studies.

4.2 Observations of Turbulent Instabilities in
Constant Pressure Laminar Hypersonic
Boundary Layers

Shown in Figures 4.1 and 4.2 are schlieren
photographs of the boundary layer transition region -

over a sharp, slender cone at Mach 13 and zero angle
of attack. The first evidence of transition is given by
the appearance of regular instabilities in the boundary
layer. These eventually break down into a random
structure as transition proceeds. Transition is
observed as a growth of the boundary layer in the
schlieren photographs as the position of maximum Figure 4.2 Schlieren Photograph Showing
density gradient changes. Additionally, the heat Regular Bursting that Precedes
transfer measurements in the transition region exhibit
an intermittent character, which first appears as
"spikes" in the heat transfer data measured near the

beginning of the transition region. The magnitude instabilities observed in the schlieren photographs,

and frequency of these spikes increase with indicate that the dominant mode leading to transition

downstream distance until the end of the transition in this case is not the axisymmetric second-mode

process, when the spikes coalesce to give a higher disturbance, but a helical mode in the same frequency
heating rate with less intermittence, Spatial and range as the axisymmetric range, and propagating attemporal correlations of these measurements suggest an oblique angle to the freestream. Recent
that, close to their point of origin, the disturbances computational studies (Bestek et al. "2, Chang andare convected downstream at approximately half the Malik"3) have found that the more relevant transition
freconvecteddownstream veloy w towardthely edf tmechanism in high-speed boundary layers is thefreestream velocity , w hile, tow ard the end ofob i u - de r ak w n M st o a ly Ch g a dtransition, the convection velocity has risen to oblique-mode breakdown. Most notably, Chang and
tapproimathely 85%cofvecthei fro e velocity .hasMalik" 4 examined the non-linear interaction of a pairCloser examination of the photographs, as well as the of oblique helical second-mode disturbances in aheat transfer data, suggests that the instabilities boundary layer over a sharp slender cone at Mach 8;heattrasfe dat, sggets tat he nstailiies they found that it is possible for the dominant
leading to transition in the zero-angle-of-attack case theyifon that is posblheforlthe -dotransition mechanism to be the oblique-mode
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breakdown when the freestream temperature general, three comparisons were made, one with
fluctuation is greater than 1% and the freestream transition as far forward as possible, one with
pressure fluctuation is not at the range of frequencies transition at the farthest downstream station, and a
related to the second mode. As stated previously, it third between these cases. The computer solutions
is expected that the dominant freestream disturbance were obtained either for fully laminar flow or for
in the Calspan shock tunnel is a temperature turbulent flow employing either a Baldwin-Lomax or
fluctuation, which presumably would cause the k-s model of turbulence. Predictions were also made
dominance of the oblique helical second-mode for a hybrid case where the code was switched from
transition mechanism, which eventually breaks up laminar to turbulent at an axial station prescribed by
into random motion as transition develops, the operator. This position was generally selected to

coincide with the beginning of transition as
4.3 Boundary Layer Transition in Regions of determined from the experiment.

Adverse Pressure Gradient
Comparisons between the experimental

In the design of hypersonic air-breathing vehicles, measurements and computations employing the
the prediction of transition and transitional regions in GASP code were made for the Mach 10 condition at
regions of adverse pressure gradient represents a key three unit Reynolds number conditions covering the
factor in the design and performance of the integrated unit Reynolds number range employed in the
vehicle and propulsion system configuration. In experiments. In each case, the flow was assumed to
order to examine the performance of contemporary be laminar or turbulent from the leading edge; for the
prediction techniques, such as the GASP code where turbulent flow, Baldwin-Lomax and k-s models were
it is possible to obtain predictions of the distribution used in the computation. An additional set of
of heat transfer through regions of boundary layer calculations was made by switching from the laminar
transition, a series of experiments were performed solution to a turbulent calculation employing the
with a curved compression ramp similar to that which Baldwin-Lomax model at a prescribed axial location.
might be used as an inlet for vehicles traveling up to In these latter calculations, there was no attempt to
Mach 12. In the series of experiments discussed employ a model of the transition region. Figure 4.3
here, freestream Mach numbers of 10, 11, and 12 shows comparisons between the computations and
were selected so that the unit Reynolds number of the the heat
freestream could be varied at each Mach number to 2.0 ......... 2.0

move the onset of transition from the beginning of [-..d - -- k-.Chi..

the curved section of the model, at the largest .6 ..... - * D, ......... 1.6
Reynolds number, to the trailing edge of the curved 1. 12 .. . .... .--- .- ..- 1.2

section at the lowest Reynolds number. We
examined both the shape of the mean distribution of 0. .-.-

heat transfer as well as the fluctuations in the output 0. 0................0.4

of the thin-film heat transfer gages to determine the | .

beginning and end of the transition region. While 0. .. .. ... , 0.0
0.0 0.0 0.0 0.0 0.0 50.0

appearance of spikes in the heat transfer record Axial Distance (inches)

provided a clear indication of transition onset, the 14.014.0 1.

end of transition, as marked by a decrease in the ' ' ...... .... .. . . 2. 0

intermittency, is a less-definitive quantity. The 12.0 12.. L., + ,.,

situation is further complicated, because the position 10.0 .l........... - . ....... I

of the beginning of transition fluctuates with time. 8• ..................... ...... 8.

The distributions of heating reported here are time- 6.0 -........... 6.0S6. _ ...... _._..• ~• / ........ ....... .... ......... -------
averaged measurements over a 5-ms period of the run 4.0 ... ... _I .......... . 1. . ... ................ 4.0

time. 2.0 ... . . ..... 2.0

0.0 1 .. I ... .. 0.0

To provide further insight into the laminar and 0.0 10.0 20.0 30.0 40.0 50.0

turbulent nature of these flows and to examine the Axial Distance (inches)

performance of one of the standard Navier-Stokes
codes, we ran comparisons between the experimental Figure 4.3 Surface Pressure and Heat Transfer

measurements and the GASP code for a number of Measurements and Predictions for

selected test conditions at each Mach number. In Run 5
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transfer and pressure measurements. The approximately 12 inches results in surprisingly good
comparisons between measurements of pressure and agreement between theory and experiment, as shown
the theoretical predictions show that the boundary in Figure 4.9.
layer model exhibits little influence on the pressure
distribution, and that the theory is in good agreement 14.0 14.0

with the experimental measurements. Conversely, - - ... i .... i,

errors in the selection of the condition of the 12.0 o . ...... 0
................................ ............ .. ......... . ... .. .... .

orders-of-magnitude errors in the prediction of the + 80 ,.8. .......... ...... 8 .0

heating level. Assumption of a laminar boundary + + .4.

layer over the complete configuration would result in + 6.0 ... 6.0
underestimating the heat load to the major segment 4.0 ... .. 4.0

of the compression surface by a factor of eight.
Assuming the flow to be turbulent from the leading
edge would result in underpredicting the heating load 0.0 0.0' .0 50.00.0 10.0 20.0 30.0 40.0 50.0

with the k-s model and over-predicting with the Distance (inches)
algebraic model. Clearly, the position of transition
and the development of the boundary layer Figure 4.4 Heat Transfer Measurements and
downstream of this point must be carefully modeled. Predictions with Transition for Run 5
If the solution is switched to laminar from turbulent
close to the point that transition was observed 1.0 1.0
experimentally, we obtain a closer agreement Land= - ' -a"Chi ""shown in 08ll ke•Ch~ie, t
between theory and experiment, as shown in 0.8 ------ B_._ln- + D_ 0.8.
Figure 4.4. One could conjecture that the theory

could be brought into closer agreement to the .0.6 0.6
experiment if a model of the transition region were
incorporated into the prediction m ethod. Figure 4.5 • 0.4 ..................... ................. ... .-- .--- '_..... .. ... .... ... 0.4

shows the comparison between predictions and i |
0 .2 . .... ....... . . 2

experiment for an intermediate Reynolds number 0.2 2

condition. Comparisons between theory and 00 . . . ..
experiment at the lowest Reynolds number at which 0.0 10. 0 20.0 30.0 40.0 50.0
the Mach 10 studies were conducted are shown in Distance (inches)

Figure 4.6. Again, the pressure is in good agreement
with the experiment. For this condition, where
transition occurs well downstream of the leading
edge, theory is in good agreement with the 12.0." .,.'.................12.0
measurements in the laminar flow, and, although the 10.0 oLaminar - k-LChien... . 10.0

heating in the transition region is poorly predicted, ----- -Lmx Da

the final heating levels on the ramp are predicted 8.0 .....0 --.. ................... ........... 8.0

with reasonable accuracy by the Baldwin-Lomax +6.0 - .6.06.0 ........... . ........ ........ -------"• ' - ------" -... . 0.. .

method. Surprisingly, the k-s method gives a very . • ++*+ +
poor prediction. Figure 4.7 shows the comparison * 4.0• ....... 4.0

between the measured heat transfer and the 2.0 ....... .......... .. .......... . . 2.0
computation in which the solution is switched from÷
laminar to turbulent at the 23-inch station. The 00 ,,0.0
predictions for this case are in relatively good 0.0 10.0 20.0 30.0 40.0 50.0

agreement with the experimental data in the laminar Distance (inches)

zone and on the second straight compression ramp.
Finally, at the intermediate Reynolds number Figure 4.5 Surface Pressure and Heat Transfer
condition shown in Figure 4.8, we see that the Mur a
predictions of heat transfer with the assumption of
laminar or turbulent heating from the leading edge
are in poor agreement with the data, whereas
assuming transition in the prediction method at
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0.5 __ _ _ _ _ _ _ _ _ _ _ _ _ 0.5 1.0 . .. 1.0

II I I

046 ... ..... -J ....e 0 .8.. .D i.r.. o a -- u - 0.8----

C6. 0.3 ...... 0.6.... ......... 0.6
4 .... ...... .......... - ------- .0 .3

S 0.4 .. ...... ... ...... 0.4

- 0.2 ........ ........ 0.2
a.0.2

0.0 10.0 20.0 30.0 40.0 50.0
0.0 . I I .1L.....0.0 Distance (inches)

0.0 10.0 20.0 30.0 40.0 50.0

Distance (inches) 12.0...... .. .. .............. 12.0

8.0 _________________ 8.0 10.0 mnf --- kCh

7.0_ LAM = - - - k-eChi j. .. 7.0 , ~8.0 ........... 0
6 . . ... .. ........... ......... 6.0 6 0

5.0 6.. .5. .... ... A ..... 0
.......0 . ............ -... .....

.. j +
2.0 ....... ....... .0..............0. .

0.0.0 0........ 20. 300 40 45.0

1.0 ........ ............ .1 ........... .0 Dit nc.in h s

0.0 .... .....j.. 0.0
~~~r+0.0 10.0 20.0 30.0 40.0 50.0Fiue48 SraePsueanHatTnfr

10 ........ L:............ ...... 10Distance (inches) M a u e e t n rdcin o

Run 20
Figure 4.6 Surface Pressure and Heat Transfer

Measurements and Predictions for
Run 14 12.0 . . I 12.0

10.0 .... ...... 10.0

100. . . .. . . I I10.0 8.0 ........ ......
10.

Lanminar/BaldwiflLcnam . 6.0 +..~ .. .. .~.- ~ . 6.0
8.0 - Data 4..0t .+! + ',

...... ~ 4.0.. ... ± ... ..........-. ..... 4.
6. .. ..... ... ... ........ ........... 2.0.

0.40020.0 30.0.40.0.50.0
21 .0 ................2. .0Ditne(chs

0.0 ....... .... 4.0 Fiue49 HatTase.eaueet 0n
~++0.0 10.0 20.0 30.0 40.0 50.0PrdcinwthTasiofr

2. ...... .. .. .... .......... .... .. ......... 20 Distance (inches) R n 2

0. ...... 00Figure 4.7 Heat Transfer Measurements andCoprsn bewnth GAPcd peitos

Predictions with Transition for and the experimental measurements at Mach 12 were
Run 14 made for two conditions spanning the range of unit

Reynolds numbers employed in the experiment.
Comparisons between theory and experiment at the
largest unit Reynolds number are shown in
Figure 4. 10. For these flows, where transition occurs
well downstream on the curved compression surface,
the theory is in good agreement in the laminar
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segment of the flow, and in good agreement with the
Baldwin-Lomax turbulence model for heat transfer 12.0 12.0

levels over the latter half of the second straight 10.0 ,...,.-,. 100.
compression ramp. Again, the more complex k-e LoD.a L.
model does not result in good agreement in the fully 8.0 . .. 0turbulent flow over the second straight ramp section. ,----

Switching the solution from laminar to one with the 6.0 ......... ....... ............
Baldw in-Lom ax m odel close to the point where 4.0 .... ................. ................................ I .................. I ................. 4.0
transition is experimentally observed results in a
prediction (see Figure 4.11) that is in relatively good 2.0 ............. 2.0
agreement with the experimental measurements. At 0.0 . . . ..

the lowest Reynolds number at which this segment of 0.0 10.0 20.0 300 40.0 50.0
the study was conducted, there is an extensive Distance (inches)
laminar region over the straight initial section and
curved compression ramp, and the laminar theory is Figure 4.11 Heat Transfer Measurements and
in good agreement with the heat transfer Predictions with Transition for
measurements, as shown in Figure 4.12. The heat Run 22
transfer along the second straight section is poorly
predicted, even if the position of transition is inputted 0.4 0.4

from experimental measurements, as shown in __ ,i__ -- - k-e C
Figure 4.13. Finally, the code predictions are 0.3 Bd...... Bdwin-L + D+ 00 . . ......... ...... . . ................ ,. .__ ._...."....•...' ..................-- -, . ............ 0 .3
compared with the data at Mach 12 from the I ' - -

intermediate Reynolds number condition in .K 0.2
Figure 4.14. Again, the laminar predictions are in --0.2....-- . .. 0

good agreement with the measurements, and the
Baldwin-Lomax model provides the most accurate 0o.1 .. . . . .......... 0.1

. --
predictions in fully turbulent flow. ++ ÷

0.5 . . , . I . . . .__ . . . .__ . . . ._ _. . . . 0.5 0.
. 0.0 I0.0I - - - k.-Chim 0.0 10.0 20.0 30.0 40.0 50.0

0.4 . i aaum DNS 0.4 Distance (inches)0 .... ... ....o.. ..... ......... ... ... ...... ... . .
02~~~ + ++d~L~IX5

1 < .0.255.

Disanc (inhs t . . I a",- *•i + ...... 2.
0 .1 ..'.- ." ........ ..... .... ....... 0.. .. ... .... .... .. .. . .. .- ----- - . . .. ............... ......... .. . . ..... ................ 4 .0

. ... ....... ......... . ... ........ ... .12.0 1.0L 1.0
0.0 . ..... 1.0 0. 3 + 0.0

0.0 lO.0 20.0 30.0 40.0 50.0

D2.t0nce (i. ches) 2..0 .. . ..............2.
12.0 12.0 1.0 ! ! ++••

. . .- I .. I . . . .• b e l . ... .... . ...... --------- ... ........ ............ . .... 1,- . 0.

10.0 .... ...... ma +".• . . O 10....... .0 0.0 ... .: , .: , .. . . . ., o.o.

0.0 0.0

0.0 10.0 20.0 30.0 40.0 50.0

anc ic - Distance (inches)
• 6 .0 ' /I , ++-.,.... ...... .t.... .......... V"... ...... ...... ..... "t*............. ..................... * +- .- 6 .0

.Figure 4.12 Surface Pressure and Heat Transfer
,Measurements and Predictions for

2.0 2.0 Run 39

0.0 10.0 20.0 30.0 40.0 50.0

Distance (inches)

Figure 4.10 Surface Pressure and Heat Transfer
Measurements and Predictions for
Run 22
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6.0 6.0 4.3 Attachment Line Transition on Swept
SLeading Edges5.0 l - ,." " 3 " 'l [....... !.............. 5.0

4.0 . . . 4.0 4.3.1 IntroductionS...... ........i ........... .......• ... ............. ... " .... ..... ...... 4.... .... .... The occurrence of boundary layer transition on the

S 3.0 .... ,... ......... 3.0 attachment line of highly swept leading edges is an
-2.0 ....... 2.0 important design consideration factor, not only

2.0because it influences leading-edge heating, but also

1.0 . ....................... 1.0 because disturbances generated in this region of the
oi. + flow can exert the dominant effect on transition on

0.0 10.0 20.0 30.0 40.0 50.0 the three-dimensional afterbody. For example,
Distance (inches) disturbances generated on the leading edge of the

Space Shuttle have been linked by Poll (Reference 4-
Figure 4.13 Heat Transfer Measurements and 5) to the occurrence of transition on the main body of

Predictions with Transition for the Shuttle's wing. Introducing a disturbance on the
Run 39 attachment line with surface discontinuities or

roughness, or a wing-body junction, can result in
0.5 ... 1__...,_..._...,_.. 0.5 transition Reynolds numbers that are consistently

- La,,u - - - k-C Ci.. lower than those for the smooth configuration. In
0.4 J Baldwin-Lonx +Da ..... 0.4 fact, the relatively low Reynolds numbers at which

the stagnation-line heating becomes turbulent on

0.3 .... .......... .............. .......... ................ 03 swept wings or fins, because of disturbances
introduced at the wing root, can become a major low-

0. . .................. .... ................ ............. ..... . .... . =.• .......... .......... 0.2aliu e p r o m n e i it i n f r fn ed h e s n c
0.2 . 0 2altitude performance limitation for finned hypersonic

a.+ 14.6
0 " . • i + 0 1vehicles. Studies in supersonic flow by Bushnell0 .1 .... . .......... ................ -. ..... 0 .1

a P14-7and Poll have suggested that, for highly swept fins,

0.0 . i 0.0 freestream Reynolds numbers of just over 105 based
0.0 10.0 20.0 30.0 40.0 50.0Dtac (10h0 20.0 30.0on leading-edge diameter are required to inducetransition downstream of a wing/body junction. For

this configuration, Poll4"7 suggests the transition

criteria Re*=245, where12.0 .12.0

10.0 .. L Baldwin-Lornm + Dat . ...a.... 0 -o p* 1. 0 •

660e* = RLeD . * tan J 245 (1), 8 .o ............ .. :. ..... ... ................. ..4 .... ....... ...........i .. .................... 8 0U

S6.0 ....... ------ ---- 6.0

40 i 4.0for high Mach number flows, the boundary layer
+ .properties are evaluated at the reference temperature

""2.0... 2.0,T* = TA + 0.10 (Tw - TA) + 0.60 (Taw - TA). The2 .0 ............. ... -............... ,..-._. ... ..... .... .• ........... ......... •........ 2 .0

+ correlation developed earlier by Poll is shown in
0.0 1.0 20.0 30.0 0.0 Figure 4.15. For swept leading edges without0.0 10.0 20.0 30.0 40.0 50.0

Distance (inches) disturbances introduced at the wing root or surface
discontinuities on the attachment line, measurements

Figure 4.14 Surface Pressure and Heat Transfer by Creel4.' at M=3.5 suggest an ReD=7 x 105 for a
Measurements and Predictions for freestream Reynolds number for transition onset for
Run 26 highly swept leading edges. A survey of the

published results of attachment line transition

studies4 -9 thin 4-22 indicates that transition
measurements have not been reported above Mach 8.

Recently, Holden and Kolly have extended the
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range of measurements from Mach 8 to 12 and the where 11 is a characteristic dimension of this viscous
results of these studies are presented here. flow and has been defined by the expression

A = (2)' "=•" 1"1 t dx x0

- - -then Re[ "- dx x0) (3)

.7 1 .1 7-, [ V A ( d U l =l1 2

:: T.' or[...IV2 C 1(VAU Ul)]I/2 (4)
A,.30 3 .13 9. ,o0 4J.303,

o 20 .91 3.3,,o0*33 •,

7. . where U1 (5)
. ! .0 360 -. 0 . .0 .0 ' o X x= 0

Figure 4.15 The Variation of Re* at the Onset of
Transition with Edge Mach Number Introducing trips on the attachment line introduces a

and Wall Temperature characteristic roughness ratio k/I*,which has been

shown by Poll to control the Reynolds number for
4.3.2 Correlation ofAttachment-Line Heating transition onset for Re less than 800. Figure 4.17
There are two flow configurations of interest, (1) the shows Poll's correlation of transition onset obtained
smooth swept cylinder, where attachment line on cylinders in compressible flows. The key
transition is influenced by the attachment line conclusion from this figure is that, for values of k/TI
Reynolds number and disturbance in the freestream, > 2, the attachment line Reynolds number for
and (2) the swept cylinder with attachment line transition onset was independent of internal or
contamination, where transition onset is controlled external disturbances. A correlation of transition
principally by the attachment line Reynolds number onset on very rough long swept cylinders is showfn in
and the magnitude of the surface roughness or Figure 4.15 and suggests the attachment line
disturbance introduced at the tip. Studies in subsonic transition number R* = 245. Here, the "star" denotes
and supersonic flows have established that the major
parameter controlling laminar and turbulent heating conditions evaluated at a reference temperature T*,
along the attachment line, as well as transition onset, defined by Poll as

is the attachment line Reynolds number, (Re), which T* = 010 TT +
is defined as

IVA evaluated on attachment line (See

VA
Figure 4.16) 600,. .N 200

S0 O.8l 1 .6 2. 3.2/ 6.0 4*.8 5.6

,.[(o•o):. ... , Figure 4.17 Correlation of Attachment Line
3,,7.. -•. .0 - • .. Transition Onset with Surface

S..... -7....0 .- ., - oo(:o.(.) ( .) - Roughness Height

Figure 4.16 Flowfield and Attachment Line
Equations
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Poll, in a similar somewhat arbitrary manner, Figure 4.18 for the measurement made in the current
suggests that compressibility effects could be program. On the basis of analysis of the
incorporated into the roughness-effects correlation by measurements made in an earlier study, Holden

replacing Re by Re* and 1q by r1 * suggests a new reference condition defined by

For incompressible laminar flow, it can be shown T* 0.3Tw + 0. 5 Taw + 0.28TA (13)

that the heating rate to the attachment line is given by

StA = 0.571/(Re)- 1/Pr2 /3  (7) . . _

For incompressible turbulent flows, the attachment
line heating can be expressed as

StA = 0.69 1(8)i
2Pr2 /3 (ý-e)0.42

To account for compressibility effects, employing a .

reference temperature at which the properties of the
flow are evaluated has been used successfully for Figure 4.18 Correlation of Attachment Line

flat-plate and cone flows. Poll47 has suggested that, Heating (Poll Reference
for the attachment line, a reference temperature Temperature)
defined by the relationship

Correlations of the attachment line heating
T* = 0.1Tw + 0. 6 0Taw + 0. 3 Taw (9) measurements in terms of this parameter are shown

in Figure 4.19.
is the most appropriate for attachment line flows.

The expressions for laminar and turbulent attachment 0
line heating in compressible flow, employing the
above expression together with the relationships from F
Figure 4.16, then become

(10) I I I I
Sq - .4,(WA) ý(ýýUI f

stA-pU6 ) M

for laminar flows and Figure 4.19 Correlation of Attachment Line
Heating (Holden Reference

(11) Temperature)
(\Q7J 0.21q -(OW£8 ATA I & 5ta(21 The measurements of laminar heating rates along the

S•2P3 j,) 4 attachment line of smooth cylinder configurations are
in good agreement with the prediction and indicate

for turbulent flows where that flow can remain laminar for attachment line
Reynolds numbers of up to 600 before transition is

ReD = Q.D/v. (12) observed on the attachment line, and a Reynolds
number of 800 before the flow in the attachment line

Comparisons between the attachment line heat boundary layer is fully turbulent. The measurements

transfer measurements and predictions employing of turbulent heating rates are greater than the

Poll's reference temperature are presented in predicted levels, particularly for the boundary layers
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tripped by the 0.030-inch roughness. Here, we tripped conditions in supersonic flows as shown in
believe that we are observing the combined effects of Figure 4.20, resulting in the equivalent transition
the enhanced mixing downstream of the roughness, criteria Re* = 250. In recent experimental
coupled within the characteristic heating "overshoot" R
that is similar to that observed just downstream of studies(see Reference 4-23), we have varied Re,
these transitions on flat plates and cones. Again, from 200 to 600 and k/ri* from 0.8 to 2.4, which

effects are more pronounced and persist over greater covers the range from smooth to fully rough on Poll's
downstream distances in high Mach number, low correlation. Here, it should be noted that the R based
Reynolds number flows. Despite the use of trips with on inviscid flow conditions over the attachment line
k/iq* well above 2, we begin to observe turbulent varies from 500 to 1200, and that employing

heating levels only after generating attachment line reference conditions for 1I and Re has yet to be
Reynolds numbers above 300, as shown in validated. For the smooth configuration, turbulent
Figure 4.19. bursts were observed for Runs 18 and 20, which are

at Re, of 550, and laminar boundary layers were
4.3.3 Correlation of Attachment Line Transition a e*o 5,adlmnrbudr aeswr

Orelti observed at larger values. This value corresponds to
Onset t

Flight and ground test studies of the swept leading a freestream Reynolds number based on cylinder

edge of delta wings found that transition on the diameter of 8 x 105. The effects of the alignment of

attachment line occurred at attachment line Reynolds the nosetip may be critical in controlling transition on

numbers of approximately 250. These relatively low the attachment line of the smooth cylinder. For the

values were traced to the presence of large fully tripped configuration employing the 0.030-inch

disturbances introduced by boundary layer fences, trips, we found that the minimum attachment line

streamwise end plates, and the wing/fuselage Reynolds number to induce transition was 330, rather
junction. Studies by Cumpsty and Head, and than the 245 found in earlier studies by Poll. For

subsequently by Poll, suggested that transition onset roughness ratios between 2 and 0.8, we observed a
on long swept leading edges can be evaluated in four trend similar to that observed in incompressible

flow regimes in terms of the parameters RTe and k/l, flows, although, clearly, the data interpretation for
this plot is difficult. Plotting the transition Reynoldsatascussntlined Fontaminatior vale s of lesm ,and 0number for the fully rough limit on Poll's transition

attachmentreline contamination effects are small, and correlation in Figure 4.20, it can be seen that we find

values of Re greater than 600 are required for that, at local Mach numbers of 8, the onset of
transition, depending on the level of disturbance in transition occurs at 330, rather than at Poll's value of
the freestream. For values of k/r7 > 0.8, transition is 245, obtained at the lower Mach numbers.
controlled by the disturbances introduced by the

trips, and Re for transition onset is strongly ,,Iw ,o,•w
dependent on k/7I. In the third region (1 < k/,I < N/ (./. k ,.
1.5), the transition is induced close to the trip, but I J
attachment line transition Reynolds number is still No ----- W_

dependent on trip size. Finally, for k/hI > 2.5, the
transition Reynolds number appears to be
independent on the trip size at a value of close to /im 0.= TO-

250. Although these observations were assembled 2W

from incompressible-flow data, Poll has suggested
that a modified attachment line Reynolds number -"I,.-
Re* based on a reference condition be employed to 0o 24 , . 40 4• .8

correlate measurements in supersonic and hypersonic
flows. Figure 4.20 Comparison of Present Study

Transition Onset Data with Poll's
Further, Poll suggests that I1 be replaced by i] * Correlation of Attachment Line
when computing the disturbance levels (k/l]*) in Transition with Surface Roughness

compressible flows. Neither assumption is strongly Height
grounded. However, Poll was able to correlate
attachment line transition measurements for strongly
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4.4 Crossflow Transition Pla, ,mmo0 to
outer strearm line

4.4.1 Introduction Tanent to,
oular Streamlfine

Recently, concerted efforts have been made to extend
this understanding to the three-dimensional boundary
layer, where crossflow effects can become a cro,.ir,,
dominant influence on transition. Three-dimensional component

flowfields exist along the swept leading edge of high- Tangentila #W•

speed vehicles, as well as any flows having curved Tamnenta

streamlines/transverse pressure gradients. Some
notable studies of the leading-edge and three- lpland tangent to body

dimensional transition phenomenon include Poll ,
4-22 Wall shear stress

Chapman , and Balakumar . Because transition
is first observed on vehicles at incidence, an
understanding of transition in a three-dimensional Figure 4.21 Three-Dimensional Profiles in a
boundary layer is vital in the design of a high-speed Crossflow Boundary Layer
vehicle, since 3-D transition may be the dominant
transition process over most of the vehicle. There have been numerous experiments to

investigate the movement of the point of transition as
In three-dimensional flow, the combination of a function of angle of attack. Experiments performedpressure gradient and sweep deflects the inviscid by Stetson 4 4 ', Krogmann , Reda , and

streamlines. Since the fluid near the wall has a lower DiCristina4-32 have all consistently found the expected
momentum, this deflection is larger in the boundary rearward movement of the transition region on the
layer and causes a crossflow, as depicted in windward side, and forward movement on the
Figure 4.21, i.e., a velocity component within the leeward side. However, of p lad r importance is
boundary layer that is perpendicular to the local that part of the transition zone where crossflow is at a
mean inviscid-flow velocity vector. To match the maximum, i.e., on the sides (90 and 270 relative to
boundary conditions at the wall and in the freestream, mard) of slende s at and of attack.
the crossflow velocity profile is zero at these points Transition data in this region has been obtained by
and attains a maximum at some point in the boundary Taio 4-

layer. This crossflow acts to transfer momentum; for relatively few researchers (e.g., Stetson4 -29, Holden

example, on a cone at angle of attack, momentum is 33

transferred from the windward side to the leeward
side, resulting in a decrease of momentum thickness 4.4.2 Influence of Angle of Attack and Bluntness on
on the windward side and in an increase of it on the Transition
leeward side. The crossflow velocity profile has an There have been several investigations to examine
inflection point, which causes it to be dynamically the movement of transition with angle of attack.
unstable. The crossflow instability produces Results have consistently found a rearward
crossflow vortices, approximately aligned in the local movement of transition location on the windward
inviscid-flow direction. It is this crossflow instability side, and forward movement on the leeward side.
that dominates the transition process at angle of This effect is largely due to the effect of crossflow,

4,26
attack. The paper by Reed and Saric provide an which transfers momentum from the windward side
excellent review of this subject. This instability is to the leeward side, thickening the boundary layer on
fundamentally different than the two-dimensional, the leeward side and, therefore, affecting local Mach
axisymmetric second-mode and oblique Tollmein- number and Reynolds number. Experimental studies

Schlicting (TS) instabilities that lead to transition by Reda , Krogmann , and Stetson and Rushton"28

in the hypersonic zero-angle-of-attack case. As angle have all shown transition delayed on the windward
of attack increases, the dominant instability changes side, and the corresponding movement forward of
from the second-D mode and/or TS instabilities to a transition location on the leeward side. Stability

4-34combination of second-mode, TS, and crossflow studies, such as those by Stetson et al.. , Simon and
instabilities; eventually, the crossflow instability is 4.35  4-3 6

dominant.Dallman , and Hanifi and Dahlkild , have
demonstrated the increase of growth rate of the
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dominant instabilities on the windward rays, and This stabilizing effect is clearly not evident in the
4-31 4-30opposite behavior on the leeward rays. However, of results obtained by Reda43 , Krogmann , and

importance in understanding crossflow transition is Pte4-37atlwrM hnubshihmpesht
the transition location in the region of highest the interaction of the crossflow instability in these
crossflow, which occurs on the sides of the cone

relaiveto he reesrea diectoncases exhibits a destabilizing influence. This effect is
relaiveto he reesrea diecton.further evidenced by the reduction in transition
Measremnts f hat ranser nd orreponinglocation with increase in angle of attack in the curves

Measreumfeentsifa ea trans fero andu correspondingo reported by Potter, based on wind tunnel results of
cicmeeta rniinlcswr aefr4-38 4-32 4-39

various freestream flow conditions. Shown in Ward , DiCristina and Mateer . The
Figure 4.22 are distributions of transition fronts on destabilizing effect of crossflow is also demonstrated

the sharp 6-degree cone at various angles of attack, in the calculations of Balakumar and Reed4 2 , who
together with previous measurements on similar found a strong destabilizing effect of crossflow on
cones, but at lower Mach number. As in previous the oblique first-mode and 2-D second-mode
studies, the measurements show the transition point disturbances, which diminished as Mach number
moving forward with increasing angle of attack on increased.
the leeward side, and the transition point moving
towards the base of the cone on the windward side. In the analysis of transition measure obtained on
A unique feature of the shape of the transition front sharp flat plates and cones, we found that the
determined in the present study is that the positions Reynolds number based on the local momentum
of the most aft transition points occurred on the 90_ thickness (Reo) provided the best correlation of both
and 270_ rays, rather than on the windward rays as wind tunnel and flight measurements in hypersonic
observed in the earlier studies at lower Mach flow over highly cooled walls. Thus, following

numbrs. Thi fetur of urter edutio inFinson 44 , we have plotted the measurements made in
transition Reynolds number on the sides of the coneth rentsuisoehrwthhsefmealr
is evident at all angles of attack in this study, and hasg work in terms of the Reynolds number local
an increasing effect not only with azimuthal angle, momentum thickness and the local Mach number for

but lsowit ange o atackas how inboth sharp and blunt bodies (see Figure 4.23). It can
Figure 4.22. Recall that the sides of the cone are thebesnthtfrohsapadbltcnigain,
regions of highest crossflow, and it is these regions ••
where the crossflow instability first becomes the that (Rex/Rexo) •L is relatively independent of
dominant instability as angle of attack increases. As angle of attack. ThsM o hr cns tmyb
shown in this plot, the stabilizing influence of observed that transition moves forward on the leeside
crossflow becomes more apparent as angle of attack ray, principally because of the large increase in the

increses.momentum thickness; on the windward ray, the
so• S m. .~q F•~ e. 0ooe M. TIT•. • effects of crossflow and higher unit Reynolds number

Red. 0 Spark Range 5.' .35- 4.5 .22 12.5
(Rd., I3) Shadowgraph .45 -.48 -31.9 X 106•m, i°,•ng0 • 2 ., 5. -1.o .SSX~o combine to cause a decrease in the momentum

12).... . Htvn•,,e "",' •- .2 9 5s2- 9.SOXio thickness. In the situation with relatively large
(Ref.11) .50 .58

P Wst~uy" *cl~~~a~mf'&•h . .3"16 1.3 .14 3.OOX10i bluntness, the entropy layer is swallowed more
- PI,oto,• 5 rapidly on the windward ray than on the leeward,

which acts to increase the momentum thickness on
I..5.,0,... .the windward ray. This counteracts the action of

,.• J~l•l•3::r-crossflow to bleed some momentum from the

! windward ray to the leeside, and acts to further
t ,.oodestabilize the windward side relative to the zero-

0• .75 ,:•., ,.o angle-of-attack case.

N. .- -- "

0.25

000.00 60# . ..0 ,120'.00 ' 100.00

$' (Degrees)

Figure 4.22 Transition-Front Asymmetry, Sharp
Cone
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10.0

SHARP where
SYM 0, M_ SOURCE

o 1 S.O STETSON& RUSHTON
C a MUIR & TRUJILLO 610 = point in boundary layer above

/ B° •3 DUNN

o 13 PRESENT STUDY Wmax where W = 10%
o • Wmax

I* -•. H =l(81l) (T/Te) d0l

S 0

-WIND- -LEE- T

BLUNT L = fC* a, (3.279 + 1.721 +A)
R'. M VaI.a I Tad

(R,..8 ),r. M, + 0.664A)/(5 + 2.385A)
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Figure 4.23 Correlation of Transition Front ( + .

Locations on Sharp and Blunt Slender
Cones at Angle of Attack C*ad= (1 + 110.4/Ie)

V e (T*ad + 110.4/Te)
4.4.3 Correlation of Transition-Front Location V Te

Using Compressible Crossflow Transition

Reynolds Number T* =0.5 + 0.5 Tw + A/6
A low-speed crossflow Reynolds number transition Te
criterion was introduced by Owen and Randall 4 1,

given by W1a' , that correlates well with low- T*ad= 0.5 + 0.5 (I+A)+ A/6
Ve Te

speed data. However, extending this correlation to
the high-speed range has met with limited success. 1] is a typical similarity variable, and il(50o) is the4-22

Chapman extended this approach into the value of rI at 510. The factor H compensates for
supersonic and low-hypersonic range; however, these compressibility, and the factor L compensates for4-24

results have been criticized by Poll , claiming that heat transfer. Note that, since H is basically a ratio
contamination of the attachment line affected the of two distances normal to the wall, H can be

4-42
boundary layer in the crossflow region. King's calculated regardless of how 11 is defined. For an
results also found no correlation with the traditional incompressible, adiabatic-wall flow, RCF(new) is
crossflow Reynolds number. reduced to the traditional crossflow Reynolds

number.
Since the traditional crossflow Reynolds number is
used successfully at subsonic speeds, Reed and In their study, Reed and Haynes calculated
Haynes developed additional factors in the definition RCF(new) for the experimental data of Stetson443 at
of crossflow Reynolds number to compensate for the M42=6, and King42 at M,=3.5 in both noisy and
effects of compressibility and to compensate for heat a
transfer to the surface. Their definition is quiet freestream environments. The authors

suggested a correlation between the crossflow
Reynolds number and the maximum crossflow

RCF(new) = HLwmax6 10 velocity. However, separate correlations were
Ve developed for the noisy and quiet data. Results for
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the sharp cone at MN=13 in the present study are 400.0 " "

shown in Figure 4.24, with the noisy and quiet 135 Royo= 1.25 ft.

correlations of Reed and Haynes. Most notable is 9- R _- y. 1.9 = ,.,,

that the present results follow the quiet correlation,
especially as the level of crossflow (WmaxlUe) 200.0

increases. The reduction in scatter as crossflow
increases is expected, since, as Reed and Haynes
point out, the lower end of the curve and data are 0.0 -..
somewhat suspect. At low levels of crossflow 0 / 6

(Wmax/Ue <2%), the crossflow instabilities interact Figure 4.25 Crossflow Velocity Component at
with the other more dominant instabilities (T-S, 2nd Transition Onset, M,=13, a=3',
mode, helical, etc.) generated in the windward and RejFt=3.0 x 106

leeside regions. The additional problem arises in the
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5. SHOCKWAVE/BOUNDARY LAYER
INTERACTION IN LAMINAR AND
TURBULENT HYPERSONIC FLOWS ,0-

05

5.1 In trod u ction . . .0...4'. . .

5.2 Laminar Boundary Layer Separation in -• c I ,o? o
Planar and Axisym metric Flows -0 SEN FRICTIN• . .

I0 m 4AT TRANSFER

In high Mach number, low Reynolds number flows, : .'
a.WEDGE ANGLE lethe interaction between the growth of the laminar -

boundary layer and the outer inviscid flow over the '° i nr -
nosetip or leading edge and subsequent interaction
over control surfaces or inlets can play an important .. 2, / G ,4.e,
role in determining the aero-thermodynamic. 0.

performance of a high flying hypersonic vehicle. ,
Also because most practical vehicle designs employ """E-
blunt leading surfaces, the entropy layer can havea 10"

strong influence on the structure of the boundary
layer upstream of the interaction and on the pressures t.. WEDGE ANGLE UP

and heating rates on the compression surfaces. As .........-.. ".. .... ..-. '.
illustrated in the Schlieren photographs shown, in - / 0.

Figures 5.1 and 5.2 for flow over flat plate/wedge 10. '-"
and curved compression surface, at high Mach 0..

numbers it is difficult to distinguish between the D-.:,010 .
separation shock and the edge of the viscous layer 0

while in supersonic flow these features are distinct. 100- T -------:- .. _4-

An important feature of the structure of a hypersonic
DISTANCE FROM LEADN EDE (INCOESIlaminar boundary layer over a cooled wall is that 0 0 , 0 1. 2. 29

most of the mass and momentum is contained at the FLA"PLATE -RAMP

outer edge of the boundary layer thus making it din WEDGE ANGLE 24.R.

difficult to employ boundary layer control. a) Sharp Leading Edae[M -141 /FT-72x10 4

SYM WEDGE ANGLE102 GEGREES) -- - -

The importance of viscous interaction and leading 0. 13.9 ATTACHED FLOW
0 17.7 INCIPIENT SEPARATED FLOW

edge bluntness on the flow over a two-dimensional I 2.5. WELL SEPARATED FLOW

compression comer are illustrated by the 0o- , "RESSURE .
measurements of heat transfer, skin friction and .....
pressure shown in Figure 5.2. Here on the ,01-- 1 1 . I I . I I
configuration with the sharp leading edge, the 101 CH I 103 It. HEAT TRANSFER

viscous interaction extends 20 boundary layer
thicknesses downstream of the comer at which point 1000
the pressure has risen two orders of magnitude to the ,_0 . I . , ._...
inviscid wedge value. In contrast, the flap pressure C, 102 c. SKCIN FRICTION

(and heat transfer) on the configuration with the blunt 0.5

leading edge are dominated by entropy swallowing
effects and rise to no more than five times the values -0.- DISTANCE FROM LEADING EDGE (INCHES)

just upstream of the comer interaction. In this study 6 8 _ 2 1 .4 1 , 2 . 2,4

it was found that while bluntness was found to

decrease the size of the reverse flow embedded b) 0.71 Blunt Loading Edge [M 00 - 19.8, Re/IN - 8.7 x 103)

within the interaction region, flow separation
occurred at approximately the same wedge angle. In Figure 5.1 Skin Friction, Heat Transfer, and
a subsequent Pressure Distributions on the Flat

Plate-Wedge Models
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considerable importance to the heat shield designer.
The simple viscous interaction flow models that have

S:.been developed to describe laminar two-dimensional
0. •.: separated regions have their origins in the earlier

studies of Howarth'- Lighthills 3 and Oswatitsch and
S0 '6. Wieghardt,s 4  who proposed models for the
x : ,. . . ; . mechanism of upstream influence and boundary layer

- 0•. separation. It was then shown that upstream
0 influence and flow separation could be described

with good accuracy by a model in which the viscous

,. 0* '"0C .rlayer grew by mutual interaction with the outer
inviscid flow. At high Mach numbers, Holden5'

i .' i '' lo i 1showed that the normal pressure gradients must be

. .... ....... included in the description of hypersonic interaction
,i !regions to describe such flows correctly.

loo .,• .. .1 While Carter"' obtained one of the first solutions to
the Navier-Stokes equations for separated flows, the

S.... : :1 • :°-"; : i ! .technique developed by Hung and MacCormacks'

MOS ANa OM 05*,10 LE 000N EOI NES1
a .. . | represents the first relatively efficient method devised

.... to predict the characteristics of laminar separated

flows. Using the Navier-Stokes code developed by

Figure 5.2 Skin Friction, Heat Transfer and Hung and MacCormack, laminar solutions were

Pressure Distributions on the Flat obtained for comparison with the experimental

Plate - 20"R Cylindrical Arc-Wedge measurements at Mach 16. Comparisons between the

Models (Ref. 11) Navier-Stokes solutions and measurements in

(M,=14.0, Re/Ft=7.2 x 104) attached incipient separated flows are shown in
Figures 5.3a and b. For attached and separated flow

study, it was also shown that in contrast with over the flat-plate wedge configuration, thesturbulent flwas tlsheang thu winchntrast wthe ftheoretical predictions are in excellent agreementcoruldenturnedowitho indlethrucigh separationcoud with the experimental data. In particular, the form ofcould be turned w ithout inducing separation could t e h a r n f r a d s i r ci n i h e i n o
not be changed by radiusing the comer until the the heat transfer and skin friction in the region of
comer radius approached at least 15 initial boundary minimum heat transfer is well reflected by the
thicknesses. While, as discussed below, Holden"' theoretical predictions. Both theory and experiment
was able to obtain predictions in reasonable display a minimum skin friction downstream of the
agreement with measurements made in these studies corer or the wedge.
employing boundary layer equations modified to
incorporate the normal pressure gradient, it is clear Laminar Three-Dimensional Interactionsthatsuc preictons re ow bst btaied ith Most studies of three-dimensional interaction have
that such predictions are now best obtained with be odce oeaiefo ntecmro wnumerical solutions to the full Navier-Stokes been conducted to examine flow in the corner of two
equations. intersecting wedges with sharp leading edges alignedat an angle of 90 degrees with each other.

Laminar Two-Dimensional Viscous Interaction Stainback- 7, " made detailed heat transfer and

The increased stability of the laminar boundary at pressure measurements in laminar flow over such a

high Mach numbers, and the ease with which laminar configuration at Mach 5, and later at Mach 8, for a

boundary layers separate, coupled with interest in range of Reynolds numbers to identify transition.

high altitude hypersonic flight, has made laminar These experiments led Stainback to distinguish

flow separation in two- and three-dimensional between two flow regions: the near comer with

interacting flows of considerable practical which most previous theoretical work had been

importance. Experimental studies and flight tests concerned and the far corer which had been studied

show that the very large heat transfer rates and experimentally (see Figure 5.4). The near corner was

gradients generated in the reattachment regions of a region of mutual interaction of two boundary layers

laminar separated flows in high-speed flight are of and resulted in lower heating. The far comer was the
region of mutual interaction of the two inviscid
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flowfields caused by the intersection of the two flat
plates forming the comer. In subsequent studies, 0O I FRCTIO'

Stainback and Weinstein" further observed thatF 24.

interaction between the mutual boundary layers in the

comer results in a decrease in heat transfer in the
very near comer. Away from the comer, the vortex
system and reattachinent of the boundary layer
downstream of the shock induced separation (see Cf/Cf.
Figure 5.4) results in an increase of heat transfer 2
outboard of the near comer region. The basic 0
structure of laminar interacting flows was defined in 0
studies by Charwat and Redekeopp"' 0 at Mach 2 to 4.
Studies in hypersonic flow by Watson and .
"Weinsteinm" demonstrated similar features. I I I I

0.4 0.6 0.8 1.0 1.2 14 1.6 1.8
X/L

6
(SKIN FRICTIONI 100 I I

(HEAT TRANSFER)
5

0 -240

10-
3

0Cf 0 CH/CHO o

2

0

-1 f I 0.1 I I I I
0.4 0.6 0.8 1.0 1.2 1.4 1 1. 1.8 0.4 0.6 1.0 1.2 1.4 1.6 1.8

XIIL
X/L

10 0 0 0 Figure 5.3b Comparison Between Experimental
(NEAT TRANSFER) 0 Measurements and Navier Stokes

0 0Solution for a Well-Separated Flow
cOIC. Ci - lop 0•/

0
INTERSECTING
WEDGE

INTERSECTING
WEDGE SHOCK
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SHOCK
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SHOCK

SLIP SURFACE

AXIAL CORNER
-BASE WEDG

0.1 I I I I I I -BA M SHOCK

OA 0.6 0.3 1.0 1.2 1A 1.6 1.8 BASE WEDGE

Figure 5.3a Comparison Between Experimental
and Navier Stokes Solution for a Figure 5.4 Schematic Representative of Model
Mildly Separated Flow (Reference with Crossflow in Swept-Shock
11) Laminar Boundary-Layer Interaction
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Figure 5.5 shows the flow structure established from region where the incident shock strikes the laminar
pitot pressure and flow visualization measurements. sublayer, see Figure 5.7b. The separation point
The shockwaves generated by each wedge are joined moves forward with increasing strength of the
by a third shockwave, bordering Zone I and the incident shock until the separation shock becomes
freestream flow. Slip surfaces pass from the ends of visible in the inviscid flow downstream of the
this third shock towards the comer. Shock legs incident shock; as yet, separation is still downstream
extend to the surface -- a curved shock between of the point where the incident shock passes through
Zones II and III and a spread of the comer the edge of the boundary layer. For large incident
disturbance outside of the inner shocks. Kutler et shocks, boundary thickening occurs ahead of the
al.,"-" have shown that shock capturing techniques incident shock in an analogous fashion to laminar
describe the inviscid flow with good accuracy; flow separation. However, as in wedge-induced
however, viscous characteristics, particularly with separated regions, viscous/inviscid interaction takes
laminar flows, where viscous interaction is important, place almost entirely within the original boundary
are predicted with significantly less accuracy. layer. The structure wedge and shock-induced

turbulent interaction regions at Mach 13 are very
similar to those at Mach 8; however, as we might
anticipate, the viscous interaction region and the

WEDGEWSHOCK associated shocks are even more firmly embedded
within the original boundary layer.

I TRIPLE PLATE SHOCK UPSTREAM
/ INFLUENCE SHOCK

"I JET"`N0

~~' ~-~2( LAYER LAMINARI_____________________

f.) WEDGE ANGLE - 270

Figure 5.5 Shock-Wave Structure in Axial . , .
Comer Comprised of Two
Intersecting Wedges

5.3 Turbulent Boundary Layer Separation in
Two- and Three-Dimensional Flows ib) WEDGE ANGLE 3e

The development of two-dimensional turbulent
separated regions, induced in a compression comer,
and at the base of an incident shock, with increase in
interaction strength in hypersonic flow as obtained by
Holden,5 "3 are illustrated in Figures 5.6 and 5.7.
Separation is first observed in the laminar sublayer ,) WEDGE ANGLE -33

and a well-defined separation bubble is clearly
visible in Figure 5.6. The initial development of the
separation region takes place by an elongation into -

the laminar sublayer, with the separation and
reattachment shocks combining within the boundary
layer to form a single shock. Only when the WEDGE ANGLE - 3&-

separation point has fed well forward of the junction
is a well-defined plateau region formed. Then, in Figure 5.6 The Development of a Wedge-
contrast to laminar interaction regions, the separation Induced Separated Flow (M.=8.6,
shock originates at the bottom of the boundary layer ReL=2 2 .5 x 106)
and is contained within the boundary layer until it
coalesces with the reattachment compression process.
In separated regions induced by an externally
generated shock, separation first takes place in the
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- 71R gradients in the separation and reattachment regions.
The maximum heat transfer rates generated in the

-.. "reattachment regions of these flows is, of course, of

•-,.-•.. .,considerable importance. Holden"' found that for
"separated interaction regions the maximum pressure
and heat transfer measurements over the Mach

(A| SHOCK GENERATOR ANGLE 12.50 number range from 2 to 13 could be correlated in the

form shown in Figure 5.8a.

0 1.

9 10

1b) SHOCK GENERATOR ANGLE 16I
7 [I ll$~ (WLIOS YM - SHOCK INCIJI D INTERA4CTION

- i v i IO-B MAGNAN&kSPURLIN ".

250 HSI NG TA

O 023

II I •ECE & KORYCIRSKI

(€)~~~~ ~~ SH4 1EEAO AN4 1.0.•' INI SCHA[rrER & FEAUSONJ"I

( c) S H C G E E R T O A N G L 1 7 .5 ,
r qMAX "•M A. . 0.85

1d ) SHOCK GENERATOR ANGLE - 19 .8° .I . • . .100 101 102

oi o

Figure 5.7 The Development of a Shock- PMAX./P

Induced Separated Flow (M.=8.6,

Figure 5.8a Correlation of Maximum Heating

Surface measurements with high frequency Rate in Wedge- and Externally-

instrumentation indicated that turbulent separated Generated Shock-Induced Turbulent

regions were highly unsteady, and typically the Separated Flows

separation point would oscillate in a streamwise
direction with an amplitude of approximately one- The influence of Reynolds number on the size of

quarter to one-third of the local boundary layer two-dimensional separated regions remains

thickness, at frequencies in the range from I to unresolved. Most of the early studies of shockwave-

10 kHz. The unsteady character of the records from turbulent boundary layer interaction were made in the

transducers in the recirculation region indicated it turbulent boundary layer over a tunnel wall. Major

could be unreal istic to assume that a laminar discrepancies were found between experimental

sublayer model, in the conventional sense, could be facilities; for example, the measurements of

used to describe the lower part of the recirculating Bogdonoff and Kepler"' differed considerably from

region as is done in some of the triple deck those of Gadd"'• for identical freestream Mach

calculations. The mean distribution of skin friction, numbers and interaction strength when both

heat transfer and pressure to the walls bounding, both experimenters had indicated that there was little

shock- and wedge-induced interaction region were effect of freestream Reynolds number on the length

similar for well-separated flows with identical total of the separated region. However, the measurements

pressure rises. Both the pressures and heat transfer of Green5"', Roshko and Thomnke,5"' Law,"'t Settles,

distributions are characterized by well-defined Bogdonoff and Vas,-"° and Appels,"-2 all made under

plateaus in the recirculation region and large adiabatic wall conditions, indicate that increasing
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Reynolds number decreases the size of a turbulent Comparisons with Navier-Stokes Solutions
separated region. In contrast, the studies of The complexity of the flowfield in regions of
Chapman, Kuehn and Larson'"22 Kuehn,"23 and shockwave/turbulent boundary layer interaction is
Holden,"' 3 Elfstrom"2' and Appels"25 at hypersonic such that it is unrealistic to expect to describe such
speeds, all conducted on highly cooled models regions in any detail within the framework of the
mounted in the test section, have shown the opposite boundary layer equations. Indeed their are some who
trend. As in the case of incipient separation, the would question whether the time or mass averaged
answer may lie in changes in the equilibrium Navier-Stokes equations capture the basic fluid
structure of a turbulent boundary layer with Reynolds mechanics associated with the intrinsically unsteady
number. This hypothesis is supported by present nature of separated regions. In hypersonic flows the
measurements of shock- and wedge-induced effects of compressibility on the structure and
separated flows at Reynolds numbers of up to 3 x 10' development of turbulence must also be considered.
by Holden.""4

The plateau pressure of a turbulent separated region While there have been strenuous efforts to obtain
is an important characteristic, which from free predictions of 2D and 3D turbulent interaction
interaction theory should not depend upon the way in regions, it is currently recognized that successes with
which separation is promoted. The correlation of Navier-Stokes code in describing some 3D turbulent
experimental measurements shown in Figure 4.8b interactions regions is a result of the dominance of
suggest that this case, and the method of Reshotko the pressure and inertial terms in these flows. In
and Tucker5"26 presents a simple way of calculating these latter comparisons (References 5-27 and 5-28)
this quantity. it was found that the modeling of turbulence could be

changed without significantly changing the numerical° N .. solution. For 2D interactions it appears the modeling
o L" U of turbulence is more critical. To obtain good

9, agreement for these latter flows, some very gross
M .... "WREN assumptions must be made in the turbulence model.
* 23.3 COIAPAN.KUEMN & LARIION

0 X64.0 GOO,,N,, Shang and Hankey,' 29 for example chose to apply an
O =S6O $TERRETT &E91IMY

20 a .OS..O.. empirical relationship (selected by matching the
ATN &t2 IMTRM Alength of the separated region) to rapidly decrease th

O S-.Sl RLFSTIOM

e turbulent scale size through the interaction region
as shown in Figure 5.9. Horstmann,- 30 however,

10 found the best agreement with Settles"3'
9 •measurements in wedge-induced separated regions8 using a two equation model for turbulence scale size

CL - 0 Fas" Eo• and vorticity, as shown in Figure 5.10. Figure 5.1Ob
5 "- 0 0 shows a correlation of incipient separation conditions

determined in the studies at hypersonic speeds
together with the measurements on adiabatic walls at

3 - supersonic speeds. Working with this same
"turbulence model, however, Horstmann"° was
unable to predict the occurrence of separation on two
incident shock/turbulent boundary layer
configurations studied by Holden"'3 at Mach 11.2.
As shown in Figures5.11 and 5.12 both these

12 4flowfields are clearly separated and yet the numerical
M.* solution fails to predict the characteristic plateaus in

either the heat transfer or pressure distributions. The
Figure 5.8b Correlation of Plateau Pressure modeling of turbulence in separated interaction

Measurements in Wedge- and Shock- regions at hypersonic Mach numbers should account
Induced Turbulent Separated Region for the effects of compressibility and the generation

of turbulence by the unsteady movement of the
incident and induced shocks as they traverse and
interact with a major region of the turbulent
boundary layer. Clearly further detailed
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experimental work and insightful theoretical
modeling are required to develop numerical , ....

prediction techniques which are capable of
describing turbulent interaction regions in detail. , I

I I

Figure 5.9 Incipient Separation at Mach 6.5 and
ReL=27 x 106

ELFSTROM Figure 5.11 Comparison Between Navier-Stokes34_._,COLEMAN
STOLLER"A M'. HOLOEii 72) Solution and Experiment for a Mildly

3 0 -HOLDEN 1977 Separated Flow
z:.9-13 0.... HL" 111377

2 -K UEHN M. . , 7.9 --.. _ ........ / ROSH O & ..

26. \Mo0  THOMIKEI I

go .9 4.0 6... _
"",,,22 3.93 .

ii " -I 9 . . . :< ]• • .• i l ii ,,+ i I
14 ----- 2. 2.

m i PAID AND FRISHET" 1.9s ----- .. '
10M M0 2.9

i04 15 106 107 I

Figure 5.10a Wedge Angle to Induce Incipient .. LII .
Separation

Figure 5.12 Comparison Between Navier-Stokes
O RSEN SU Solution and Experiment for a Well-0 PRESENT STUDY
1 Separated Flow

o Three-Dimensional Shock Wave/Turbulent Boundary
i02 0 ELfSTROM

SSTERRETT & EMERY Layer Interaction
a KUEHNAN

, ROS&KO& THO--KE (IN%9 Many of the conceptual problems associated with theuse of the boundary layer equations to describe
.. = separated regions induced by shockwave/turbulent

"boundary layer interaction are circumvented by the
" * direct solution of the Navier-Stokes equations.

However, in their place we find the equally thorny
problem of specifying a detailed model of turbulence

.......... R..... for flows with exceedingly large streamwise pressure
gradients. Despite the lack of success in developing

1002 10.. . ... . ... credible turbulence models for two-dimensional
M 1 a 0 interaction regions, or perhaps because of it, three-

Figure 5.10b Correlation of Incipient Separation dimensional turbulent interaction regions have
Conditions for Wedge- and Shock- become the focus of attention of the Navier-Stokes
Induced Turbulent Interaction solvers.
Regions
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a. Comer Interaction Studies two-dimensional flow separation over a flat
The axial comer flow or swept-shock interaction has plate/wedge. These results are not as sensitive to the
been one of the principal configurations selected to turbulence model and suggest that the gross features
investigate three-dimensional regions of shockwave of the flows are controlled principally by invsicid ef
boundary layer interaction. The swept-shock, which fects.
is generated by a wedge or fin mounted
perpendicular to a flat plate, impinges normally onto
the flat plate boundary layer. The initial studies in
this area by Stalker 33 and Stanbrook-34 were FREESTREAM FIN
followed by the more detailed investigations of FLOW

McCabe,"' 5 Peake and Rainbird," 6 Oskam et al.,' 37

Cousteix and Houdeville,' 38  Dolling and
Bogdonoff,5-P 5`4o Dolling and Murphy,"' and
Dolling."'4 The latter extensive series of studies was
conducted at Mach 3 under adiabatic wall conditions.
While incipient separation is relatively easy to define
for two-dimensional turbulent interactions, this UPSTREAMNCE

concept has generated considerable controversy in SHOCK FLAT PLATE/FIN MODEL

three-dimensional flows. While McCabe' 35 suggests PINGEMENT

that separation should be defined on the basis of

converging steamlines, Stanbrook- 34 and others have
used criteria based on the inflection points in the PEAK CHICHo

pressure distribution. The occurrence of separation HEATING /

was correlated in simple terms by Korkegi,"43 who FIN

found that in low Mach number flow, deflection
angle 19. for incipient separation varies as the PEAK
inverse of the upstream Mach number, i.e., Owi = PLATEAU PREAU

0.3M., while for 2 < M < 3.4 Korkegi suggests that HEATING

pi/p is independent of Mach number. Goldberg's 5" REGION

and Holden's"45 measurements at Mach 6 and 11 x/6
respectively do not agree with the Korkegi

correltion.SURFACE HEATcorrelation. TRANSFER

DISTRIBUTION

Studies with the emphasis on the heating in swept- PLATEAU

shock interaction regions have been conducted by PRESSURE

Neumann and Burke,"46 Law,5 47 Token, "4' and
Scuderi"49 and Holden."5 ' Figure 5.13 shows typical X15 0
distributions of heat transfer and pressure along a SURFACE PRESSURE

streamwise cut through the interaction region DISTRIBUTION

together with nomenclature which is in conventional
use. While the heat transfer and pressure Figure 5.13 Typical Surface Heating and Surface
distributions exhibit a uniform and monotonic Pressure Distributions Through
increase through attached interaction regions, when Swept Shock/Turbulent Boundary
the flow separates, distinctive plateau regions are Layer Interaction
formed in the heat transfer and pressure distributions,
as depicted in Figure 5.13. As noted above, at low In a comer flow, the swept-shock generated by the
Mach numbers (M = 2->4) and for adiabatic inclined fin impinges on the turbulent boundary layer
surfaces, a large body of data exists on the mean in a plane perpendicular to the flat plate. The basic
characteristics of swept-shock interactions, mechanism of pressure rise through the interaction is
Strangely, this body of 3D data has been found to be therefore controlled principally by the component of
in better overall agreement with the Hung and freestream Mach number normal to this shock
MacCormack,- 5' Horstmann,- 3° Shang and Hankey," (MoSinO). A highly simplified visualization of the
"9 Settles and Horstmann5"' solutions to the Navier- viscous/inviscid interaction vith flow separation is
Stokes equations than the relatively less complex sketched in Figure 5.14. Here, we consider the flow
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in the plane normal to the plane of the shock to be
similar to that in transonic flow. When flow STUNDAOYLAYER /
separation occurs, a three-dimensional vortex is I"T'O"* LINES I. •

formed, the pressure in which is relatively constant at-....-.-_.----- / -

the "two-dimensional" plateau level, as we will . . /
show later. The streamwise distribution of heat ---- - .

transfer in this region is also found to be relatively MN> 1 "N <1

constant, and indeed we and others using skin friction -- -

and oil flow measurements have correlated the first VIEW ALONG t VIEW ALONG A

appearance of a plateau region in the heat transfer A 191 ATTACHED FLOW

with a significant change in the flow structure which
is linked with flow separation. In fact, Token""4 has < - -, - _
shown that the McCabe"'3 criteria, based on an
examination of surface oil streaks in the
neighborhood of flow separation, are less sensitive ---------- / , / . --

methods for detecting flow separation than -/ -- . M --<
observations based on changes in the heat transfer- /

distribution with increased interaction strength. In a ------- i - __________r__

recent experimental study at Mach 11, Holden~5  6) SEPARATED FLOW

used the incipient formation of a plateau in the heat
transfer distribution, together with a marked increase Figure 5.14 Schematic Representation of
in the fluctuation levels in the output of the thin film Attached and Separated Regions in
instrumentation, as marking the onset of flow Swept-Shock/Boundary Layer
separation. As shown in Figure 5.15 Holden's Interactions
measurements indicated that in hypersonic flow over
highly-cooled surfaces the turbulent boundary is
more tenacious in resisting boundary layer separation 14 - S oSURC
than predicted by the methods derived by McCabe"'35  12 , + NUNEONRY A E1

and Korkegi"43 . Holden's measurements of the peak S- I\
1 

SIA "IE MCASI 1 4

pressure ratio through the interaction and the plateau 2 ALKFRI9,,01O 0 - \ 
0 STALKER 1957pressure rise are in better agreement with calculations zj - GOL\oERG 19.3

based on an inviscid flow model in the 2D theory of IHOL_(N 19°,1
Reshotko and Tucker"2 ' than the correlations of 0 .- .
Scuderi"'4 as shovn in Figure 5.16. Holden found Z.6 .
that, as in the studies of two-dimensional separated
interaction regions, the peak heating can be related to 0 ,, 4 , o.
the overall pressure rise by a simple power law 0 CRITERION

relationship as shown in Figure 5.17. Figure 5.18 2

shows that the maximum pressure rise through the
interaction region can be calculated with good 0o 1

0 2 4 6 'ý
accuracy from inviscid flow relationships. While u.
there appears to be merit for the development of
simple prediction methods in describing the flow in Figure 5.15 Variation of Shock Generator Angle
terms of the normal flow Mach number, this is to Induce Incipient Separation with
clearly a gross oversimplification and it should be Mach Number
noted that the plateau pressure measurements
obtained in the current study were relatively
independent of MoSin®.
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1 ub. Skewed Shock/Boundary Layer Interaction

Another approach to exploring flow separation in
- 0.85

- V qMAX _(PMAX regions of three-dimensional shockwave/boundary
, q, , layer interaction is to begin with a two-dimensional

or axisymmetric interaction and sweep this
interaction (or introduce angle of attack for the

'o5 ld axisymmetric case) to progressively introduce
1MAX crossflow into the interaction region. Experimental

P0  studies of this type have been conducted by Ericsson,
Reding and Guenther"' Settles and Perkins,5-53 and

Figure 5.17 Correlation of Peak Heating Rates in Settles and Teng."'s Settles, who studied the
Skewed- and Swept-Shock interaction region over swept and unswept flat
Interaction Regions plate/wedge configurations in an adiabatic Mach 3

airflow, found that introducing crossflow increased
the scale of the separated interaction region.
Considerable effort was expended in this latter study
to determine the Reynolds number scaling, and the
length from the upstream tip of the wedge for the
flow to become quasi-two-dimensional. However,
the effect of changing the overall spanwise scale of
the model on the scale of the interaction was not
examined explicitly. The measurements of surface
and pitot pressure through the interaction regions
were in good agreement with solutions to the Navier-
Stokes equations obtained by Horstman1 3

1; however,
some key features of the flow were poorly predicted.
It is known that agreement with pressure data is not
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the most definitive of tests. More recently Holden"'4

performed studies of crossflow effects on the size and
properties of the interaction region induced by a
swept-oblique-shock incident on a turbulent
boundary layer over a flat plate at Mach 11 and Re =
30 x 106. Experiments were conducted for two
strengths of incident shock, the first (OsG = 12.50) to
generate a separated condition close to incipient RUN0

separation, and the second (OsG = 15') to generate a S.G.- 150 0 0 0

well-separated flow. Distributions of heat transfer o Cp/Ce
and pressure as well as Schlieren photographs of the 0 C H

unswept or two-dimensional flow condition and the 10
30 degree swept condition are shown in Figures 5.19
and 5.20. It is clear from the well-defined plateau EP

regions in the distributions of pressure and heat
transfer, as well as the well-defined separation shock I C 1 00

in the Schlieren photograph, that a well separated
region, extending two inches in length, is induced
beneath the stronger incident shock. The
measurements made of the distribuiton of heat 0 -8 -6 -4 -2 0 2 +
transfer and pressure beneath the well separated flow DISTANCE FROM PT. OF SHOCK IMPINGEMENT - inches

induced by both the 12.5 degree and the 15 degree
shock generators swept at angles of 0 and 30 (shown Figure 5.19 Streamwise Distributions of Heat
in Figures 5.19 and 5.20) indicated that the induced Transfer and Pressure Through
crossflow has little effect on the size and Skewed-Oblique-Shock Boundary
characteristics of the interaction regions. If there is a Layer Interaction (E= 15', y=00 )
perceptible effect, it is a decrease in the length of the
separated region with increased crossflow. The
significant differences between Holden's and Settles'
31 measurements of the variation of interaction length
with sweep angle and those obtained in these studies
are shown in Figure 5.21. While Settles finds an
almost threefold increase in separation length at
sweep angles of 40 degrees, Holden found 10 percent
reduction in this length. Further studies are required
to resolve this issue. 100 RUN 11

S.G. - 15O 000
SWEEP ANGLE = 300 0

0 %Cp° e;#30

[3 CH1ICH o 6.
10 -0

0

0

.10 -9 -6 -4 -2 0 2 4
DISTANCE FROM PT. OF SHOCK IMPINGEMENT - inches

Figure 5.20 Streamwise Distributions of Heat
Transfer and Pressure Through
Skewed-Oblique-Shock Boundary
Layer Interaction (0=15', y=300)
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6.0 FLOWFIELD AND AEROTHERMAL necessary to understand the role of the disturbances
EFFECTS ASSOCIATED WITH generated by shear-layer turbulence, and the
SHOCK/SHOCK INTERACTION influence of viscous effects on jet structure, to better
PHENOMENA predict these flows. The heating levels predicted by

these semiempirical techniques are capable of
6.1 Introduction bounding the levels of heating generated by laminar
The heating rates generated in two and three- and turbulent Type III interactions. However, for
dimensional interaction regions by shock-shock flows where the viscous region occupies an extensive
interaction can pose serious problems for the part of the shock layer, the compression and heating
designer of TPS. Heating levels up to two orders of mechanisms may be significantly modified. Within
magnitude larger than the stagnation point value can the past several years, both Navier-Stokes equations
be generated at hypersonic speeds by shock-shock and Direct-Simulation Monte Carlo (DSMC)
interaction over the leading edge of fins, inlets and methods have been used to calculate regions of
structures connecting two vehicles. These regions of shock/shock interaction. An adequate solution for
sharply peaked heating levels are accompanied by these types of flows requires a careful and detailed
high pressures, and unlike the stagnation point their gridding of the flowfield in the jet or shear-layer
position cannot be defined with ease. Perhaps the region between the shock intersection point and the
most dramatic example of damage resulting from body. Once again, an accurate solution for flows
shock impingement heating was that recorded on the with shear-layer transition depends on correctly
ventral fin supporting a ramjet model on the X-15. describing the transitional and turbulent flow
At Mach 6.7, the heating resulting from shock-shock structures of the shear layer and the radiated noise
interaction caused a bum-through in the fin, as shown effects on Type IV heating, or on reattachment
in Figure 6.1, which also graphically demonstrates characteristics for Type III flows. Consequently, in
the high gradients generated in such flows. 6-1 predicting the heating loads in these flows, it is

essential to establish a transition criterion of the type
shown in Figure 6.2 (Reference 6-2), where the
Reynolds number based on the shear-layer length and
adjacent flow properties is plotted versus effective
shear-layer Mach number. Generally, for shear-layer
Reynolds numbers below 5 x 10, the shear layer
should remain laminar; for shear layer Reynolds
numbers above 5 x 10', a turbulent flow may be
expected. The exact Reynolds number at which
shear-layer transition will occur will, of course, also
depend upon the disturbances that are radiated from

Figure 6.1 Damage Resulting from Shock upstream surfaces of the vehicle and those present in
Impingement on Vertical Support the freestream. Other experiments were conducted in

a free piston shock tunnel to determine the effects of
thermochemistry associated with shock/shock

During the past two decades, a significant number of interactions at high-enthalpy.6 5

studies have been conducted to investigate the
aerothermal loads generated in regions of
shock/shock interaction. A detailed review of these
studies, as well as an extensive set of heat transfer
and pressure measurements in regions of shock/shock
interaction at Mach numbers from 6 to 18, is
presented by Holden et al. in Reference 6-2.
Comparisons between the peak heat transfer and
pressure measurements on cylindrical leading edges
made in these studies with the simple prediction
techniques devised by Edney (Reference 6-3) and
Keyes and Hains (Reference 6-4) showed general
agreement. However, these studies suggest that it is
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, o while, for the 3-inch cylinder, we obtain
...." (us) "Jamplification factors of 15 to 20, for the 1/4-inch

2, cylinder, the amplification factors are reduced to less
than 5 in a shock layer dominated by viscous effects.
The effects of the variation of unit Reynolds number
for a given leading-edge diameter are shown for the
3-inch nose diameter in Figure 6.12. Here, again, we

0 tsee a similar trend, where there is a reduction in
C APMA heating enhancement with unit Reynolds number as

the flow changes from turbulent to laminar and from
,'- ::II- an inviscid to a viscous-dominated shock layer. In
.mC.,•, C. I,....E, all these flows, we do not observe a strong change in

.E11 PS92 0 ,rthe heating levels for interaction positions from 20 to

, 1 i 35 degrees, despite potential changes from Type III
S2 2

"to Type IV interactions. Finally, in Figures 6.13 and
Figure 6.2 Variation of Transition Reynolds 6.14, we show a composite of the measurements

Number with Convective Mach where we have plotted amplification factors as a
Number function of the shear layer Reynolds number and the

rarefaction parameter M°°/flkr•D Here, we see that
6.2 Shock/Shock Interaction Effects for rrfcinprmtrMOveD ee eseta

Two- and Three-Dimensional typical values of the enhancement factor for turbulent
Configurations interactions vary from 35 to 18, those in laminar

flows are between 18 and 12, and, for viscous-
In a recent study (Reference 6-6), measurements dominated flows, the enhancement factors have

were made to examine the variation in the magnitude

and the distribution of heating rate generated in dropped to levels of 5 or below.

regions of shock/shock interaction with changes in 46,
the Reynolds number and Mach number of the flow

to determine the magnitude of changes that occur in ,4. - ] M. ,.)
the peak heating from turbulent to laminar ,2, - 07..31

interactions and then from laminar to non-continuum 10.o ....

flows. The Reynolds number were varied by ,
changing both the size of the cylinder and the unit ,. _
Reynolds number of the freestream. Data sets were 5A ,
also obtained at freestream Mach numbers from 8 to 3A -

18. In Figures 6.3 to 6.6, we show a set of 110 afma 0
measurements made on the 3-inch-diameter cylinder , " ' A I'

to obtain the heat transfer distributions for a low .7, -6 -5 -40 ', ', 411 ,1 .
Reynolds number flow. In Figures 6.3 and 6.4, we r"d' ad...M.... (MI

show the data used to select the peak values in heat Figure 6.3 Surface Heat Transfer Rates of
transfer and pressure shown in Figure 6.5 and 6.6. Suential Time S tes
An equivalent set of measurements for a high Sequential Time Steps
Reynolds number turbulent flow is shown in ._
Figures 6.7 through 6.10. Again, we employed the
information contained in Figures 6.7 and 6.8 to select
the data shown in Figures 6.9 and 6.10. In Figure
6.11, we show the variation of peak heating with
angular position at a common Mach number and
Reynolds number condition for the three different
cylinders. Here, we see that, with decreasing size,
there is a decrease in the peak heating level
independent of the angular position of the interaction.
Again, we obtained overlapping sets of " ,,.,

measurements from runs with a different mean
position of the interaction region. It can be seen that, Figure 6.4 Time History of Heating Rates
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Figure 6.5 Heat Transfer Distribution r ,_---
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Figure 6.6 Pressure Distribution
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6.3 Alleviation of Peak Heating Loads from
Shock/Shock Interaction with Surface

_ -_____ C Blowing

. b,-. -- 6.3.1 Introduction-- * ----.. An experimental program was reported by Holden,

S" . . •_-__"Rodriquez and Nowak (see Reference 6-7) to assess
S :• I the effectiveness of transpiration cooling in reducing

°" '* "' the large heat transfer loads generated in regions of
" I shock/shock interaction. While a cylindrical

configuration is more representative of the practical
. .. . .. ... ... problems on the cowl lip, it proved more expedient to

P..... C.U..I employ the existing transpiration-cooled hemisphere

Figure 6.12 Heat Transfer Distributions at (Reference 6-8) in this initial investigation.
Various Reynolds Numbers, 3"Cylinder Model 6.3.2 Studies on the Transpiration Model Without

Blowing

This set of measurements was made to provide the
45 base against which to evaluate the effectiveness of
40 transpiration cooling. Also, by comparing these35 measurements with the equivalent set on the smooth

° model (Figures 6.15a through 6.15c), the effects of
Is . the intrinsic roughness of the model on interaction
o0 heating can be determined. Examples of the

. . . . . ._ distribution of heating on the transpiration model
0 0.1 0.2 0.3 0.4 o.5 0.6 0.7 without blowing are shown in Figures 6.16a through

6.16c. When the interaction is placed close to the

axis of the hemisphere (Figure 6.16a), there is
Figure 6.13 Rarefaction Effects on Peak Heat relatively little enhancement. However, as observed

Transfer Measurements on the smooth hemisphere (Figure 6.15a), heating-

enhancement factors of close to 20 are generated
(Figure 6.16b) when the type IV jet is incident close
to 20' from the axis of the model. In slight contrast,
the rough-wall heating enhancement ratio remains
relatively high until the impingement point drops
below 40'. Possibly, the surface roughness has
induced transition on the model's surface.
Comparing the sets of measurements shown in Figure
6.15c with those in Figure 6.16c, it is clear that the
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peak heating for type IV interaction is relatively 0 EXPERIMENTAL
uninfluenced by surface roughness, while heating- 3 ....
enhancement factors for the type III interaction are MORRIS AND KEYES COMPUTATIO.

hTYPE IIIincreased by roughness, possibly as a result of *TYPE W.

transition.
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Induced by a 100 Shock Generator
Over a Smooth 12-Inch Diameter R0N8

Hemisphere at Mach 12.15 for 140 ... 062

Run 8 " 77
S" ,0..2--02000-

A , h -12.13 25-

ReTx C.768 x 105 , 2"

C 0 20

X ° ,P "E10 ,o ,

C 
F- 32

6 C 15Mach, :12.122

00-00-.F 3.5020 "205

-6 a0..00

0 0

0. 4 5

132-90 -61 -420 -321 3021 42
0 ~ ~ ~ 1 e. AMPUW 2-Pe0, ak. p Wt6oo 210 Stagnt o into #6120109,ev

-72 -62 -51 -49 -32 -320 -16 2 10

0.4020 .osition o Stagnation Pow (6o0008) Figure 6.16a Heat Transfer Distribution in
Shock/Shock-Interaction Regions
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:3-0 measurements obtained at a fixed blowing rate for a

range of model geometries.

25-

Positioning the interaction at 200 below the axis of

20- rM the model without blowing, we see in Figures 6.17a

×through 6.17c that the effect of blowing is basically
to move the interaction downward from the model

15 3 axis-an effect that results from the displacement ofa I.. ion 1• 7,.,•, the bow shock away from the hemisphere in response

10. XX X - 0.00 to an increased volume of gas in the shock layer. As
thwas observed in the zero-blowing studies, the

5- V Ximpingement heating does not decrease appreciably

__> .... e • until the interaction drops 40' below the axis. If the
0. - X X X interaction is positioned on the axis of the model
-so -60 -40 -20 40 owithout blowing, the effect of blowing is still to

0. An•,r Pwlloan Fet~t•o Mle,;atk Pohl (frmm) move the interaction downward, as illustrated in

Figure 6.16b Heat Transfer Distribution in Figures 6.18a through 6.18c. Comparing the

Shock/Shock-Interaction Regions measurements in Figures 6.16, 6.17, and 6.18, it can

Induced by a 10' Shock Generator be seen that the peak heating for the type IV

Over a Transpiration-Cooled interaction is not significantly reduced by surface

Hemisphere Without Blowing at blowing; however, there is a small reduction for the

Mach 12 for Run 31 type III interaction, which is well below the
centerline. It is noted here that, for values of the

35 blowing-rate parameter (k) close to or greater than
0.3, the shock layer is unsteady, and it is difficult to

3 -- .select a representative distribution of heating.

25 - 30 -

• T2,16nn FIdESES

A0- 20
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Figure 6.16c Heat Transfer Distribution in X. . x X
Shock/Shock-Interaction Regions -o -f -o -40 -20 0 20 40

Induced by a 10' Shock Generator . Ag 4"•-. 0 o....SW..t, P.-0,(d.lgo

Over a Transpiration-Cooled
Hemisphere Without Blowing at Figure 6.17a Heat Transfer Distribution in

Mach 12 for Run 37 Shock/Shock-Interaction Regions
Induced by a 100 Shock Generator

6.3.3 Studies of Surface Blowing Effects on Over a Transpiration-Cooled

Shock/Shock-Interaction Heating Hemisphere With X = 0 at Mach 12

The effects of surface blowing on interaction heating for Run 22

are demonstrated first by presenting sets of
measurements for a range of blowing rates with a
fixed shock-generator geometry. We then present the
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7. WALL-JET AND TRANSPIRATION sensitive to shock interaction as one might have
COOLING FOR FLOWS WITH SHOCK deduced from the results of wedge-induced separated
INTERACTION AND SURFACE regions.
ROUGHNESS

7.2 Film and Transpiration Cooling in the
7.1 Introduction Absence of Surface Roughness and Shock
A key aspect of the design of scramjet propulsion Interaction
systems is the development of an active wall-cooling
system for the combustor region of the engine. 7.2.1 Film-Cooling Studies
Transpiration cooling and film cooling are two In the film-cooling studies without incident shocks,
techniques that have been proposed to reduce the measurements of heat transfer and pressure were
large heating loads on the walls of a supersonic- made downstream of the 0.080- and 0.120-inch
combustion (scramjet) combustor. The relative cooling slots for non-dimensional blowing rates X c
merits of film and transpiration cooling must be from 0.0 to 0.28. Figure 7.1 shows the heating
evaluated against complications associated with the distribution for a range of blowing rates from the
fluid mechanical design of these systems, the 0.080-inch slot, while Figure 7.2 shows a similar set
sensitivity of each technique to combustion of the of measurements with the 0.120-inch slot. For the
coolant, causing wall heating, and the sensitivity of cases without film cooling where a strong
such flows to shock impingement. Film-cooling recompression shock was generated downstream of
techniques have also been used to reduce the the step, a local peak in the heating rate was
aerothermal loads on the optical windows of observed, followed by a gradual return to the flat-
hypersonic seeker heads, and to alleviate the heating plate heating level. For the matched-pressure
levels in the combusting flows downstream of the condition, there was a very weak wave at the top of
injectors in scramjet engines. For the specific the nozzles and the initial turbulent boundary layer
application to scramjet combustors, employing film moved smoothly from the step. In contrast, for the
cooling is attractive, because the injectant highest blowing rates where the flow was
momentum contributes directly to thrust, and the underexpanded, strong shocks were generated above
mechanical construction is intrinsically simple. and behind the nozzle exit, which may lead to
However, recent studies (References 7-1 through 7-3) enhanced mixing. It is clear from Figure 7.2 that the
have demonstrated that relatively large levels of mass greatest rate of heating reduction occurred for the
addition are required to maintain a cooling film over largest cooling rates. However, beyond a certain
the length of the combustor. Also, if shocks coolant mass-flow rate, there was relatively little
generated in the inlet section and the combustion change in the heat transfer to the plate with increased
region of an engine impinge on the film-cooled coolant flow rate. Close to the matched-blowing
surface, they can easily return the heating levels to condition the measurements from the two slot heights
uncooled values. Transpiration-cooling techniques scale relatively well in terms of non-dimensional slot
have been used successfully to reduce the heating height. This can be seen by plotting the
and skin friction levels on the nosetips and frusta of measurements in terms of cooling effectiveness (as
conical hypersonic reentry vehicles (References 7-4 shown in Figure 7.3 and 7.4). Cooling effectiveness
through 7-6). Transpiration cooling is also (11 ) is defined as
advantageous in that it can significantly reduce the
wall skin friction (which is a major component of the Tawe - TT.

engine drag). However, the resulting low- -1 = TTC - TT.

momentum region adjacent to the wall can TTc-TT~E
potentially be easily separated by a shock system taking the reference value from the no-cooling run,
impinging on the wall. The sensitivity to flow we have
separation on a transpiration-cooled surface was
demonstrated in studies (Reference 7-7) of hr = qcJ(Taw-Tw);
transpiration-cooled maneuvering reentry vehicles
(MRVs), where flap effectiveness was significantly
reduced by the introduction of a low-momentum for coolant flow Tawc = q + T,
layer adjacent to the surface upstream of the flaps. hr

However, recent studies (Reference 7-8) have thus, TI = (qhr + Tw - TT4)/(TTc - TT.)

indicated that transpiration-cooled surfaces are not as
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0.00 . 0 correlated well when plotting 71 in terms of the

0 so so 120 ISO ISO 210 scaled slot-height parameter (X/S)/k. 0.8 as shown in
=eSTMcIN P0RO SLOT EXIT {IN, Figure 7.5. Here, following accepted practice, the

Figure 7.1 Heat Transfer Variation with Mass measurements are plotted for i1 of I or less. Also
Addition for 0.080-Inch Slot shown in Figure 7.5 are high Mach number

measurements from Reference 7-1 for a nitrogen
coolant, demonstrating the superior cooling

1., _ properties of helium. The measurements made in

,.* .,0 these studies for a specific slot height, in fact, scale

0.0 ~ o better in terms of X as shown in Figure 7.6. To
00

0.0 X account for the effects of the molecular weight and,0, I, :, * specific heat of the coolant and the specific injection
0 .,1 Mach number of the coolant, we have employed a0.10* * *

000 modified cooling-length parameter
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Figure 7.2 Heat Transfer Variation with Mass in the correlation shown in Figure 7.7. Employing
Addition for 0.120-Inch Slot this parameter appears to correlate the existing

measurements for the two slot heights, and those
"1.0 -+ ,v , compiled earlier by Majeski and Weatherford73

6j* 00 00f4 " A0 a 0 0 0 * suggest a break point of close to two.
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heating reduction. The effectiveness of transpiration
,.0 . .cooling was not strongly influenced by Mach

. number. Correlations of the heating reduction for the

nitrogen and helium coolants are shown in
Figures 7.10 and 7.11, respectively. The two sets of

,.,, measurements are plotted together in Figure 7.12,
demonstrating the superior characteristics of helium

HEI GH,2T as a coolant. To account for the effects of the06 .120 0*

,I§I .iI... molecular weight and specific heat of the coolant
gases, we have correlated the measurements in terms

,, 2c c, , so too 200 400 so ,00* of a modified blowing parameter
XIS X,

Figure 7.6 Correlation of Film-Cooling Effective B' =ii / (psUsCH.) (iMrfs / Minj)

Efficiency with Simple Scaling or ,0.7 0-5

Parameters B'=-fi / (psUCHsCpi,i/Cpfs)7Mfs / Mi,,j (3)

".0 ------- . .which was deduced in earlier studies (see Reference

0. 6.. 7-5). As shown in Figure 7.13, the measurements for
both the helium and nitrogen coolants as well as the

O,- , Mach 6 and 8 data can be correlated well with these

oc0 .7.* parameters. Also shown is the empirical relationship
SM SmLc OTi Xo

ccc07
V, 10- JW ,P 0 H,- CHs -B/
. G. 21 ? 0.92 (1 -eB'/ 4 ) (4)

.0. Wo CH.
0 .iM 0

0 .110 1

0.5 L.... -- - -.J-----.c . which provides an analytical expression forS S 1 5 0 20Z 40 ic 101 00
, 2 A. v (-0? r0 ,. go 10 predicting heating reductions in transpiration-cooledX .•CM 0.25(IC . -O.S C 0

$4 . ) 0. 2M2] ' ~J~ flows.

Figure 7.7 Correlations of Effective Efficiency
of Film Cooling ' ..-

7.2.2 Transpiration-Cooling Studies ! ... _ 0.
In the transpiration-cooling studies, measurements .

were made at Mach numbers of 6 and 8 for nitrogen -.. .c

and helium coolants. At each of the freestream ___-_.___....... ___....._,_...._-___"__

correlation and coolant, measurements of heat . "

transfer and pressure were made for a series of
coolant rates through the transpiration sections of the •.. • * '- . .
model. The effects of blowing rate on the heat 8.. :. ,8
transfer and pressure in the transpiration-cooled V b

region are shown for the Mach 6 condition with .... - 6 ' -

nitrogen and helium coolants in Figure 7.8 and
Figure 7.9, respectively. For the nitrogen coolant, a " i ,
mass-addition level of 1.5% resulted in a 50% .2-- ' .
reduction in the heating rate; employing a helium ... ................
coolant accomplished this reduction with one-third of
the mass-flow rate. The measurements made with
nitrogen coolants suggest that beyond a certain level Figure 7.8 Heat Transfer and Pressure
for blowing rate (for blowing rates to achieve a 70% Distributions Along Flat Plate-
reduction in heating), to further reduce the heating Transpiration Surface for Nitrogen
level required significantly more coolant. For Coolant at Mach 6
helium, this "knee" occurred at approximately a 90%
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7.2.3 Comparison and Correlation of Measurements obtained from the current mass flow from the film
With Shock Impingement technique. It is not known, however, how quickly

A qualitative comparison of the film cooling versus the cooling effectiveness will degrade without
the transpiration cooling is straightforward and is additional transpiration-cooling mass addition. It
presented here. Quantitative comparisons or would appear that for the cases selected that the film
correlations are more difficult. In the case of film technique would be the better technique, because at
cooling data is strongly correlated by X/S which is nearly equivalent cooling levels between the two
essentially the number of slot heights downstream. techniques, an additional benefit of thrust can be
For transpiration cooling, this parameter has no obtained. Two points should be noted, however.
meaning and therein lies the difficulty of obtaining a First, there would be a benefit from a reduction in
correlation between the two cooling techniques. skin friction from the transpiration cooling, and
However, there is some common conditions between second, the cases with film cooling are for a matched
the two sets of data that can be compared. Presented pressure and velocity condition which tends to
here is a comparison based on mass flow rate of benefit the cooling effectiveness by keeping the film
coolant over equivalent wall surface area. intact for longer periods. As will be shown in a later
Essentially, the cooling effectiveness for a given section, this conclusion is not made when shock
mass flow rate from the slot injector is compared interactions are present. Two major questions remain
with the cooling effectiveness for the same mass flow if hydrogen is used as the coolant. Would burning
from the transpiration surface for an equal amount of occur at the wall for film cooling as air is entrained
wall surface area. The cooling length was selected into the base of the boundary layer, and would
by choosing a representative ratio of cooled length to transpiration cooling inhibit wall burning by
slot height. maintaining a purely hydrogen layer next to the

surface?
In order to compare the effectiveness of the two
techniques with the data from these experiments, two
sets of measurements have been selected for Het Trasfer Comparison, TraniplrAcion Cooling
illustrating the heat transfer measurements obtained .o I1.0

for cases without shock interaction. Figure 7.14 0.8 * Trnatocoding.•-.13, 0.8

shows the heat transfer variation for two transpiration Fim. Cooing. n -. 142 lb/

cooled tests and two film cooled tests with the 0.08 0.6 Film Cooling, inm...09 lb./ 0.6

inch slot.79 Figure 7.15 presents similar results for o._ 0.4

the 0.120 inch slot. 79 The freestream conditions are . .... "
essentially the same between the film and 0.2 0.. .... ,..-...:

transpiration-cooled experiments. Nominally, the o.o 0.0Tr ---------- , +, . + i

freestream Mach number is 6.4 with Reynolds -. 2 I i ji I 0.2

number at 8 X 107 per foot and the length of the 40. 80 12 160 200

model preceding cooling is the same. In all cases,
helium is the cooling gas. It is clear from these Figure 7.14 Distance (Slot Heights) From Slot

comparisons that for a given mass injection rate of Exit/Transpiration Leading Edge

coolant over a fixed surface area that initially the heat Transfer Comnparison, TralnspIratlon Cooling

cooling effectiveness of the slot/film technique is and Film Cooling, Slot Height - O.t20 Inches

superior. Although, as would be expected, the 1.0 Tsan g 13i_ 1.0* Trsnqmtimdo Cooling, n -. 13 Ib /Is

further downstream from the slot injector as the film o.s TrAJg,,t C~olng., I 19 lb'/. ' 0.9
A FibmCoding. m Iih V/s 7

is dispersed, the less efficient the film technique a l - 14 I06

becomes. On the other hand, after an initial 0.6 0.6

establishment length, the transpiration cooling 0 0.4 . 04.... .. . . . . .. 0 4

reaches a near constant level. In the cases shown, the ; .
transpiration cooling effectiveness becomes slightly 02

better than the film technique. It should be noted .0 0

however, that for additional cooling downstream of -. 2 -o02

what is depicted in the figures, additional mass 0 2 40 60 80 100 120 140 160

injection would be required in the transpiration case,
whereas a slowly degrading level of cooling is Figure 7.15 Distance (Slot Heights) From SlotExit/Transpiration Leading Edge



4-54

7.3 Studies of Shockwave/Coolant-Layer
Interaction ..

7.3.1 Film-Cooling Studies (3) o "
Figure 7.16a and b illustrates the major features of MOM V=
the viscous/inviscid interaction regions in regions of
shock-wave/film-cooling interactions. Shown 001=;;=
schematically in Figure 7.16a is a shock/film-cooling I - -
interaction for a large blowing rate at an incident
shock strength of 5.5'. The shocks generated by the ______

underexpanded nozzle flow interacting with the I
freestream are clearly visible at the injector station.
However, both the injector shock and the film shock (b)eM , 0 o.

were relatively weak and did not significantly alter
the strength of the incident shock. As the incident .
shock impinged on the boundary layer/coolant film, 0ý0- " If-
the flow at the edge of the viscous layer was turned .. COO/,'/

toward the flat plate, as illustrated in Figure 7.16a. Figure30 SEPARATED SHOCK-WAVECOOLING-.-FLM INTERACTION

As the flow returned parallel to the flat plate, a
recompression shock was formed and the Figure 7.16 Separated Shock-Wave/Cooling-Film
boundary/coolant layer thinned dramatically through Interaction
this recompression process. In Figure 7.16a, we have
shown a case where the flow remains attached and Typical measurements showing the heat transfer and
the coolant layer was not dispersed by the interaction pressure characteristics of a shock-coolant-layer
region. In Figure 7.16b, we show a flow where the interaction are shown in Figures 7.17 and 7.18 for a
coolant layer was separated in the interaction region. slot height of 0.120 inch and a shock-generator angle
Again, the flow was for a large cooling rate; of 80. The Schlieren photographs shown in
however, the shock from a 10.50 shock generator Figure 7.19 indicate that the flow, which was
created a large separation region as it impinged on attached without blowing, was fully separated for the
the boundary layer. The two nozzles shocks are, two blowing conditions. As can be seen in
again, clearly evident; however, just upstream of the Figure 7.17, the heating rate at the end of the
point that the incident shock struck the boundary recompression process was not reduced by film
layer, a third shock, the separation shock, was cooling. Also, a twofold increase in the blowing rate
induced upstream of the point of shock impingement from the matched-flow conditions did not
as the boundary layer separated. A separation region significantly increase the cooling capability
was formed in which the heat transfer and pressure downstream of the incident shock. A similar set of
were relatively constant - the plateau region. As the heat transfer and pressure measurements for the 5.50
flow turned parallel to the surface, the separated shock generator is shown in Figure 7.20 and 7.21.
shear layer reattached, and a recompression shock Figure 7.22 shows the Schlieren photographs for this
was formed. In these turbulent flows, the separated case. For the 80 shock generator, a large separated
region extended from the beginning of the heat region was formed (lsep/8FP=5) that decreased only
transfer rise to the end of the plateau region. For the slightly as the blowing rate was doubled. For the
separated region shown in Figure 7.16b, the coolant 5.5' shock generator, the small separated region that
layer was rapidly dispersed in the separation and the was formed in the matched-blowing case was swept
reattachment regions, resulting in heating levels away when the blowing rate was doubled. As
downstream of the incident shock that were not illustrated in Figure 7.20, the coolant film remained
reduced by film cooling. intact and caused a reduction in the peak heating of

90% to 50%, depending on the position downstream
of the cooling slot. However, in general, a film
cooled layer can easily be dispersed by a plain
incident shock.
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introduction of gas through the transpiration-cooled
surface. The heat transfer and pressure distributions
for the interaction strength generated by the 7.5'
shock generator are shown in Figures 7.25 and 7.26.
It can be seen that even with this increase in shock
strength, there was, little upstream influence of the

t -a shock, both in the presence and in the absence of
transpiration cooling. Again, we observed a decrease
in heat transfer upstream of the incident shock
resulting from flow under the porous surface for the
non-blowing case. Introducing coolant induced a
small upstream influence as a result of flow
separation, which is clearly evident from what
appears in the plateau in the pressure distribution (see
Figures 7.25 and 7.26). However, as observed
earlier, there was a significant decrease in heat
transfer in this region. Schlieren photographs of
these flows indicate that transpiration cooling does
not induce strong distortions in the inviscid flow, and
that the pressure levels and distribution downstream

4:i3 ).8O.2• of shock impingement were basically uninfluenced
by the introduction of coolant. The heat transfer

Figure 7.22 Schlieren Photographs for Incident- downstream of the incident shock can be reduced to
Shock/Wall-Jet Interactions (Osg=5.5 the initial flat-plate levels by the introduction of 2%
Degrees, Slot Height=O. 120 Inch) of the freestream mass-flow rate of helium

downstream of the incident shock. Measurements
7.3.2 Transpiration-Cooling Studies with heat transfer and pressure with the 10.50 shock
The studies conducted at Mach 6 of transpiration- generator are similar in nature to those obtained with
cooling effectiveness in the presence of shock the weaker shock strength. However, at the highest
impingement were conducted for shock-generator blowing rates, we began to observe flow distortions
angles of 51, 7.50, and 10' for a range of blowing in the freestream downstream of the incident shock.
rates with nitrogen and helium coolants. In general, however, it was observed that
Figures 7.23 and 7.24 show the distribution of heat transpiration cooling is an effective way of
transfer and pressure in regions of shock/coolant- controlling peak heating in regions of shock-
layer interaction for a 5.3' shock generator and wave/boundary layer interaction. From these studies
nitrogen and helium coolants. For the non-blowing we were able to develop a simple relationship for
case, the shock interaction caused a pressure increase predicting the cooling requirements in regions of
that was fed upstream of shock impingement through shock-wave/transpiration-cooling interaction. By
the transpiration-cooled surface, introducing air into employing correlations based on the heat transfer
the sublayer upstream of shock impingement. The coefficients and blowing parameters determined from
heat transfer rate in this region was dramatically the local inviscid conditions downstream of the
reduced, even in the absence of coolant addition. reflected shock, we were able to collapse the data sets
However, it can be seen from the pressure from the different interaction strengths and test
distribution in Figure 7.23b that the pressure conditions into a single correlation shown in
upstream of shock impingement was not significantly Figure 7.27. The form of this correlation
modified by this influx of gas into the base of the
boundary layer. It is observed that introducing a CH - CH =-0.92 (1- e-B'/4) (5)
nitrogen coolant rate of less than 5% or a helium CHe

coolant rate of one-third this value is required to
reduce the heating level downstream of shock is similar to that for the constant-pressure flat-plate
impingement to less than that upstream of the shock data. Employing this correlation together with
on the smooth plate. It can be seen from simple calculations to determine the local inviscid
Figure 7.24b that the pressures upstream of shock flow conditions, it is possible to provide good
impingement were not significantly modified by
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Surface with Shock Interaction from 7.3.3 Comparison Between Film and Transpiration-
7.35' Shock Generator Cooling Techniques with Shock Interaction

A comparison of the results for film cooling versus
.X...( 3 transpiration cooling are presented in a similar

_ ...... ... .," " . , . ..manner as the non-shock interaction results. That is,
" I•zI ."for a given cooling surface area, the cooling

"..... i ..... - effectiveness is compared for the two techniques
2.. ....... . .1 based on mass flow rates of the cooling injectant; in

. 6 I-., this case, the cooling injectant is helium and the
, * ..L.."~ !freestream conditions are nominally Mach 6.4 with

Re/ft = 8 X (107) and the boundary layer upstream of
*:.) D 3OtD__ o,0-30: -11G : no cooling is identical. The measurements from four

0.0 . . . .illustrative cases have been selected for comparison.
Figures 7.28 and 7.29 show the results for the 5.5'

0- - . incident shock generator cases for transpirationT"• ' . C. 0•• l "

0.25- . .cooling as compared to the 0.08" and 0.120" slot
-. . ' 0 cases. Figures 7.30 and 7.31 depict similar results for

-.2, . .. .the 80 shock generator results. There is a dramatic
0.5 ... ,difference in the cooling effectiveness of the two

, techniques downstream of the shock interaction
." region. For the 5.50 case, (Figures 7.28 and 7.29)

. . .increasing the mass flow rate does reduce the heating
* *,,,**,,,*,,i** levels downstream of the interaction region. For the
, .2 two cases shown, by nearly doubling the injectant

OWTNCE, FWMLW F~JEVAk 0 mass flow, the heating load is approximately reduced

Figure 7.26 Heat Transfer and Pressure by a factor of two. However, the effectiveness of the

Measurements at Mach 6 on Helium- film cooling is continuously degrading in the

Cooled Transpiration Surface with downstream direction. In each of the two figures

Shock Interaction from 7.350 Shock (Figures 7.28 and 7.29) downstream of the

Generator interaction regions are lines which represent
approximate heating values for the equivalent mass

1.2- haddition rate as the depicted transpiration cooling
S.2............ case. These were obtained by simply interpolating

[1• -..2 •,-,- between the two sets of measured data. There is a

,., .significant improvement in the cooling levels of the
o, transpiration case over that of the interpolated film

O.....cooling result. In fact, the heating level is reduced by
6;

...... .a.. ... . over a factor of two for both comparisons shown.
000 Moreover, the transpiration cooling is more effective

02 0 0 0 0 than the film cooling case with 50% more mass
*.... ,, addition in (Figure 7.28) and is as effective as the

. ,,. , , , . ,0 2 . ... .. .2 case w ith tw ice the m ass addition as show n in
Figure 7.29.

Figure 7.27 Correlation of Heating Reduction
Ratio with Modified Blowing
Parameter m(rhoUCh,) (C~i./CxPf)° 0

(M.ýlj,)°" for Shock-Generator
Angles of 50, 7.50, and 10' and Both
Nitrogen and Helium Coolants
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Heat Transfer Compariaon, Transpiration Cooling Heat Transfer Comparison, Transpiration Cooling
and Film Cooling with Shock Interaction and Film Cooling with Shock Interaction

Slot Height = 0.08 Inches, 81= 5.5s' Slot Height .0.0 9 inches, 0 . = 3. 04 4 88

* Tra nspi ion Cooling. m - 114 lb /s 7 Trans 'ratido n Cooling .m -.17 lb ./ 7
*FIlmCooling. m=.07 lb Is A AlmCLing m-.131b Is s

3 a Film Cooling. m - .16 lb./s 3 6 o Film Cooling. m .. 144 l9/s 6

o ~ ~ ~ ~ ~ ~ ~ ~ ~ ~ ..... r .......................................... ..-.... ...... ..... .........' ........... ig""= • : i , •-+ • 4 u .......i . ......... + ................. ........... ..• ..... 4
., 2...... 3

tj i " o - II .... .. .. " ............ U " ..... .......... •.....•......r. . . ,......•.....+ - . • . + . -"......... ...... ...... ... . ..... ...."......... .... ......... ........ . 2o~~~..... .......................
70• ; : o ,•....... ..... ...... +.... ....... + ... .... . 0

-1 ' i l -. -I , , , , j -
0 20 40 60 SD 100 120 140 0 20 40 60 10 100 120 140

Figure 7.28 Distance (Slot Heights) From Slot Figure 7.31 Distance (Slot Heights) From Slot
Exit/Transpiration Leading Edge Exit/Transpiration Leading Edge

Heat Transfer Comparison, Transpiration Cooling Figures 7.30 and 7.31 depict similar trends for the 8'
and Fim Coolilng with Shock Interaction shock generator cases. It is interesting to note that

4 Slot Height - .120 Inches, 0.s S. increasing the mass addition rates of the coolant in
Fil Tm~prt Coolng L m -- 114 lb "/s

i ma mo= .10 t4 lbs these cases makes little difference in the downstream3 Film Coolig .2lý/
3 Fim Cotg. = .22 , aheating levels. In Figure 7.30, the mass addition rate

2 2 for the transpiration cooling data is somewhat higher
2Lf, (-15%) than the highest rate for the film cooling

".. .......... ........... results. It appears, however, that extrapolating the
S,,-, - ,'..* "film cooling result up to this mass addition level..*--doom ...... 0g" "

.'. ...... 0 would not significantly alter the cooling effectiveness

I for this case. In Figure 7.31, the transpiration
0 20 40 60 so •im cooling mass addition rate falls between the two film

cooling levels. Again, it appears that at these film
Figure 7.29 Distance (Slot Heights) From Slot coolant mass addition levels and at this shock

Exit/Transpiration Leading Edge strength, increasing the mass flow does not
significantly improve the cooling effectiveness.

Heat Transfer Comparison, Transpiration Cooling
and Film Cooling with Shock Interaction Additionally, the film cooling levels at the furthest
Slot Height a 0.120 Inches, 3,, a 8.0 downstream positions shown in Figures 7.30 and

7 Torse"loncoing. m..17 7,, 7 7.31 indicate only a slight improvement over no film
a K'IM cooling. m .10lb Is

I'0lm Cooling. mn .22 lIb=/s 6 cooling at all (see Figures 7.32a and 7.32b). As
........... J indicated in the figures, there can be as much as five

4 ......... 4 times less wall heat transfer for the transpiration
.............................. ............... cooling cases as compared to the film cooling cases

2............. at comparable coolant mass addition levels. In any
I ........... J.. •.... sa ...... .... a case, the cooling ability of the transpiration technique
0 p0 0 is much better at reducing the downstream levels.
- 20 40 l 8I 10, Furthermore, the transpiration cooling holds the

20 4 60 80 100

heating loads to approximately that of the upstream
Figure 7.30 Distance (Slot Heights) From Slot uncooled results.

Exit/Transpiration Leading Edge
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S,°T surface blowing are calculated by essentially

a .,. ,,,. superimposing calculations based on models of these
. .0 is

6  :~two effects considered separately. In these codes theo." assumption that surface roughness plays the primary

C•,i%, 4 role in controlling heating augmentation may be
d , g 8 * a 8 8 significantly in error when applied to highly ablating

Ssurfaces. If, as we deduce from the experimental
4 -studies, surface blowing effectively smooths the

e .... . .... rough surfaces, then selection of an effective
o,,-3 1 ,T FRCU j roughness height as the single correlating parameter

connecting flight measurements with code
Figure 7.31a Heat Transfer Measurements in predictions may be in error. Since most predictive

Shock-Interaction Region, without techniques employ an effective sand-grain roughness
Film Cooling as the single length scale characterizing roughness

size, there continues to remain a key problem in
" " defining the surface topography of a rough

l,3- s..... hypersonic vehicle. The experimental studies of

, .,2 Nikuradse7 "2 and Schlichting 7 3 , both hydraulic pipe
, flow studies, were principally responsible for the

selection of sand-grain roughness as the standard
: * *o* " Qagainst which to measure relative effects of other

• *types of roughness. Although this standard has been
a , on'es, -_ ,- frequently employed, the topographical

.i t Is Is characteristics of a sand-grain surface have yet to be
Ldu,,1,m fT IN. $ defined. The Schlichting studies, conducted with

Figure 7.31b Pressure Measurements in Shock- roughness of well-defined geometric shapes,

Interaction Region, Without Film provided the first set of measurements which could

Cooling be reproduced in both experimental and theoretical
studies. The results from these studies, together with

At these conditions, it is clear that downstream of the those from a number of subsequent investigations in

shock interaction region transpiration cooling is more subsonic adiabatic flows, were correlated by

effective in reducing the wall heat transfer. researchers to yield relationships between an

Although, this technique does not have the added "effective sand-grain height" and parameters which

benefit of increasing momentum in the main stream describe the geometric features of the surface--a step

direction, it can reduce the skin friction, which further perpetuated the use of sand-grain

Furthermore, for a given mass flow rate, the roughness as a standard. The Dirling correlation, see

transpiration cooling is much more effective at (Figures 7.32 and 7.33) is one such plot, from which

reducing the wall heating downstream of the shock an effective sandgrain roughness height can be

interaction region without having to overcool the determined from knowledge of peak-to-valley

upstream region of the shock interaction zone. roughness height together with the shape and spacing
of the roughness elements. The roughness Reynolds

7.4. Flow With Surface Roughness and Blowing number Re k(UK / vw)originally used by Nikuradse,
The accuracy of codes designed to predict the and the non-dimensional roughness heights
aerothermal characteristics of passively and actively K/8*,K/O,, and K/Or (where ,0,,,, and 1r
cooled hypersonic vehicles at lower altitude are are the displacement, momentum, and thermal energy
dependent on both the algorithms to describe the thickness respectively), have all been used to
combined effects of surface roughness and blowing, correlate the aerothermal effects associated with
and the way in which the semi-empirical constants boundary layers over rough re-entry vehicles. To
used in the codes have been deduced from flight and date, however, no single parameter or combinations
ground test data. Although the studies of Voisinet7 '- of parameters (e.g., lkek,k/) has been used with
and Holden7"1 have shown that the effects of surfaceofprmts(egekk/0)hsbnuedwh
rndHoughnes hand blowing tar t at ive , infs mof ste any great success to describe the general similitude ofroughness and blow ing are not additive, in m osttu b l n b o da y a er in s p s n c a d

the magnitude of rough-wall heating and turbulent boundary layers in supersonic andcodeshypersonic flows over rough, highly cooled walls.
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In incompressible flows the smooth regime, where
"ROO-.. E..MENT .. Ao the surface shear is entirely due to viscous shear is
P. U., CD X adefined by kU,/ v < 5. At larger

==O R~E LOCVKAGEr

ELEMEN .. ..... ReK, (< ReK, < 70) the surface shear is composed

of form drag on the roughness elements combined
UAVtheA L,•--- with viscous shear. For K > 70, the surface shear
V

Sar"NS.-," DIRLIN*'"u"t D" - 4• results principally from drag, and viscosity is noIRAE I.-i FACGE ROU EME NTR _V(ýlonger a factor in controlling the velocity profile.V.DOTf4NALLDRAG 240.)l PORMOR04I& FROUGHNF.SSEL[MENERT AP*

aDr- ; me' C,, EAFinson's engineering model based on the early
concepts of Liepmann and Goddard7-"° and his

A * , .. . V (Finson's) detailed numerical calculations provides a
CF. Cr. A" good basis for interpreting the physical phenomena

of key importance in rough wall heating, as well as a
Figure 7.32 Simplified Drag Model for Rough- relatively simple prediction technique. The shear on

Wall Skin Friction a rough wall can be expressed as the sum of the
viscous and form drag of the rough surface:

SCHLICHTING 3.0 ELEMENTS
0 HMISPHERES T. 2 2

A CONES CF = CFBASE + J 2 2 CDB(y) •0 RIf ANGLE ,Jt D 2
20 SQUARE Ro0 ELEMENTS B PeUe

411h O BTTER AN
NIKUFIAD\N

ks/*k SAND 4 IU JET AL3

1.0o "where B(y) is the blockage factor, and d(y) and D are
S0the diameter of the roughness element and the

A _ Icaspacing between elements, respectively. From his
CLOSEoCAVSTY detailed numerical solutions, Finson showed that p

and u were relatively constant between the base and01PEN CAVITY

0.11 1 f LL , Of_ _II top of the roughness element at values PR, UR close to
010 10 1000 the top of the roughness, and this equation becomes

) D/K (Aws/Ap)
4 1 3

Figure 7.33 "Effective" Roughness CorrelationsiCF CFB +PRUR CD B A
for Differing Roughness Pe Ue '2J

Geometries and Spacings
where AP,/A, is the ratio of projected area of the

The studies of Dvorak 7
-
4

, Bettermann 7
-', Lewis7 "'6, roughness element in the direction of the flow to total

Simpson7'"7 and more recently Lin7-1' and Finson 7'- area of the flow on which they stand, and B is
have provided further insight into the basic effects of afcn
roughness shape and spacing on the characteristics of the average value of B(y).
the rough wall boundary layer and skin friction and
heating to a rough surface. Dvorak combined the For compressible flows Finson found that
effects of roughness shape and spacing into a single
parameter A (the roughness density), defined as ,o ,
shown in Figure 7.33. He linked the downward shift UR / Ue = 0.247 + .234 log' -
in the velocity profile AU/ U, to a combination of Pe Ap

roughness Reynolds number Rek(UK/vv)and A Therefore, assuming CFB is the smooth wall heating
through the relationship level, it is possible to relate the rough wall skin

friction to the smooth wall value in the generalizedU ln +A AU KU, form
U, (Y U U,
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If we assume that the product of the blockage factor , I i iiii
and CD are invariant with roughness shape and
space, then for constant local free stream condition, Figure 7.34 Heat Transfer Measurements on the
we get the Dvorak-Simpson Parameter: Sharp Biconic Configuration

Showing the Importance of
CHROtIGCH A,) Roughness Shape and Spacing

CHisMOOTH A, Effects on Roughness-Induced
Augmentation Heating (Ref. 7-10)

A slightly different form can he obtained by the
subsonic blunt body approximation

CD = CD F(Ap/A,,,)

2.2 --.

and using D/K rather than A./Ap to obtain the 0 W, CM

correlation in terms of the DirlingT parameter, 2.0 r -K %-- .---,

C H R O ( J c ; H 1 .-S- / 3'-P-) --

CHSMOOTH K Api)~1C

where the various areas are illustrated in Figure 7.32.

1.2 - - - - ----

In recent studies of effects of roughness, shape and
spacing on the heat transfer and skin friction to the 1.0 _,- * L -.

roughness, nosetips, frusta and flaps of a typical 110 (•, 100

MRV configuration, Holden7- used both the
Dvorak/Simpson parameter A,/Ap and the Dirling Figure 7.35 Correlation of Patterned Roughness

D ( A, ) 4 / 3 Heating on Sharp Biconic Nosetips
parameter/ ....K _ and achieved reasonable in Terms of Effective Windward

\ J Area (A1 /As)
success in correlations. In these studies, the effects

of roughness shape and spacing on the heat transfer
and skin friction both for surfaces with sand-grain
roughness and those constructed with geometrically
well-defined hemispherical and conical roughness
elements were examined. Also, heat transfer, skin-
friction, and pressure-distribution measurements
were obtained on spherical and ablated noseshapes,
conical frusta, and the control surfaces of MRV
vehicles in hypersonic flow. Typical measurements
and correlations are shown in Figures 7.34, 7.35 and
7.36.
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1 Bll -The measurements made in studies with a

transpiration cooled model with and without blowing
. 'are shown in Figure 7.37 together with measurements

1.4 - of the heating rates to rough and smooth non-porous
hemispherical models at the same condition. The

.l... 1.2 measurements on the model with zero blowing,

".shown in Figure 7.37, clearly show that the intrinsic
1.0 - roughness of the surface causes heating enhancement

factors of over 1.7. In fact, it can be seen by
0.8 - -comparing Figures 7.37 and 7.38 that the heat

0. transfer measurements on the rough hemisphere are
10 (z) 100 in good agreement with those obtained on the non-

blowing transpiration-cooled nosetip model such that

Figure 7.36 Correlation of Effective Roughness they would be biased toward the 'larger heating.

Heating Parameter For Sharp When a small amount of blowing (nY/pUc = 0.032)

Biconic Nosetips in Terms of the was introduced, the heating rates over a major part of

Effective Windward Area Parameter the transpiration-cooled model dropped to levels

(Aý/As) close to those recorded on the smooth model, as
shown in Figure 7.37. It could be postulated, on the

The results of this work have demonstrated that the basis of these measurements, that the initial effect of

low-speed measurements of Nikuradse7"2, mass addition from a rough ablating nosetip is to

Schlichting7-'3 , and others, and the correlations of modify the flow around the roughness elements, by

DirlingY21/Simpson7 "7 , cannot be used directly to eliminating the cavity flows, in such a way that the

predict rough-wall heating and skin friction in momentum defect introduced by the roughness is

supersonic and hypersonic flows over nonadiabatic small as illustrated in Figure 7.39. Holden's studies

surfaces. Even the more solidly founded prediction of roughness shape and spacing effects on non-

scheme developed by Finson7 - , which is based upon ablating configurations suggest that not only are the

his detailed numerical solutions, consistently subsonic studies inapplicable to the heating of heat

overpredicts the roughness-enhanced heating levels shields in hypersonic flow, but further that the basic

in high-speed flows, modeling of the roughness drag and mechanisms of
heating in the theoretical models is highly

Voisinet's 7'° studies of the combined effects of questionable. In these studies it was shown that even

roughness and blowing were conducted at Mach 6 in mildly supersonic flow, shocklets are clearly

under adiabatic wall conditions. The measurements evident (see Figure 7.40) around each roughness

made in these studies have clearly demonstrated that element. Thus not only is the model of drag

the combined effects of blowing and roughness on incorrect, the entropy layer associated with each

skin friction cannot be described in a simple manner. shocklet contributes to a higher temperature/lower
The effects of surface roughness alone on skin momentum flow around the roughness elements than

friction were shown to be correlated in terms of the described in the current roughness models.

roughness Reynolds numbers; a result consistent with
earlier measurements on adiabatic walls by Goddard7

20 and Reda7 22 . In contrast, measurements on models
placed in the flow involving significant levels of
heating (HJHo = 0.5) have in general correlated
better with parameters like K/5, K/O or K/IT which,
as shown by the theoretical studies of Dvorak and
Finson, should have greater relevance to roughness
effects on re-entry vehicles. Voisinet's studies
demonstrated that the effects of surface roughness
and blowing on skin friction cannot he deduced from
simple expressions derived from the measurements
made of each of the separate effects.
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Figure 7.37 Heat Transfer Measurements on

Scant and Smooth Hemispherical , . 1IO

Nosetip Showing How Small ....... .. ..*.. 4. .......

Blowing Brings Down Heating
Levels to Smooth-Wall Values AM^ 1 WR - 4 I 4

Figure 7.39 Comparison Between the Turbulent
Theories of Lin & Crowell for
Smooth-Wall and Rough-Wall
Measurements of Holden on
12" Diameter Hemisphere (M=I 1.2,
ReD=l I IX 106, K=12.5)

(a) NON-BLOWING SURFACE

1b) OLOWING SURFACE

Figure 7.38 Schematic Diagrams of the Flow
Structure Between and Above the
Roughness Elements on Blowing
and Non-Blowing Surfaces
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14,. ," •. the gross stability of flows over highly indented
" ,. -, ' noseshapes, little detailed information is available for

.. ,. rough indented nosetips where attached or slightly
separated regions of shock wave-turbulent

.- "interactions occur.

Typical flow fields and distributions of heat transfer
over an axisymmetric indented nosetip configuration
are shown in Figures 7.41 and 7.42 for smooth and
rough surface conditions. Here it can be seen that
"surface roughness causes a significant increase in the
"size of the separated interaction region as well as in
the heat transfer in the reattachment compression
region. It has also been observed that introducing
surface roughness increased the size of interaction
region on flat plate/wedge compression surfaces as
graphically illustrated in Figure 7.43. One might also
speculate on the basis of these observations that
surface blowing would have an even larger effect on
the occurrence of flow separation and the
characteristics of separated interaction regions.

Figure 7.40 Schlieren Photographs of the Flow

Over the Sharp Biconic Nosetip CH,102

Showing the Individual Shocks for 2oo a

the Roughness Elements (Ref. 7-11) 0 0 0
S0 000
0

Surface Roughness and Shock/Boundary Layer 0 0 00 0 0 0

Interactions on Indented Nosetips I t I I 1 0 0
Measurements made in full-scale flight tests and a 062 0.4 0.• • u 1.0 12 L.4

ground test facilities with ablating nosetips have

demonstrated that under many re-entry conditions, Figure 7.41 Influence of Surface Roughness on
concave or indented noseshapes can be developed7

-1
3  the Heating Distribution (M= 1.4 Re,=12x10 6)

as nosetip ablates. The increased heating resulting
from boundary layer transition coupled with
increased surface roughness close to the sonic region
is responsible for the initial development of the
indentation. Subsequently, the large heating rates
which are developed in the recompression region
resulting from shock-boundary layer interaction at
the base of the indentation can cause grossly indented
noseshapes. While it is possible to predict the initial
indenting using relatively simple shape change codes,
when significant ablation occurs the computation of
heating over the rough surface for flows with
embedded regions of shock wave-boundary layer
interaction are subject to considerable uncertainties.
Although there have been a number of experimental
studies(7-24

, 7-25, 7-26) to examine the distribution of
heating to non-indenting nose-shapes and
investigations with a major emphasis on examining



4-66

The Nose Tip Recovery Vehicle (NRV) nosetip is
one of the few nosetips which has been recovered
from flight during re-entry- 27. The nosetip is of
particular interest because it was "caught" during the
portion of the trajectory where transition was
spreading over the nosetip, and a non-similar shape
change was occurring. An enlarged model of the
nosetip, shown in Figure 7.44, displays two
characteristics which are of interest to the nosetip
designer. The first is that the nosetip is indented to
the point where three-dimensional separated regions
of significant proportions must have been formed.
The second feature is the distinctive three-

.) .. dimensional grooved shape of the NRV nosetip, a
shape which could not have been predicted from
shape change codes. It could be speculated that
because of the intrinsically three-dimensional
characteristics of boundary layer transition, an
intrinsically three-dimensional nosetip similar to the
NRV is formed on ablating nosetips whenever the
transition moves onto the nosetip. If such nose
shaping occurs, it will not only be difficult to predict
but also induce nosetip forces which can change
rapidly with small changes in nose shape or angle of
attack.

Wb) K-15MILS

Figure 7.42 Influence of Surface Roughness on
the Flow Field on Indented Nosetips(Ref. 7-11I)

Figure 7.44 Installation of NRV Heat Transfer
and Pressure Model in 96" Shock

Figure 7.43 Flow Over the Rough MRV Tunnel
Configuration With a 30' Flap
Detection A Schlieren photograph of the flow over the NRV

model is shown in Figure 7.45. This photograph
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illustrates the two classes of flow with embedded
shocks which are typical of the flow over indented
nose shapes. The flow over the top of the model
separates as it expands downstream of the spherical
cap and a small three-dimensional separated region is
formed in the cavity formed by the grooves. The
compression waves generated in the reattachment
region coalesce to form a single shock -- the re-
compression shock. The bow shock and re-
compression shock interact with the formation of a
single shock and a shear layer.4-

Figure 7.46 Heat Transfer Distribution Over the
NRV Configuration - M=11, Re/FT=10xl0 6 , ct=00

(Ref. 7-25)
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8. AEROTHERMAL AND AERO-OPTICAL 8.2. Aerothermal and Aero-Optical Studies on
EFFECTS ASSOCIATED WITH THE 3-D Seekerhead Configuration
DESIGN OF SEEKERHEADS FOR The principal objective of this experimental program
HYPERVELOCITY INTERCEPTORS was to obtain both aerothermal and aero-optical

measurements on a triconic seeker head
8.1 Introduction configuration. The studies were conducted at two
During the past year, the LENS facility and the basic test points. The first was at a velocity of just
associated instrumentation suites have been under 3 km/sec and an altitude of 23,000 ft, a
completed with extensive modifications including condition typical of boost-phase intercept operation,
those to use hydrogen as a driver gas at pressures of while the second condition was selected to duplicate
up to 30,000 psi, and the assembly of the complete a velocity of 4 km/sec at an altitude of 45 km, as
instrumentation suite of refractive and radiative shown in Figure 8.1. The three-dimensional triconic
instrumentation. In order to obtain accurate seeker head configuration which was used in these
measurements of the aerothermal and aero-optic studies is shown in Figure 8.2. This model has a
environment around film and internally-cooled flush-mounted window containing aerothermal
window configurations, it is essential that the instrumentation on one side and a recessed film-
velocity and density fields around the seeker head be cooled optical window on the opposite side of the
duplicated to obtain the correct refractive and model.
radiative fields associated with coolant-mixing and
high-temperature non-equilibrium flow chemistry. Nonoquiliber, Tat Conlion - Run .N6

To obtain the correct turbulent mixing environment, Mi 5.2730
Po 2.4577E+04 psiReynolds numbers of over 1 x 106 must be obtained Ho 4.2436E+07(lt/ec)'2
To 5.9710E013 degrees R Molecular weight of Fraee• an, Air- 29,0140

for shock layer temperatures where vibrational and Minf 9.5402 Species Mole Fraction
Uinf 8.9695E+03 fiw-- N2 1 .O00E-+00

dissociational as well as chemical non-equilibrium Tnf 3 .5576E+02degrene R N 6.952E-07
Pinf - 4.695613-01 psi&apm o

effects are correctly duplicated. To achieve these QnN io 2.9904Ef1 epsi& Po - 0.9
PRhoinf - 1.0705E-04 slugs/ft3 Chi tests specified fmr resctions =0.90

conditions at velocities from 1 to 5 km/sec, a ground Moof - 3.4932E0-067 sl1ftoe1
Guam. - 1.4000

test facility must operate at pressure levels of up to Vtf 3.6603E-03

30,000 psi at stagnation temperatures of up to QOVF-R)., 4 .•1937E+.02
Q(-),T..1 4.9377E+02 BTU/F-Re.

15,000 'R. At these conditions, the chemical Flo. i .3,021 sugs/

structure of the shock layer must differ little from the
environment generated in flight, therefore levels of Nonoiibua Tat Conditios - Run, 7

freestream dissociation should be small. Mi 8.1650
Po 2.2903E+"04 pI.h

Ho 9.3404,+07 (ft/s.o)*2 Mola2 e weight of Feeetfraa Air - 22.9342

A major design feature of a facility constructed to To .0393E+04 degreesR R Secia MoleFarction

Miff 1.9294 N2 7.497E-01make accurate aero-optic measurements is the virtual Toif 29E04 f0+4 02 1'.7e",a
Tinf 1.0371E-03 ps AR 9.315E-03

elimination of the vibration of the model and the 7.02E0p- N 72-17
Mi .1672E.05 s 192E-03

optical bench system supporting the refractive and M 6513E NO 6.09,.-02MRin 1.0298E-06 l1g/ft-sc N .9E0

radiative measurement instrumentation. An Re O.029o, I/ftGunono 1.3"722

additional inertial isolation system has been p' - 5.645E+03
Qo(F-R)_ -~ 9.9706E+02 BrFt/Ft2.-e

constructed to support the optical bench system. As a WallR. 5.39IB10E2degrees R

part of the completion of the LENS facility, a new Flow Paw - 6.9322E+00slug/sew

visible/MWIR wavelength aero-optical
instrumentation system has been developed for the Figure 8.1 Test Conditions at 3 and 4 km/sec
evaluation of seeker heads in the LENS facility. In
addition, a radiative instrumentation package
including an IR spectrometer and radiometer has
been added to the instrumentation which has been
previously described in Reference 8-1. These
systems were statically calibrated and their
performance was then validated, prior to the
evaluation programs for McDonnell Douglas and
Lockheed seeker head configurations, in the testing
described in Section 4.
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Figure 8.3 Schlieren Photo of Flow Over Model
Without Coolant

Figure 8.2 CUBRC 3-D Triconic Seekerhead
Model

8.3 Aerothermal Measurements and
Comparison with Predictions

Schlieren photographs of the flow over the seeker
head configuration without window cooling and for a
match pressure helium condition are shown in
Figures 8.3 and 8.4. Here it can be seen that cooling
causes slight distortions in the shock layer. However,
there is little difference between the flows with and
without cooling. The distribution of heat transfer and Figure 8.4 Schlieren Photo of Flow Over Model
pressure over the flush window for the 3 km/sec test With Matched Pressure Helium
condition are shown in Figures 8.5a and 8.5b. From Coolant
the heat transfer distribution it can be seen that
transition began 2.5 inches from the stagnation point ss,.

and the boundary is fully turbulent over the window ..- - -

section of the m odel. Com parisons betw een the .4 ...- -- - -.

theoretical predictions of the GASP code and the heat --,
transfer measurements are shown in Figure 8.6. It

250- -- -

10 

-
-100. I-

50~ 

-

1 1 2 2 4 5 6 7 2 9 so

Figure 8.5a Distribution of Heat Transfer Over
Flush Window at 3 km/sec Test Point
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8.4 Aero-Optic Measurements
Figure 8.6 Navier-Stokes Prediction Compared A new, visible/MWIR-wavelength aero-optic

with Data Over Flush Window at instrument has been developed for seeker-aperture
3km/sec Test Point evaluation in the LENS facility. The instrument has

been installed and integrated with the facility. A test
can be seen that the turbulent heating levels are in program was performed with the instrument to
good agreement with the GASP code predictions if evaluate the film-cooled aperture of a 3D model.
transition is positioned close to the stagnation region. The facility was designed to utilize visible and
However placing transition in the experimentally infrared (IR) light sources, a wide-band optical bus,
determined transition region results in a significant and refractive and radiative sensors. The wide-band
over prediction of the heating levels. The heat optical bus, shown in Figure 8.8, was developed to
transfer and pressure measurements made at the 4 km couple visible and MWIR optical signals into the
condition are shown in Figures 8.7a and 8.7b. The aero-optical experiment. The visible and MWIR
heat transfer measurements indicate that the flow refractive instruments include pulsed laser
over the major part of the seeker head is laminar with holographic interferometry, laser point-source
transition beginning toward the base of the model. imagery and line-of-sight, and point thermal-source
Again the pressure measurements indicate that the imagery. The radiative instruments include a
pressure is basically constant along the window variable-band radiometer and a multiple-band
section of the model. spectro-radiometer. These instruments are coupled

into the experiment through the optical bus. An aero-
optics software analysis system provides a
comprehensive optical evaluation of visible and IR
data sets, as illustrated in Figure 8.9. The aero-optic
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evaluation capability uses interferograms from the boresight sensor has a noise level of 4 jtradians and a
holography device, point spread functions from the dynamic range of ± 480 pradians. The IR imager
visible and IR imagery, and line-of-sight signals from features an InSb focal plane array, FPA, with 128 x
the boresight error (BSE) sensor and results in 128 pixels and 12 bit digitizing at 1 kHz. The 1.25
wavefront maps, encircled-energy functions, and meter telescope achieves an angular resolution of 40
BSE levels, respectively. These optical evaluations pradians per pixel, 50 pm pixel spacing. The IR
are available in wavebands defined by the user, for imager looks through the optical bus at a sub
example, visible, SWIR, or MWIR. resolved pinhole, which is back lit with a blackbody

at high temperature. The specifications and optical
configuration of the IR imager are shown in

LFigure 8.10.
OPTICAL F-10 F-60

TABLE IdYF-0

Figure 8.8 thTheviilWideband Optical BUSCopiaCUplest, -•

th isbeand Infrared Optical....
Signals into the Aero-Optical
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Figureigal into the Aero-OpticSt areSsel.. oorpyMaueet

interfrom73e a &or
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Figure 8.9 The Aero-Optic Software System 8.4.1 Holography Measurements
Provides Comprehensive Optical The holographic interferograms from the runs with
Evaulation Based on Visible, Infrared nitrogen and helium coolants were compared through
and Holography Data interferometry analysis and wavefront reconstruction,

The -puse olorapic itereroetr sytemwhich results in a phase map of the optical wavefront
The 6-pusea h0-moleograhi intervaerondeatry esyse as it exists in the seeker aperture. This is a

reors t100- miesacurosco nd intemirvas nd features convenient result, because it can be used to determine

reslut00-waves acracidy sannd, 200bl-micrnd spaitia the point spread function on the focal-plane array

rsolutceionmhapidly scanned, viaursibl-badpoite- (FPA) through Fourier optics. The phase map is

programmable scanning of 16 images onto a single preovidiong alcntnuu phaesefnto within the itreorm

512 x 512 pixel FPA and long-duration exposure. sekrovdn aperntiure.Th phase mapsio arehi proessdt

The cooled visible CCD provides an intensity- see prue h hs asaepoesdt

measurement dynamic range of 65,000:1. The remove both angular-tilt components and the mean
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value. The standard deviation, or RMS value from a
plane wave is determined from the wavefront in this
form. The RMS value is a measure representative of
wavefront distortion, which is typically quoted in
units of waves. Distortions of one tenth waves or
less produce only small effects on the image at the
FPA. For larger distortions, the image is measurably
degraded in peak intensity and sharpness.

The holographic interferograms for the nitrogen and
helium coolant runs depict vastly different
distortions, as shown in Figure 8.11. The fringe
distortions in the nitrogen case represent a high-
spatial-frequency distortion appearing essentially
uniformly throughout the aperture. The fringe
distortions for the helium case are much weaker and
are slightly higher than the noise level of the
interferometer or lambdal20, waves for visible
wavelength light, 0.69 pm.

Figure 8.11 Interferograms for Run 6 and Run 8
are Compared. Note Larger
Distortion for Run 8 Which Used the
Nitrogen Coolant

The wavefront reconstructions, i.e., phase maps, are
rendered by gray-scale and wire-grid plots in
Figures 8.12 and 8.13, respectively. The gray-scale
plots exhibit the general features observed in the
interferograms, while the wire-grid plots reveal a
more quantitative result. The wavefront distortions
for the nitrogen and helium cases are 0.288 and 0.051
waves, respectively. The wavelength of the
interferometer is equal to the wavelength of the ruby
laser, 0.69 microns. This wavelength is about a
factor of five shorter than a typical MWIR
wavelength of 3.5 microns. Hence, the accuracy of
the visible wavelength interferometer is enhanced by
a factor of five when the evaluation is performed in
the MWIR.
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iRun 8 Phase Map RMS = 0 288 waves

Run 8 Phase Map

Run 6 Phase Map. RMS 0.05i waves

Figure 8.13 Phase Maps for Runs 6 and 8

8.4.2 Point-Source Imagery Measurements

The imagery measurements were obtained for the
nitrogen-coolant run. The tare (without-flow) and
flow images for Run 8 (nitrogen coolant) are shown
in Figure8.14 for both the visible and infrared

Run 6 Phase Map imagers. The visible tare image is the best-focus
Figure 8.12 Gray Scale Plots of the Computed image obtained; however it is not diffraction-limited,

Phase Maps for Runs 6 and 8 (DL), image. Its actual image size is about two
times DL. The peak intensities of the visible tare and
flow images are 17673 and 492 counts, respectively,
in arbitrary units, and the Strehl ratio is 0.028. The
flow image is characterized by a large number of
low-intensity peaks that are distributed across a large
portion of the FPA. The infrared point source
imagery is much higher quality with tare and flow
peak intensities of 33538 and 27433, for a Strehl
ratio of 0.82.
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Encircled Energy fromi Visible imager
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Figure 8.14 The Measured Point Spread 0.70 sbeIae

Functions for the Visible and Infrared 0.60

Imager Systems are Shown for the 3.50 ............

Tare and Flow Cases. Image 1 (of 4)

is Displayed 020
0.10 -----

The encircled-energy (EE), function exhibits, in one 0.00
dimension, how the image brightness is distributed 0 108 216 324 432

on the FPA for both the visible and infrared imager,
as shown in Figure 8.15. The EE of the visible tare Figure 8.15 The Tare Encircled Energy Curve is
image reaches the 83 percent point of the collected Compared to the Flow Encircled
energy at an angular dimension of 84 ýiradian. The Energy Curve for the Visible and
first Airy ring of a perfect image would reach this Infrared Imager Data from Run 8
point at an angle of 47 pradians, given the
characteristics of the telescope. The focal length is The encircled energy curve for the infrared imager in
4.8 meters, the aperture is 30 mm and the wavelength the MWIR region rises much more quickly than the
is 0.63 microns. The EE of the visible flow image curves for the visible imager. An ideal infrared Airy
rises much more slowly, depicting its significant distribution contains 83% of the encircled energy at
distortion. The blur observed in the flow image is an angular diameter of 240 ýtradians. The infrared
about 5 times larger than the tare image at the 30- imager reaches the 83% point at 915 giradians. Thus,
percent collected-energy point the blur observed in the infrared image is

approximately 4 times diffraction limited, a factor of
2 improvement over the visible imager.

8.4.3 Line-of-Sight Sensor Measurements
The line-of-sight (LOS) sensor measurements for
Run 503 (without-coolant) and Run 6 (helium
coolant) are shown in Figure 8.16. The vertical
angular deflection is plotted for approximately 5
msec prior to and during the established flow. The
mean and RMS values are determined both prior to
and during the flow. The instrument was modified
after Run 6 to increase its sensitivity, and as a result
the absolute noise level in angular units was reduced
from about ten to one pradian.
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Vertical Deflection Boresight Data: RunS 8.4.4 Results from Aero-Optic Studies

25 Prioro Flow. Drn Platform Stability
.20 Average - .4W Average 1 -523 53 netit

Standard s D•viation12 SD,,-s Deviat.,o45 For the uncooled Run 503, the uncertainty in the
.300 LOS changes from about 0.8 ltradian prior to flow,
.340 to about 12 jiradian during flow. This shows the

absolute mechanical stability is at most 12 iiradian
.450 •and potentially as low as 0.8 pradian. This stability
Ssis about 10 to 20 percent of a typical FPA pixel, and
-500 therefore long exposure images formed during the
-650 established flow period will contain aberration

indicative of those induced by flow and not be
5- M contaminated by mechanical vibrations.

Time (microsacs)

Vertical Deflection Bor•sight Data: Run 603 Validity of Pseudo Imagery versus Point-Source
80 ... ......... Im agery

70

0o Pror to HOW. The wavefront phase maps obtained from the
T Average = 70

a5 oholographic interferometer are used to compute the
corresponding PSF in the visible. Also, since the

A. magnitude of the wavefront phase map can be scaled
S30- to the MWIR, the image performance can also be

""C 20 F9e : obtained for longer wavelengths. These pseudo PSFs
Average - 41

10 Sotart.Deviao•o1o2 are suitable for comparison to the PSFs measured
0 § § directly with a CCD in the visible or with the InSb

FPA in the MWIR. The comparison in the visible
Tlime (mcrosece) and MWIR bands is pursued to examine the validity

of the scaling.
Figure 8.16 Boresight Error Signals for Run 6

(top) and the No Coolant Run Initially, a plane wavefront is propagated to obtain an
(bottom) ideal image, Figure 8.17, which provides the on-axis

intensity for the Strehl ratio and provides an angular
Run 6 shows an absolute LOS level ofp-488 tradian calibration of the numerical sampling of the PSF.
with a STD level prior to flow. The initiation of flow The angular calibration is achieved by selecting an
is depicted by a brief period of oscillation in LOS, aperture, in pixels, which produces an image size at
which persists for about 1 millisecond. The the FPA equal to the diffraction limit of the aperture.
following period contains the established flow and For the visible, the aperture required to match the
lasts for over 4 milliseconds. The absolute LOS is - image size in pixels to the diffraction limit of he

523 pradian with a STD of 45 pradian during the maperture is 16 mm to achieve a 10 pixel image size.

period of established flow. The net LOS shift is 35 For the infrared, the aperture is 23 mm to achieve a 7

jtradian with an uncertainty of 12 6tradian. The pixel image size. The wavefront phase map from the
instrumentation modification after Run 6 resulted in a nitrogen-coolant run (Run 8) is used to obtain the
reduction in the LOS uncertainty to less than one degraded PSF, which is then scaled into absolute
tradian. magnitudes, i.e., intensities and angular dimensions,

by using the ideal image obtained by propagation of
The first 4 milliseconds of Run 503 illustrate the high a plane wave. This pseudo image, when
level of stability of the boresight sensor in the appropriately scaled, is compared to the "real" image
absence of flow. The absolute LOS level was 70 obtained with the point source imager, i.e., the CCD
itradians while the STD level was less than 1 in the visible and the FPA in the IR band. This
pradian. During the flow, the absolute LOS level comparison of the pseudo and real PSFs is shown in
shifted to 41 ptradians and the STD increased to 12 Figure 8.18. Qualitatively, the visible PSFs exhibit
pradians. Thus the net LOS shift produced by flow similar features--that is, dramatically reduced peak
was 39 jtradians. intensities from ideal and a significant reduction in

image sharpness. Quantitatively, the pseudo and real
visible PSFs have Strehl ratios of 0.104 and 0.028,
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respectively. The pseudo image is representative of a holographic analysis results in a brighter PSF
very-short-exposure image, since the wavefront is compared to the visible-image analysis. For the
assumed frozen. For that reason the pseudo image pseudo-PSF, approximately 24% of the total
should be brighter and sharper than the real image, encircled energy is recovered at the fourth ring of the
with its comparatively longer exposure, 300jts. The ideal Airy distribution, compared to 95% for the ideal
Run 8 infrared images exhibit a much lower level of case. The encircled energy curve from the visible
distortion with Strehl ratios of 0.819 for the pseudo imager recovered only 10% of the total encircled
PSF and 0.896 for the PSF measured directly with the energy at the same diameter. This powerful pseudo
FPA. imagery analysis will allow for the longer exposure

imagery by incorporating multiple wavefronts into
the analysis and averaging the PSF's on the FPA.
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Run 8 Flow Case for the Visible and
Infrared Imager Systems are
Compared to the Holography
Analysis

Aero-Optical Evaluation of Nitrogen and Helium
Run 8 visible imager PSF Run 8 infrared imager PSF Coolants

The wavefront phase maps for the nitrogen and
Figure 8.18 Run 8 Comparison of the Pseudo helium coolant cases are used to obtain the

PSFs from Holography and the corresponding PSFs in the visible (0.69 micron) and
Measured PSFs from the Visible and in the MWIR (3.5 micron) regions. The visible
Infrared Imager Systems images are shown in Figure 8.20. The image with

nitrogen coolant is significantly more degraded, as
The encircled-energy functions of both pseudo and the on-axis intensity is lower and the sharpness is
real images are shown in Figure 8.19. The reduced, when compared to the image with helium
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coolant. The Strehl ratios for the nitrogen and Strehl ratio = 0.896
helium coolant images are 0.104 and 0.923, Nitrogen
respectively. Hence, the helium image exhibits coolant
approximately 10 times the brightness of the nitrogen
image.

Strehl ratio = 0.104

Nitrogen
coolant Run 8 pseudo PSF image: Infrared

Strehl ratio = 0.997

Run 8 pseudo PSF image: Visible Helium
coolant

Strehl ratio = 0.923

Helium
coolant Run 6 pseudo PSF image: Infrared

Figure 8.21 Pseudo PSFs at Infrared Wavelength
from the Holography Analysis are
Compared for Runs 6 and 8

Run 6 pseudo PSF image: Visible

Figure 8.20 Pseudo PSFs at Visible Wavelength REFERENCES
from the Holography Analysis are
Compared with Runs 6 and 8

8-1. Holden, M.S., Craig, J.E., Parker, R.A, and
A similar analysis has been obtained for MWIR Kolly, J.M., "Aerothermal and Aero-Optical
wavelengths. The PSFs are shown in Figure 8.21. Seeker-Head Studies in the LENS Facility at
The nitrogen-coolant image in the MWIR is still Velocities Up to 3.5 km/sec," Paper presented
degraded, with a Strehl ratio of 0.896, compared to at the 3rd Annual AIAA/BMDO Interceptor
the value of 0.997 for the image obtained with the Technology Conference, San Diego, CA, July
helium coolant. The nitrogen coolant run exhibits 11-14, 1994.
some intensity outside of the main peak. The helium
image in the MWIR is essentially at the diffraction
limit of the aperture with a Strehl ratio of one.
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9. CUBDAT DATABASE OF through transition through a turbulent boundary
MEASUREMENTS IN HYPERSONIC structure. Therefore, in the database we have
FLOW presented heat transfer and pressure measurements

which span the laminar to turbulent regions to enable
9.1 Introduction the analyst to validate the modeling of the transitional
The experimental studies entered in this database process. A summary of the studies presented in the
were selected from studies conducted in hypersonic database are listed in Table I.
flows in Calspan's 48-inch, 96-inch, 6-foot shock
tunnels and the LENS facility, during the past 30 9.2 Review of Database
years. The measurements selected for this database CUBDAT is a program that provides access to
were assembled from a far larger data set by reduced data from a number of experimental studies
choosing only the measurements in laminar, conducted in Calspan's shock tunnels from 1964 to
transitional, and turbulent flows, which we believe present. Data from each study are stored in ASCII
are of the greatest value for code validation. A files that are compatible for use with LOTUS 1-2-3.
special computer program, "CUBDAT," was The sequence number, n, of each run performed is
constructed to provide easy access to the part of its associated filename, which is of the form
measurements in the database as well as the means to "RUNn.LTS." The use of appropriately named
plot the measurements and compare them with subdirectories provides the ability to discriminate
imported data. The database contains tabulations of data from different experimental series. A file named
model configurations; freestream conditions; and "CONFIGUR" must also be present in each
measurements of heat transfer, pressure, and skin subdirectory. It defines the single character
friction for each of the studies selected for inclusion, abbreviations used in place of lengthy descriptions
The measurements tabulated in this database are for model parameters related to the experiments. For
divided into seven main areas. The first segment instance, the phrase "Distance from the Leading
contains measurements in laminar flow emphasizing Edge" might be represented by the letter "A" in the
shockwave-boundary layer interaction. In the second data files.
segment, we present measurements in transitional
flows over flat plates and cones. The third segment Although CUBDAT provides the user with a number
comprises measurements in regions of of options for the plotting and tabulation of the
shockwave/turbulent boundary layer interactions, information within the ASCII files, the ability to use
Studies of the effects of surface roughness of nosetips the data in other contexts is essential. Toward this
and conical afterbodies are presented in the fourth end, added information if provided in the form of:
segment of the database. Detailed measurements in
regions of shock/shock boundary layer interaction are 1. Brief description of file organization;
contained in the fifth segment. Measurements in 2. Sample RUNn.LTS file;
regions of wall jet and transpiration cooling are 3. SampleCONFIGURfile;
presented in the final two segments. Finally, we 4. Plots derived from data in Item 2.
include measurements for the recently conducted
studies with the Planetary Probe configuration taken CUBDAT is available to qualified users, and details
in the LENS facility, of its distribution are provided in the Appendix. It

can only be used on PCs or compatibles, and there
To adequately specify the boundary conditions, in are no plans to convert it to other operating
addition to accurate specification of model environments. Primary user interaction with
configuration and freestream properties, we must CUBDAT is through the Main Menu, whose content
include measurements to define the length and is presented below.
characteristics of the laminar, transitional, and
turbulent flow on the body. Because of the small # Choices (Active Values in Parentheses)
thickness (typically .05 inches) and intrinsically full 0 Place program usage overview on the screen
structure of the turbulent boundary layers developed 1 Set default drive and directory (d: & directory)
on the models, it is virtually impossible to make 2 Select a different run for processing (0)
flowfield surveys of a definitive nature. We believe 3 Display test conditdons
that it is more useful to present data which will 4 Draw plots (Grid is Off)
enable the code validator to make "tip to tail" 5 Present data in tabular form
calculations starting in laminar flows and preceeding 6 Display model parameters
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7 List information in the summary file
8 Change Qo(F-R) parameters (Nd=.25 ft, Y egend

Shape=Cylin., Twall=530.00 degR) X wo,-_n,

Enter # of choice or G to toggle Grid (Q to Quit)-->
R-o 100

IýT FAC PF CostA) W7104GrI

The user responds by entering his/her choice to X -,
produce a result or another level of queries. For 24

example, if item 7 were chosen, a second menu 02

would appear offering the choice of any of the 30 14 -2

studies for which data are available. Once a study S2 , 14

has been selected, information pertinent to the study o0

is displayed. If test matrix data are present, a yes/no _ 12

query is offered to the user for a response. Figure 9.1 * o 10

combines information from the displays produced L
when study 14 [\SHK-SHK] and its corresponding (3

test matrix data were opted. 4-

0 x
Capsule: Shock - Shock loteraotion 

2- 
21

Rons: 9.22,24,26-44,59-64,616-95,98-104,106-110,112-116/ 
-2

title: "StudCes of Aerotoer . l Loads Generated in Regions of Shock/Shock X X V# 0 x
otse.tion in OypersonoiC Po" Flow-

Author: 4.S..olden, A.R.Neiting, J.R.Mosella, C.Glass 0 I . I0

Date: 2/86 - 9/07 .0 . 1.0 1.5 2.4 2.5 3.0 3.5 4.0 4.5
VIA: 2-576

Report#: AIM paper No. 08-0477 (Jan 1990) Cag Pesition Cinches)

0S0-081K Teat K•tdxL
SR-SKTetMari - MODEL PAP-M4ETERS -- > RA28 PARAM4ETERS

CLEANCES A E L H SWP ASooT Figure 9.2 Typical Plots of the Heat Transfer
STAG I M C ANGLE 0 N 8

RUN MACH RE/fl GAGE (in) (it) (dog) (io) (deg) J•d.) (i) (i) and Pressure Distribution in Regions
9 6.25 4.50 P18 N/A N/A 0/A 26.5 0.00 N/A 0/A N/A

10 6.20 4.40 P8 2.20 0.. 01 .0 26.5 0.00 N/A N/A 0A of Shock/Shock Interaction Which
11 6.35 4.40 P10 2.50 0.00 10.0 26.5 0.0 A 0/A A/ A

12 4 4.20 2 3.24 0.06 10.0 24.5, N1 NJ ,/ Can Be Obtained Directly from the
.3 6.32 4.40 #18 3.34 0.06 10.0 26.0 0.00 0/A N/A /Bn

14 6.26 4.70 P23 32.5 0.09 10.0 26.5 0.00 N'/A •/A •lA
10 6.22 2.40 p22 2.00 0.00 100 .0 0.00 0/,A M/A 0/,A CUBDAT Database
16 8.02 1.40 p23 2.95 0.06 10.0 24.0 0.00 N/ N/A 0/A

17 4.06 1 . 23 2.905 0.06 10.0 26.0 0.00 N/A N/A M/A
10 9.03 1.00 P21 2.86 0.00 10.0 26.0 0.0 "/A 0/A 0/A

19 8.03 1. 0 P 21 2.06 0 .50 10.0 26. 0 0. 00 N/A 0/,A 0/ A

20 7.94 0.746 P2 2.78 0.00 10.0 26.5 0.00 N/A 0/A M/A

21 8.03 1.60 P21 2.89 0.59 12.5 26.5 0.00 N/A M/A 0/A
22 7.95 0.77 P21 2.89 0.59 12.5 26.5 0.00 "/A N/A ./A

24 8.14 3.80 P21 2.49 0.59 12.5 26.5 0.00 M/A M/A N/A
26 8.03 1.20 HT39 3.36 0.63 12.2 26.5 0.00 N/A N/A N/A

27 8.03 1.50 121 2.95 0.31 15.0 26.5 0.00 0/A 0/A 0/A
28 7.93 0.72 921 2.95 0.31 10.0 26.5 0.00 /A 0/A 1/IA
29 8.03 1.50 P23 3.19 0.31 15.0 26.5 0.00 N/A /IA 1/IA
30 8.15 1.80 P11 2.31 0.75 15.0 26.0 0.00 N/A N/A N/A

31 9.03 1.00 P18 /MA N/A 8/A 0/A 0.00 N/ A /IA N/A
32 6.38 0.00 P18 8/A N/&A N/A /A 0.00 N/A N/A MIA
33 11.00 4.30 P21 2.00 0.44 10.0 26.5 0.00 8/A N/A 8/'A

34 11.01 4.40 21 2.25 0.44 10.0 26.0 0.00 N/A N/A 8/A
35 11.02 4.00 #21 2.72 1.81 10.0 26.0 0.00 N/A N/A 0/A
36 11.01 4.30 P21 2.41 1.00 10.0 26.5 0.00 M/A 0/A N/A
37 11.00 4.20 P21 2.41 2.10 10.0 26.0 0.00 N/A 8/A N/A
38 11.00 4.20 .18 ./A ./A N/A 0/A 0.00 N/A 0/A N/A
309 12.97 4.70 P19 N/A M/A N/A N/A 0.00 N/A M/A M/A

40 16.50 1.20 P18 N/A N/A N/A N/A 0.00 N/A 8/A 0/A
41 19.14 0.37 P19 N/A N/A 9/A N/A 0.00 "/A Il/A 8/A
42 16.31 1.00 P21 2.94 0.16 10.0 48.0 0.00 0/A N/A 8/A
43 16 1.00 923 3.63 0.00 10.0 48.0 0.00 I/A 0I/A 0/A
44 16.27 0.94 25 32.94 -0.25 10.0 49.0 0.00 0/A 8/A 4/A
50 8.04 1.40 P21 2.93 0.76 12.5 26.0 0.00 0/A 0/A 0/A
60 8.04 1.40 P21 3.19 1.41 12.5 26.5 0.00 N1/A N/A N/A
61 8.05 1.S0 P23 3.08 0.30 12.0 26.5 0.00 N/A N/A 0/A
62 9.0 0.72 224 2.08 0.20 12.5 28.0 0.00 W/A 0/A 0/A
63 7.75 0.37 P24 3.08 0.35 12.0 26.0 0.00 0/A ./A 0/A

Figure 9.1 Format of Source Capsule and Test
Matrix for Shock/Shock Interaction
Database Available in CUBDAT

The most useful feature available in CUBDAT is the
ability to produce graphic information. Option 4
provides this capability only if there is an active run
number (i.e., nonzero) in the parentheses for option
2. An error message will be flashed if zero is
indicated. This is also true for options 3, 5, and 6.
Figure 9.2 provides a representative plot of combined
pressure and heat transfer data once option 4 has
been selected.
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Hypersonic Laminar-Turbulent Transition
and its Implications for Winged Configurations

D.I.A.Poll
College of Aeronautics
Cranfield University

Cranfield, Bedford MK43 OAL, U.K.

1. Summary 1. leading edge sweep angle
The problem of laminar-turbulent transition on swept 2. leading edge blunting - i.e. nose shape
back wings travelling at hypersonic speeds is one of 3. aerofoil thickness
great practical significance. Swept back wings 4. aerofoil incidence.
support three-dimensional boundary layer flows and,
in consequence, two mechanisms for transition are A generic aerofoil section is sketched in figure 1
admitted which do not occur in two-dimensional which gives an indication of the main features.
situations. These are attachment-line contamination
and cross-flow instability. Both these are known to For typical wings the sweep angles are unlikely to
be very important in the generation of turbulent flow exceed 800 and so, for free stream Mach numbers in
in low-speed flows. It is argued that these excess of 6 (i.e. hypersonic flow), the component of
phenomena are also important in high speed the free stream Mach number in a plane drawn
conditions. Available evidence is reviewed and, normal to the leading edge will be in excess of unity.
when possible, estimates are made of the conditions This being the case the general characteristics of the
necessary for transition onset. flow will be as indicated in figure 2. i.e. there will be

a strong detached shock wave wrapped around the
2. Introduction leading edge. Moreover, away from the apex of the
Vehicles, or devices, which are required to travel at wing the leading edge region will be unaware of the
hypersonic speeds often incorporate surfaces for the delta wing plan form i.e. the flow will be locally
generation of lift, stabilizing or control forces. The "infinite swept".
requirement for good aerodynamic efficiency
invariably leads to the use of thin aerofoil sections By referring to figure 3 it may be shown that for the
and planforms with highly swept leading edges. general delta wing with leading edge sweep angle, A,
However, since there will also be a considerable heat at an angle of incidence, a to a free stream with a
loading at the high Mach number phases of flight, it Mach number, M-, the components of the free stream
will be necessary to introduce blunting in order to Mach number parallel to, and normal to, the leading
reduce the very large surface heating rates which edge are
occur at the leading edge. The degree of blunting
will have to be chosen very carefully since, whilst M- M sinAcosa (1)
alleviating the very serious heating problem, it
introduces two undesirable effects. Firstly, the and MN = M_(1 - sin 2Acos 2a)K (2)
aerodynamic efficiency is reduced because blunting
increases the pressure drag of the wing. Secondly, respectively. From which it follows that the
and possibly more importantly, the combination of effective sweep angle A' is given by

blunting and leading edge sweep may cause A' = tan-" sinAcosa(
transition to turbulence in the boundary layer close to (3)
the leading edge. This will cause both increased 1 -sin 2Acos2aV•J

drag, through increased surface shear, and increased Moreover, the incidence of the flow in a plane drawn
heating rates close to, or even at, the leading edge. It normal to the leading edge is given by
is this boundary layer transition which is our primary - cosAcosa
concern and, for the transition in the leading edge % = Cos I-s (4)
region, the following parameters are of primary 1( 1s2ACos 2 a) J
importance. It is important to note that the flow close to the

leading edge depends upon aN and that, for a highly

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genbse,

Belgium from 15-19 April 1996 and published in R-813.
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swept wing, small values of planform incidence, a, shape of the wing downstream of the shoulder.
can lead to largevalues of ac e.g. if A is 800 and a is Consequently, the pressure distribution in region (a)
20 then aN is 11.40. Therefore, care must be taken depends only upon MN-. and the nose geometry. To
when small angle approximations are being made. It a first approximation the pressure distribution is
follows that, provided the "infinite swept" given by the modified Newtonian form i.e.
assumption is valid, the flow in the immediate
vicinity of the leading edge is completely specified Cp = Cpo cos2I 2x/

by the following parameters. t)

In the relaxation region (c) there is a similarity which
1. the spanwise component of the free results from the analogy between the two-

stream Mach number MT. (equation 1) dimensional pressure field developing downstream
2. the normal to leading edge component of of the shoulder and the one-dimensional unsteady

the free stream Mach number MN_ flow resulting from an explosion (rapid energy
(equation 2) release along a line). This is the so called "blast-

3. the incidence in the plane normal to the wave" analogy which is described in most textbooks
leading edge a, (equation 4) on hypersonic aerodynamics - see for example

4. the leading edge thickness t (figure 2) Anderson'. By making use of the analogy, it can be
5. the leading edge geometry (figure 2) argued that the pressure variation in the relaxation
6. the "wedge" angle P3 (figure 2) region is such that

and 7. the ratio of the wall temperature to the
free stream total temperature Tw/T, P = K M Ný2C

3. Pressure Distribution P[J ]

When considering the pressure field generated by the where Cd is the drag coefficient of the nose and K is
wing leading edge it is convenient, in the first a constant. Analysis of experimental data reveals
instance, to consider two extreme cases. The first that to a good approximation the pressure
occurs when the leading edge is blunt and the free distribution is given by
stream unit Reynolds number is high. In this case the
pressure field is determined purely by the leading P = 0.121 MN 21 .C d + 0.56
edge geometry. The local surface pressure is highest P. 1. Xit 0
at the point of flow attachment and drops to a localminimuvalueat the point wff chmen dre s the b lutosl This form guarantees that the correct pressure level ism in im u m v a lu e a t th e p o in t w h e re th e b lu n t n o se r a h d f r d w s r a f t e n s . H w v r
meets the flat surface (this location is sometimes reached for downstream of the nose. However,
referred to as the "shoulder"). Downstream of the when the normal to leading edge Mach number is
shoulder the pressure rises to reach a local maximum high, the pressure field close to the nose is given by
(the value here being much less than at the point of /3

attachment). Thereafter the pressure relaxes slowly M 0.12 M d2[ .
towards an asymptotic value which is determined by P_ .t

the local wedge angle P3. A typical example of this Unfortunately, there appears to be no simple form for
behaviour is given in figure 4. In this case, the wing the pressure distribution in the blending region (b).
is a cylindrically blunted slab (13 = 0) at zero angle of The second limiting case occurs when the leading
attack. The three regions i.e. edge is sharp and the free stream unit Reynolds

number is low. In this case, the streamwise growth
a) cylindrical (attachment to shoulder) of the boundary layer is sufficiently large to modify
b) blending the position and strength of the shock wave with

and c) relaxation consequential changes to the pressure distribution

over the surface. If we consider the special case of
are clearly visible. From the point of view of the the perfectly sharp leading edge and a plate at zero
analyses which follow, it is useful to note that angle of attack, then, if the boundary layer is thin,
"regions (a) and (c) exhibit a special kind of there will be no shock wave at the leading edge and
"similarity" which can be useful in the analysis of no variation of surface pressure along the plate.
complex situations. Since the normal to leading edge However, when the free stream unit Reynolds
Mach number is supersonic, the pressure distribution number is low, a thick boundary layer will be formed
over the cylindrical portion is independent of the
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which will displace the streamlines of the inviscid
flow away from the surface. This produces a shock (P.P-_ 3_.__M X_)t)1/6

wave at the leading edge, giving an initial surface (pe/p,-1)B cos.A
pressure which is much higher than the static
pressure in the undisturbed free stream ahead of the These results clearly show that, whilst sweep back
plate. Away from the leading edge, the surface reduces the pressure perturbations due to both
pressure decreases monotonically - approaching the effects, the relative importance of viscous-inviscid
undisturbed free stream value asymptotically - see interaction increases rapidly as the sweep angle is
figure 5. In this case the important parameter is 0N increased. If the pressure distribution produced by

the viscous-inviscid interaction is to be negligibly

where DN = MN Y. M .( -"] (7) (small compared to the bluntness induced pressure
wh r 4N a..p.x)(7 (say> 1/10Oth) then

and a. is the speed of sound in the undisturbed free (0. Q-Pj 1000M.
stream. This parameter depends upon both normal to C > os3A
leading edge conditions and undisturbed free stream -
conditions. Near the leading edge the induced Conversely, the viscous induced pressure disturbance
pressure field is given (approximately) by will be much greater than the bluntness induced

S3pressure distribution (say 10 times) when
PC - 3 (l)Ey1) 1) 10,~ 2
P. 4 Rt < M

where I, is a coefficient of order unity and very 10 cos'A

weakly dependent upon the sweep angle. Therefore, Therefore when
close to the leading edge - Rt, COS 3A

M!. 0.10< 0 <1000
P- 0.3 UN = 0.3 Cos 2 M2.

both viscous induced and bluntness induced pressure
Downstream the induced pressure distribution tends perturbations are significant close to the leading
to edge.

_ T For the far downstream pressure distribution, if the
P- i + . (0.664 1o + 2.6 + viscous induced perturbation is to be less than 1/10th

p. (� T+2 .6 .JXN of the bluntness induced value then

and, for air, this is M.2 ( X) 1/3
R. > 1000 --

0. 1 M+ N. M 2 .C 3 A__

p. cos 2A a-p-x and, if the effect of viscosity is to be 10 times that of
bluntness,

In both cases the pressure perturbations are

proportional to cos'A. I M.2 t/3
Rt. < - -

These simple expressions also allow a comparison of

the effects of viscous-inviscid interaction and leading Therefore for
edge bluntness. Close to the leading edge, where x/t
is of order unity, the ratio of the two effects is 0.10 < M ( < 1000

M ( ~ 2 ~X

'P- Cos.A both viscous interaction and bluntness are"significant.

whilst for downstream
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4. Attachment-line transition incomplete. However, in the limiting case of "large"
For the infinite swept wing, the attachment line is the roughness elements and "large" values of the
projection onto the wing surface of the limiting spanwise separation s, it has been demonstrated that
streamline of the external (inviscid) flow which the conditions necessary for the onset of transition
separates the upper surface flow from that over the correspond to
lower surface- see figure 6. When the leading edge
is at zero sweep the attachment line becomes the V 2

locus of the two-dimensional stagnation points i.e. RP =V (d_ _x)_ 0 = 245 (9)

the local velocity there is zero. However, when the
leading edge is swept, there is a velocity along the where
attachment line which, for an infinite swept wing, is
equal to the spanwise component of the free stream T.= I + 0.10 Tw - I + 0.60 (T ) - I
velocity. In this case, a boundary layer forms along Te k Te ) Te
the attachment line and this may be laminar, - see references 2, 5, 6 and 7. In the case of "smooth
transitional or turbulent depending upon conditions. wall" transition, it may be expected that stability
If the attachment-line flow is turbulent, then, unless theory could be used to predict the conditions
there is relaminarisation in regions of strong necessary for transition since, in the limit of very
favourable pressure gradient, the flow over both the small forcing disturbances, a linear instability of the
upper and lower surfaces will be turbulent. It should flow should be precursor to transition. Once again,
be noted that, as yet, off attachment-line for incompressible flow, this has been shown to be
relaminarisation has not been observed the case - reference 8. Stability theory predicts that
experimentally under hypersonic conditions and, the flow is unstable to small disturbance when R
consequently, attachment line transition must be exceeds 583 and this is bourne out by experiments.
considered to be a very important issue for wing However, when the flow is compressible, the
design. situation is not so clear, since experiment and theory

are not in agreement - see reference 5. At present, it
The properties of the flow at the attachment line are is not possible to identify the reason for the
govemned by the following local parameters - a discrepancy. However, we note that from the
characteristic Reynolds number R where experimental data available the conditions for

{ 2 smooth surface transition are correlated
(8) (approximately) by a relation similar to that given in

V~dU/d=0 equation 9, i.e.

the Mach number at the edge of the boundary layer, R. = 600 (10)
Me, and the ratio of the wall to flow total
temperature, TJTI - see reference 2. When Whilst this is in good agreement with the predictions
transition is being considered, a roughness height, k, of stability theory for incompressible flow, it
and the spanwise distance, s, (measured along the suggests that transition behaviour is not modified by
attachment line) between the trip location and the compressibility and surface heat transfer in the way
transition location also need to be specified. The predicted by linear stability theory.
complete transition picture is then given in terms of

To summarise the current position we may make the
R, M, T /rT, k/11 and s/OI following statements. Firstly, a clearly defined lower

where i1 is a characteristic length of the boundary boundary exists for the generation of turbulent flowlayer by large sources of disturbance (R. = 245). This
limit has been verified by a large number of wind

V. rtunnel tests. Transition occurs at Reynolds numbers

(d/ which are much lower than the theoretically
determined minimum critical Reynolds numbers for

For two-dimensional and three-dimensional trips in the existence of amplified linear disturbances.
an incompressible attachment line flow the transition Consequently this bound cannot be predicted with
picture is completely mapped out - see references 3 linear stability theory and it is appropriately
and 4 but, when the flow is compressible, our current described as a "bypass" mechanism (bypassing
knowledge of the critical conditions for transition is classical stability theory). Secondly, Using
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observations made in both conventional supersonic p1/.
wind tunnels and the NASA Langley Mach 3.5 , 2 y-+I " vc-_( y] v'jP-d 2an 2A7'
"Quiet Tunnel", an experimentally determined upper 42y L1 7.2) J[
bound for smooth surface, attachment line transition
occurs when R. 600. This does not correspond to M.JcosA
any known limit based upon stability theory - except
under incompressible conditions. -M.cos2A

In view of the apparent success the "reference 5/4

temperature" based modification to the 2 C1M:cos2A

incompressible result, it is tempting to ask whether _ _ _ _ _
the hypothesis is capable of producing a complete 0 +_J) 0.54tan2A)
picture of the transition process for flows with 0.90 + 2 M~ os2A(0.90 ÷

compressibility and heat transfer. The success of this
approach may be judged by examination of figure 7 -,
which comes from reference 5. It is clear that there (0.90 + 1 1o/T)+ MCOs2A(0.90 +0.54tan2A)
is some merit in the idea and it is probably accurate x 2
enough for the estimation of the critical roughness + M 2 2

heights. In view of this, we may identify two
particular conditions for the roughness height where 0 is the atmospheric constant which equals

a) Effective roughness height - this is defined as the 7.273 x 10` kgrn 2.

smallest height which first affects the attachment By using this expression, the "critical" points on any
line transition. From the figure, R. for particular trajectory can be located. For example,
transition is less than 600 for values of k wh e. taking the variation of Mach number with altitude for

a given trajectory, it is possible to determine the
k/Ti" = 1.0 values of leading edge diameter which correspond to

and R. of 245 and 600. Moreover, it is also possible to
determine the size of the smallest roughness element

b) Fully effective roughness height - this is defined which will induce transition at R- = 245, since at

as the smallest height of roughness which will this condition -

cause transition at the lowest possible Reynolds k _ 2.0 [A M.2cos2A ],

number i.e. =, 245. This occurs when d 4 2 1a
k/71. > 2.0. Hence the critical value is d 245 )7.20J 14  M.2 Cos2A

k/T1. = 2.0 (
Similarly, the largest tolerable roughness height for

In order to appreciate the consequences of the transition to occur at an R-. of 600 is given by
various criteria, it is appropriate to express them in
terms of free-stream parameters and sweep angle. 1.0M yC tn M.
For an attachment line which is d 600 tan20 f (y-I+ 22

a) infinite swept |(Ios2A

b) M_ CosA > 2 2)
and c) Tw/To < 0.3 Sample results are given in the following table where

dU a. , a typical transmospheric ascent trajectory has been
dU (see reference 9) assumed and the leading edge sweep of the wing is

dx / y ( d taken to be 70h-l

from which it follows that -
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5. Cross-flow transition
Altitude Mach number R. = 245 In general, a three-dimensional boundary-layer flow

is characterised by curvature of the streamlines in
R. = 600 planes drawn parallel to the surface. Referring to

figure 6, it is clear that, for x greater than zero, the
(kin) (M-) d(m) k(mm) d(m) streamlines at the edge of the boundary layer are
k(mm) highly curved. If the velocity variation within the
24.6 6 0.020 0.299 0.122 0.372 viscous layer is resolved in the direction parallel to
28.0 8 0.026 0.445 0.158 0.551 the external streamline the resulting profile is similar
31.4 10 0.037 0.685 0.223 0.844 to the conventional two-dimensional form - see
33.8 12 0.049 0.952 0.292 1.159 figure 8. However, unlike the two-dimensional

situation, there is also a profile obtained when the
It is immediately apparent that, the larger the leading resolution is carried out in a direction normal to the
edge radius, the higher the altitude at which the external streamline. This "cross-flow" profile exists
attachment line flow reverts to the laminar state - since, in accordance with the boundary layer
whether there is roughness on the surface or not. approximations, the static pressure is invariant with
Moreover, it is clear that the roughness heights being the normal to surface coordinate, z. Consequently,
considered are directly proportional to the leading whereas at the edge of the layer the pressure gradient
edge diameter and that the values required to and the centrifugal acceleration are in balance, as the
promote transition are verg small. This result clearly wall is approached the pressure gradient remains the
indicates the importance of roughness on the leading same but the velocity is reduced. In order to
edge and the value of the leading edge diameter. maintain the local force balance, the curvature of the

streamlines must change and this leads to the
Finally, it is interesting to note the values of the free appearance of the cross-flow component of velocity.
stream Reynolds number, Q.d/v., at which the two All cross-flow velocity profiles have zero velocity at
critical conditions are reached. These are given in the wall and zero velocity at the viscous layer edge.
the following table, for the same trajectory. Within the layer, the profiles may take a variety of

shapes depending upon the variation of the surface
R = 245 R, = 600 pressure - see figure 9. However, in the vicinity of aswept leading-edge the cross-flow profile has the "C"

M. Q.d/v. Q.d/v. form with a single maximum - as indicated in figure
6 1.04x10' 6.35x10 5  8.
8 1.01x105  6.15x10 5

10 1.13 x 10' 6.78 x 105 In general, it is rather difficult to formulate a
12 1.21 x 10 7.19 x 10' characteristic Reynolds number and over the years

authors have suggested a variety of forms - none of
The two Reynolds numbers are approximately which is entirely satisfactory. If the maximum value
constant over a very wide range of Mach number and of the cross-flow velocity is denoted by Cm x then the
altitude. Similarly, the critical roughness heights cross-flow Reynolds number X may be defined as
exhibit the following behaviour

26 (Pfenninger reference 10)Rf. = 245 Rf. = 600 . ve

M_ k/d(%) k/d(%)
1.5 0.30 or x2 - " (Poll reference 11)8 1.7 0.35 Ve

10 1.9 0.38
12 1.9 0.40 Alternatively, an integral form may be used e.g.
These results also have only a weak variation with X _Po,_ PC dz

Mach number and altitude. However, it should be A. PoC,,•

noted that there is an effect of sweep angle.
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is 4.95 and the wall-to-total temperature ratio is 0.60.

i.e X p, cdz Figure 11 shows results for Stainback's plain delta
model at zero angle of attack. It is apparent that the
attachment line is laminar as is the entire cylindrical

This latter form can be described as a Reynolds portion of the leading edge. However, at the highest
number based upon the cross-flow "displacement" free stream unit Reynolds number (12.24 x 106/ft),
thickness. However, it should be noted that, in this transition occurs on the flat part of the wing very
context the "displacement" is not related to the actual close to the shoulder. Under these conditions, the
displacement of the inviscid flow, nor does the value of R,. on the attachment-line is 530 and, since
definition uniquely characterise the velocity profile. the delta wing has a smooth surface with no obvious
Nevertheless, this integral definition will be used in source of attachment-line contamination, the
the context of the present work. observation of laminar flow is consistent with our

current expectations (see the previous section).
It is clear from the above that for a swept-back wing
cross-flow profiles will develop wherever there is a Figure 12 shows the development of the cross-flow
pressure gradient. Therefore, referring to figure 4, a Reynolds number X (integral definition) as a function
strong cross-flow will be generated initially in region of the surface distance measured from the attachment
(a). This will be moderated in region (b) and, finally, line. The variation exhibits all the characteristic
reinforced in region (c). It follows that cross-flow features for flow close to a swept leading edge. At
instability is likely to be particularly important in the attachment line (x = 0), X is zero. Over the
regions (a) and (c). Furthermore, from figure 5, it is cylindrical leading edge, X increases very rapidly
also apparent that cross-flow instability may play a reaching a maximum at the "shoulder" (x = 1.571R).
role when the pressure field is induced by viscous- Beyond the shoulder there is a modest reduction of X
inviscid interaction. leading to a local minimum when x/R is

approximately 4.5. Thereafter, as the local surface
For incompressible flow on the windward face of a pressure reduces with increasing distance from the
swept cylinder, transition due to cross-flow leading edge (following the "blast wave" trend), X
instability takes place when X is of order 100. increases slowly, but monotonically. The point of
However, as shown in reference 11, a single value of transition onset is marked on the figure showing that,
X is insufficient to adequately describe the conditions in this case, transition is occurring when X is 400.
necessary for transition. In fact, for transition very However, it is immediately apparent that there are
close to the leading edge of an infinite swept wing in several problems
incompressible flow two independent parameters are
needed. Figure 10 shows that, in this case, X and the 1. The variation of X with x is multivalued. There
streamwise flow shape factor H,1 are a suitable are three values of x at which X is equal to 400!
combination. 2. The value of 400 for transition onset is three

times the value for transition onset in
In the general area of compressible flow with heat incompressible flow
transfer, an extensive literature search has revealed and
that only a small number of experimental 3. Further increases in free-stream Reynolds
investigations have been carried out into the problem number could well produce transition on the
of transition via cross-flow instability when the free attachment line since RP. is close to 600 i.e. it
stream Mach number is supersonic. Most may be impossible to bring transition onto the
significantly, no example has been found in which cylindrical leading edge through the mechanism
cross-flow induced transition has occurred on the of cross flow instability.
windward face of a swept circular cylinder.
Although in several cases, e.g. Creel, Beckwith and A second important experimental study of transition
Chen"2, there is clear evidence of the presence of on swept wings is that conducted by Jillie and
streamwise vortices in the laminar layer. These Hopkins'4 . In this case, a flat plate with varying
vortices are characteristic of cross-flow instability, degrees of small, leading-edge blunting was tested at
However in reference 13, Stainback presents heat different sweep angles for free-stream Mach
transfer data taken on a slab delta wing with numbers ranging from 2.5 to 4.0. A typical
cylindrically blunted leading edges. The leading configuration is shown in figure 13 which illustrates
edge swept back is 600, the free stream Mach number the type of results obtained with their surface
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sublimation technique (naphthalene and petroleum the transition Reynolds number. Moreover, the
ether). The transition front is clearly indicated - as is experimentally observed transition locations for 600
the streak pattern in the laminar region, which is and 680 of sweep correspond to a constant value of X.
characteristic of the presence of cross-flow The critical value of X is approximately 140. This
instability. When the plate leading edge was swept, value is very different from that found in Stainback
the streamwise Reynolds number for transition was experiment but it is typical of the values found in
reduced relative to the unswept value and a typical incompressible flow.
example of the behaviour is given in figure 14. As
sweep angle was increased the transition Reynolds The work of Jillie and Hopkins has been
number ratio decreased monotonically. Moreover, as complemented by a similar study performed by Pate
is also clear from the figure, increasing the leading and Groth' 5 . In this case a swept, slightly blunt plate
edge bluntness also reduced the transition Reynolds was tested over a range of free-stream unit Reynolds
number ratio. numbers. The results for a single value of leading

edge bluntness (t = 0.15 mm) are given in figure 16.
There is an important difference between the Jillie These show that increasing the sweep reduces the
and Hopkins experiment and that of Stainback. In free stream transition Reynolds number substantially.
the latter case transition occurred very close to the Moreover, there is a variation with the free stream
leading edge whilst in the former transition is unit Reynolds number. However, the data clearly
occurring some distance back along the chord e.g. in show that, as sweep angle is increased, the influence
figure 13 transition is at x/d of 16. The consequence of unit Reynolds number is substantially reduced.
of transition being a large distance from the leading This is demonstrated in figure 17 where a coefficient
edge is that the pressure field is of the blast wave N has been determined from the relation
type and entropy swallowing may become an issue.
If it is assumed that the flow at the edge of the = A(Unit R)N
boundary layer has been processed by the plane part N is found to decrease in proportion to cos2 A. The
of the leading-edge, bow shock, then, as the sweep is reduced dependence of transition Reynolds number
increased at fixed free-stream conditions, the local upon free stream Reynolds number has also been
value of the Reynolds number is increased. Provided observed by King"6 who studied transition on a
the local value of the Reynolds number at transition circular cone at incidence in the Mach 3.5 Quiet
remained constant, the effect of sweep would be to Tunnel at NASA Langley. It is tempting to conclude
move the transition front forward. The dashed line from this that useful work on transition for three-
drawn on figure 14 indicates how the free-stream dimensional shapes may be performed in
streamwise transition Reynolds number would vary conventional wind tunnels. In order to reinforce this
in response to sweep changes if the local streamwise point, it is possible to compare the data of Jillie and
transition Reynolds number was constant. It is clear Hopkins and Pate and Groth for a free stream Mach
that, whilst the general shape of the curves is rather number of 3 with similar leading edge bluntness but
similar to the dashed line, the results do not support with a factor of three difference in the free stream
the concept of a fixed transition Reynolds number. uit reol numberese reuts are presn

Thismeas tht te seep ustbe odifingthe unit Reynolds numbers. These results are presentedThis means that the sweep must be modify'ing the in figure 18, where it can be seen that the agreement

value of the local transition Reynolds number i.e. is quie god Of pticar inteesthis the ayein
thisis videce f te exstece f crss-lowis quite good. Of particular interest is the way in

this is evidence of the existence of cross-flow wihterl flaigeg lnns hne

instability. It is also clear that increasing the leading with sweep angle. At the lower sweep angles,

edge bluntness reduces the transition Reynolds increasing the leading edge bluntness increases the
number and it is conjectured that this is due to the free-stream transition Reynolds number i.e. at a fixed
consequential change in the pressure distribution. free-stream unit Reynolds number the transition

location moves back along the chord. However, at a
A sample computation of the cross-flow Reynolds sweep angle of about 250, this effect is reversed i.e.
number, X, has been carried out for the case in which increasing the bluntness causes transition to move
the leading edge radius was 0.5 mm (Rd = 0.5 x 10'). forward. The clear implication is that sweep angle
The distribution of X is given in figure 15 for a range variations are producing a fundamental change in the
of sweep angles. The calculations show that thecros-flw Renols nmberreahesa maimu at underlying instability mechanism which is causingcross-flow Reynolds number reaches a maximum at t eta sto .F nly fg r 9s o sg o
sweep angles between 60 and 700. This corresponds theetransiion.eFinaly figureta shos good
to the conditions which give the minimum values of agreement between the two data sets when the ratio
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of the swept to unswept transition Reynolds numbers increases the rate of rise reduces.
is plotted against sweep angle. Once again there is b) At large values of x, X has an asymptotic value
no indication of a strong unit Reynolds number i.e. once the cross-flow Reynolds number has
effect. been established it remains in the flow

and
Under high Mach number conditions it is well c) The maximum cross-flow Reynolds number
known that there is an interaction between the increases rapidly with increasing sweep angle -
viscous, near surface, flow and the inviscid outer up to angles of at least 800.
flow. The consequence of this is that, even for a
sharp edged flat plate at zero angle of attack, a shock An initial analysis of this problem has been carried
wave will be formed at the leading edge and a out by Poll 8. This has revealed that the maximum
surface pressure field will be established - see figure value of X occurs close to the leading edge (as in
5. If the plate is yawed the strength of the leading figure 21) and that
edge shock wave will be reduced and a cross flow
will be established in the viscous layer. This may Xmax a M tanA

affect the location of transition. Strong evidence that where the constant of proportionality is a weak
the swept interaction can cause major changes to the function of sweep, Mach number and wall-to-total
location of transition is provided by East and temperature ratio. Particularly noteworthy is the fact
Baxter17. Using the thermochromic liquid crystal that the magnitude of X depends upon M_' and not
technique, they were able to show that the effect of upon the value of the free-stream unit Reynolds
sweeping the wing was to bring boundary layer number! As the flight Mach number increases

transition forward to a position close to, and parallel towards the levels necessary for orbital insertion,

to, the leading edge. By quantitative analysis of the very lre cross number ma y be
very large cross-flow Reynolds numbers may be

colour changes in the crystals, East and Baxter were generated. This could constitute a transition
also able to demonstrate that, when transition takes mechanism which can operate at very high altitudes

place, the local heating rate rises very rapidly as and w Renol ers!

indicated in figure 20. This demonstrates the

importance of understanding the transition when 6. Conclusions
designing a vehicle which will travel at hypersonic Based upon a preliminary assessment of current
speed. knowledge of transition near the leading edge of a

swept back wing, the following conclusions may beAs previously noted, the parameter which drawn.

characterises the flow modifications due to the

interaction is O)N where a) Attachment-line transition is very important at
u I g- .hypersonic speeds. It is also the best understood

=os'AM a.-p•'x of the three-dimensional mechanisms. However,

this understanding rests upon firmly established
In the interacting flow, a pressure distribution is empirical correlations. At present, there are no
established and, when the leading edge is swept, a theoretical verifications for my of the criteria.
cross-flow develops in the viscous layer. For an b) In the absence of attachment-line contamination,
infinite-swept, leading edge, the cross-flow Reynolds transition can be brought close to the leading
number X is such that edge by the combined effects of nose bluntness

and sweep. At zero sweep, increasing the nose
• = X(A, M, '-•, TJT0) radius can delay transition onset up to a

By way of an illustrative example, the development maximum value of x. This is due, to some
of X has been computed for flow with a Mach extent, to the fact that the generation of a strong
number of 9 over a plate with a range of leading bow-shock produces a consequential reduction in
edge sweep back angles. The resulting variation of X the local unit Reynolds number in the region
with chordwise position, x, is shown in figure 21. close to the leading edge. Sweeping the leading
There are a number of features which should be edge weakens the bow shock. This causes the
noted. local unit Reynolds number at the edge of the

viscous layer to rise and, for fixed free-stream
a) Initially, X rises rapidly with x. However, as x conditions, the transition should move forward.
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This effect is clearly limited in its extent. 8. Hall, P., Malik, M.R. and Poll, D.I.A. On the
However, the available experimental data stability of an infinite swept attachment line.
indicate that, for sweep angles greater than 300, Proceedings of the Royal Society, Series A,
the forward movement of transition with Volume 395, Oct. 1984.
increasing leading edge radius continues without 9. Poll, D.I.A. 3-D transition to turbulence by
limit. It is postulated that this is the result of contamination. Part II Accurate determination of
cross flow instability within the viscous layer. the attachment-line chordwise velocity gradient.

and Department of Engineering, University of
c) When the leading edge is perfectly sharp, Manchester, March 1993.

viscous-inviscid interaction leads to the 10. Pfenninger, W. Laminar Flow Control -
generation of a shock wave which modifies the Laminarization. AGARD-R-654, April 1977.
local conditions at the edge of the viscous layer. 11. Poll, D.I.A. Some observations of the transition
The induced shock wave is strongest at zero process on the windward face of a long yawed
sweep. Consequently, the application of sweep cylinder. Journal of Fluid Mechanics, Vol. 150,
back, at fixed free-stream conditions, should pp 329-356, January 1985.
cause transition to move forward. This is bourne 12. Creel, T.R., Beckwith, I.E. and Chen, F.J.
out by experimental observation. However, the Transition on swept leading edges at Mach 3.5.
sweeping of the leading edge also introduces Journal of the Aircraft, Vol. 25, No. 10, October
cross flow. The maximum, cross-flow Reynolds 1987.
number occurs in the region of "weak" 13. Stainback, P.C. Heat transfer measurement at a
interaction. It increases as M_3 and does not Mach number of 4.95 on two 600 swept delta
depend upon the free-stream unit Reynolds wings with blunt leading edges and dihedral
number. angles of 00 and 450. NASA TN-D 549, January

1961.
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Figure 1 Typical plan form and normal to leading edge section details
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FLOW IN THIS REGION
I • IS UNAWARE OF THE WING APEXA i.e. INFINITE SWEPT CONDITIONS APPLY

IA

BOW SHOCK

Figure 2 General characteristics of the inviscid flow for
a delta wing at high Mach number
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Figure 3 Relationship between streamwise flow
components and those normal to the wing
leading edge
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Figure 4 Typical pressure distribution near the leading
edge of a blunt swept wing
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Figure 5 Form of the pressure distribution induced by
viscous-inviscid interaction
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Figure 8 Typical boundary layer velocity distribution
near the leading edge of a yawed cylinder
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Figure 9 Various possible forms of the cross flow
velocity profile
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Figure 12 Chordwise variation of Crossflow Reynolds
number for Stainback's delta wing

Figure 13 An example of crossflow induced transition o
a wing swept at 450 with a leading edge radius
of .02" in a Mach 4 flow (after Jullie and
Hopkins reference 14-)
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Figure 14 Variation of streamwise transition Reynolds number with sweep and
bluntness at Mach 4 (after Jillie and Hopkins reference 14)
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Figure 16 Variation of streamwise transition Reynolds
number with freestream unit Reynolds
number and sweep angle for a flat plate at
Mach 3 (after Pate and Groth reference 15)
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Groth data
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M.=8.80, Re =3.773x10&, T,=300K, T.=64.3K.

140-
... .... ............. ..

.o. ... • ........ .. .

1 2 -. . .. . .. . .... ..... ...

120

100

80": ,

60j

........... ...................... .. . ......... ..... - 'A "40'
. . ........... .......... A-SO'

4AO6

20.. A-70'
20-

S..... A,-75'

0" 1111- 11 11il [111 111 111• 11, 1 14 Rigi I III I I I,l ll I u I, I[[l~ 11111,1,11'111 1 I llIII1#11im

0.0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0

Figure 21 Variation of cross-flow Reynolds number with chordwise
position for a swept flat plate with a sharp leading edge.
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Configuration Aerothermodynamics
of Entry Vehicles

David A. Throckmorton
NASA Langley Research Center

Space Transportation Office
Mail Stop 367

Hampton, VA 23681, USA

Part 1

Design Issues and Methods

"AGARD regrets that it is possible to print only the viewgraphs and not the text of this lecture, since the author was a
last-minute replacement for another who was unable to take part, and thanks the author for doing so at very short
notice."
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Configuration Aerothermodynamics
of Entry Vehicles

David A. Throckmorton
NASA Langley Research Center

Part 2

"Real-World" Experiences and
Current Challenges
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Configurational aerothermodynamics of RAM and SCRAM propelled vehicles.

P. Perrier and J.C. Courty
Dassault Aviation

78, Quai Marcel Dassault
92214 Saint-Cloud

France

0. INTRODUCTION
One major constraint in hypersonic is the heat fluxes

A lot of complexity is added to any flying vehicle by the generated in boundary layers of the air intake as pressure
propulsion integration. However it is clear that in subsonic increases. If the friction temperature is almost the same on
the presence of inlets and exits have a vanishing effect with all the surface in contact with free air without combustion,
distance, so that the integration of propulsion is a local the fluxes are very high where high pressure are generated.
problem except for very high deflection of flow as in the Similarly the fluxes are very high in the highest pressure
V.T.OL. vehicles. In transonic and supersonic regime the and temperature near the combustion chamber. It can be
integration is more complex as induced by the extent of deduced that long ducts of compressed air are to be avoided
interactions do\viistream along the characteristics or in at the intake and even more for the exit. It induced the
throat areas in transonic. The development of supersonic elimination of all the typical design retained in supersonic
fighters and of Concorde has promoted the understanding of with nacelle under wing because they will be larger than
shock-waves interactions in a near 2-D or axisymetric flow fuselage itself, and long fuselage with long ducts at the
on the 3-D edges of supersonic inlets and exits, and of entrance and exit of combustion chamber (air intake ducts
shock wave-boundary layer interaction in the boundary and afterburner pipes), taking into account the suppression
layer diverters, or in local impigement of nonnal shocks in of any compressor-turbine groups in the duct as natural
ducts. Some major interactive effects were appearing on the compression of hypersonic flow is sufficiently high by itself
longitudinal and lateral stability at the unstart of intake and in hypersonics.
exit, but generally the integration was not requiring
complete redesign of conventional wing-fuiselage layout. In conclusion it is clear that integrated management of heat
Some designs were keeping nacelle or pod engine and pressure is the major focus in design of hypersonic
installation (B.58 hustler, Concorde, B.I,SST projects, vehicles with RAM and SCRAM jet.
Russian projects..) and all others relying on fuselage engine
installation with lateral air intakes (Mirage, US fighters, However it is possible to sunimarise the
Russian Binder,....) taking opportunity of jet exits in the aerothermodynamics of the RAM jet propelled vehicles by
base for a streamlined design with long internal ducts, consideration of the loss in entropy and the gain in total

temperature. The systems of shock waves are producing
One major characteristic of hypersonic propulsion is the losses in entropy so that the integral of the losses will give
reduced amount of thnlst by unit area of air intake or exit the drag and local overheating gives thrust. Due to high
nozzle. Such effect comes from high level of contraction sweep angle of the shock waves the deflection of flow by
needed for comparatively low Mach number in combustion shocks allow the rebuilding of lift. So the analysis of the
chamber compared to high Mach number in external flow wake (Fig. 0-2) let the designer optimize the configuration
and in nozzle flow; additive etffct comes from the as a whole, whereas the detailed geometry of the flow field
reduction of net drag for a given gross thrust : the velocity near the body is the key of local problems analysis and the
at the exit of nozzle is limited by maximum enthalpy of data needed for any measure of the quality of global
flow after combustion of hydrocarbon fuel and hydrogen. So optimisation with heat fluxes constraints appearing on the
that the variation of momentum of one square meter of body (as induced e.g. by interaction of boundary layer with
incoming air captured by air intake and heated in shear layer identified in the flowfield). We will cover in
combustion process is decreasing rapidly with Mach this paper the analytical and global (functional) approaches.
Number leading to larger air intake, versus combustion
chamber, as maximum Mach Number of flight is
increasing: a similar trend occurs in nozzle area. At very
hiagh Mach Number or near the limit in speed of combustion
products, the thrust mintus drag may be so low that only 1. AEROTHERMAL ANALYTICAL PROBLEMS
ver\ thin vehicles can accelerate or sustain flight and DUE TO COMPLEXITY OF CONFIGURATION
impossible constraints on heat fluxes on thin lips or leading
edges are appearing. Moreover this implies the extension to
the complete vehicle of parts of design devoted to 1.0 We will cover first the general configuration of
interaction beitmeen propulsion and elements contributing to vehicle as generating interaction of bow shock wave with
flight perfornance and control . it mixes all the design air intake, then the interaction of fuselage wing flow field
constraints of a flving vehicle with the design constraints of with afterbody requirement and coupling of front and rear
a propulsion engine, the problems of control of the prt ofthe vehicle.
trajectory and of the internal or external flows with
combustion (Fig. 0-1).

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrndn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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The nose drag represents an important part of tile forebody
1.1 Interaction of bow shock forebodv and air intake drag (85% of the drag for a blunt spheroid mounted on

circular cross sectionnal forebody.).Among the five
Basically any vehicle will give birth, wNhile travelling configurations the best one in tern of drag is F5 ( blunt
hypersonicallv in an incoming flow, to a bow shock wave of' prolate ellipsoid nose mounted on an elliptical cross
high1 intensitv. sectionnal forcbodv) and the worst is F2 (blunt spheroid
Tailoring the forebodv shape must solve the following nose mounted on a circular cross sectionnal forebody).
problems:
- the forebody shape must lead to allowable heat fluxes at 1.1.1.2 Influence on forbody compression
the nose and to sufficient xwindward slope for a correct
compression . must allow to manage the bow shock shape One of the forebody missions is to compress the flow in
tbr an eflicient shielding of the air intake, mnust lead to a order to slow dow\n it for a good working of the inlet.This
correct entropy homogeneity and sufl'icient flow captation compression must be sought with the other important
abilit n i front of tile air intake and to a spanwise objective to obtain the more homogeneous flow as
hionmogeneous laminar stable flow as much as possible (this possible.
last point being addressed fi § 2.2. 1) - moreover all these For a given freestream Mach number of 8 ,the minimum
requirements must be compatible with a IllinimnUl wall Mach numbers Me computed at a given section
fbrebody drag (X=19m for instance) are summarized in the following
- the air intake configuration must lead to a sufficient mass table:
llowv rate , with minimutm efficiency loss (no boundary
layer separation) , to non critical overheating in case of bow Forebody Configuration Me
shock interaction, and to stable flow (no buffeting induced prolate ellipsoid elliptical F5 4.6
by shock-wave boundary layer interaction or at least prolate spheroid circular F4 4.4
damped buffeting by specific control) spatula elliptical F1 3.9

1.1. I Forebody shape configuration blunt spheroid circular F2 3.8
ablunt ellipsoid elliptical F3 3.6

One major constraint will come from heat flux at nose
w\-here Re\-nolds number is low. Thus the sharp cone cannot As foreseen, blunt noses lead to lower Mach number than
be a realistic configuration and rounded nose is mandatory-; prolate ones; moreover ,the influence of the section type,
it gives an entropy layer near the wall which may be circular or elliptical, has not so much importance.
included in the boundary layers after some meters of Concerning the Mach number homogeneity (see Fig 1.1-6),
fuiselage length. Besides entropy swallowing effect so the elliptical cross sectionnal forebodies (FI,F3,F5) are
generated by rounded nose, major interest in reduction of characterized by a small region of low mach number on the
heat fluxes is identified as coming from the concept of windward side near the center line; this region is lower for

shielding shock (see Fig. 1.1-1). It is clear that prolate noses than for blunt ones. The same trend is
such requirement of non-intersection of bow shock with air observed on circular cross section forebody when
intake put a coupling process between nose of vehicle and considering tile width of the iso Mach number crowntl.
air intake, coupling increasitg with Mact Number as air Tite spatula elliptical forebody is located in the mean value.incrasin wit Mac Numer aair Oin Fig. 1. 1-7 are shown the iso Mach number maps in the
intake increases in size. There are two extreme designs to O
solve tile problem of front fuselage, one with pointed quasi sy.,mietry plane.

axisynietric nose leading to highly curved convex air intake,
or one with concave nose leading to embedded round air 1.1.1.3 Influence on shielding
intake - Middle design is with flat lower surface of front
body (Fig. 1. 1-8 and 1.1-9) In addition to a correct flow in front of the air intake , the

forebody design must allow to make easy the air intake
Coming back to the forebodv shape influence , let us integration, hI this respect the forebody shape must induce a
consider two forebody geomnetries - one with a circular bow shock which is sufficiently far from the wtindward side,
section and another one with an elliptical section and which do not intersect the air intake.
(Fig. I 1-2)- and five different noses - spatula (b), blitt Tlhe distances H between the wall and the shock for the

dif'ernttbrbod sapes are presented in thle followiing
spheroid (c),blunt.ellipsoid (d),blunt prolate spheroid (e) different forebody sht
and blunt prolate ellipsoid (I')- (Fig. 1. I-3).By combinin table:
these elements we consider five lorebodv coilg1-irations: a
spatuia elliptical FI ,a hInt spheroid circular F2. a bhunt
ellipsoid elliptical F3 , a blunt prolate spheroid circular F4 Forebodv configurations Distance H (meter)
and a bhInt prolate ellipsoid elliptical F5 configuration -hIlut ellipsoid elIiptical F3 2.06
(Fig. 1 1-4). prolate ellipsoid elliptical F5 1.03

spatula elliptical F1 1.03
1. 1. 1. 1 Influence on drag blunt spheroid circular F2 0.82

prolate spheroid circular F4 0.62
01n Figure 1 1-5 we compare the pressure drag coefficient

'x obtained bx iviscid Euler cotpuitatioit (Mact=S In order to obtain a shock thr from tile wall , it appears that
(i=O'° 1for the five coiifieurations.lf we consider the noses it is preferable to consider an elliptical cross section
alone it appears that the bhInt spheroid and ellipsoid noses lbrebodv with a bhIut nose.
,ire the most penalised . but after tite nose .if" we consider ()nice again the spatula elliptical forebody is located in tile
tile slope of tile Cx curves , tile elliptical forebodies have nea,.
Ithiheer drag, than circular ones
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1. 1. 1.4 < Optimal o forebody
Mach 81(°) 6 (m) 81(m)

From the above studies we can sumnnarize the mnain trends: 6 0 0.21 0.06
________________________6 5 0.18 0.04

fbr a weak drag a prolate ellipsoid nose 12 0 0.30 0.09

a circular cross section torebodv 12 5 0.25 0.07
for a good compression a blunt nose

aor a good integration a belut osse The relative important height of the viscous layer as
an elliptic cross section forebodv compared to the captation height (1.35 in in the present

case) implies that viscous effects must be taken into
It can be seen that it is hard to find a forebodv which meets account at the very beginning of the design , since the air
all the requirements . Consequently the best trade off intake efficiency and flow mass rate will be strongly

seems to be a kind of spatula nose on an elliptical forebodv. dependant on them.
Nevertheless one evident solution for getting a spanwise A comparison between Euler and Euler+BouFidary Layer
Mach number homogeneity is to have a flat windward side. computations on a similar forebody at Mach number 6.4 for
Taking into account all these various but not always three angles of attack 0*, 50 and 100 allows to analyze the
compatible constraints, a forebodv shape can be proposed effects on the mass flow rate (Q) captured by the air intake
as the one sho\\wn on Fig. 1.1-8 and 1.1-9. The chosen and on the total pressure efficiency (ri) The results are
%\indward slope is here of 40. presented in the following table:

If we examine the flow field in such flat configuration, it is F Etiler Euler+B.L.
obvious that the best reduced height of entropy swallowing
(leadin, to distorsion of recovery pressure) is obtained by I Q m M Q n M Scxm-
elliptic nose. We know that the maximum heat flux is 00 26 0.82 5.9 25 0.54 5.4 1.9

proportional to the square rootof the curvature at the nose 50 38 0.90 5.5 36 0.76 5.3 2.4

or to the square root of a mean value evaluated from the i10 52 0.75 4.8 50 0.68 4.8 5.7
two curvatures C l and C2 for 3D nose. Reduction, of
entropy layer thickness and simultaneously of nose heat We can see that viscous effects on local Mach number are
fluxes led to flat nose position. If we examine the flow field more important at lower incidence. The total pressure
oil a derived mixed 3D - 2D shape with flat \vindward efficiency exhibits a maximum value between 00 and 100:
fuselage (Fig. 1.1-10) at Mach 6 oc=00 , in a plane just at low incidence the buldge of entropy and the boundary
upstrea.m the air intake, we notice that a convergence effect layers lead to more important losses, when at higher
of streamlines (Fig. 1.1-18) gives birth to an accumulation incidence the bow shock strengthens and lead to increasing
of high entropy streamlines, low Mach number, on the losses. The efficiency is maximum when these two
plane of sxnmmetry ver. detrimental to any efficient air tendancies compensate.
intake. At an angle of attack ax=5° (Fig. 1.1-11) this buldge The mass flow rate and the drag are rapidly increasing
of entropy is always present but has decreased in size.The with angle of attack; an optimal angle of attack concerning
same trends exist for a higher mach number M=12 and the the trade off between drag and mass flow rate must be
same angles of attack (Fig. 1. 1-12 and 1.1-13). sought , and this angle is not neccessary the same as the one

leading to the best efficiency.

Camber effect Another important viscous effect on performances already
mentionned is the transition position.We present hereafter

A slightly modified shape,with a windward slope evolving some computations on a 40 meter length forebody
in streamlwise direction from 2.5' to 4.50 (Fig. 1.1 -14) lead concerning the drag Scx, the captured mass flow rate Q and
to the same flow characteristics. Nevertheless if we the total pressure efficiency rj, for inviscid,laminar and
consider mean quantities in the captation surface,like moach turbulent flow hypotheses.
numberefficiency and mass flow rate ,respectively on Fig.
1. 1- 15, 1.1-16 and 1. 1-17, we can see that the windward Scx 12 Q In2 I
tbrebodv with an evolving ramp ,compared with the Euler 1.8 38 0.89
reference one.keeps the mach number in front of the air Laminar 2.1 37 0.83
intake relatively identical but leads to a significant increase Turbulent 2.4 36 0.76
ii efficiency and above all to an increase in the inlet flow
rate (I2% increase) We call see that the losses due to turbulent boundary layers

are twice the ones for laminar boundary layers.
Transition prediction is therefore very important and needs

Viscous effects sophisticated tools as addressed in § 2.2.1.

In the prehminmmar,\ design loop the viscous effects can be Flow three dimensionnalitv effects

assessed at low cost w\ith a boundary layer code.Turbulent The three diinensionnalitv of the flow on the windward side
boundary layer mean thicknesses 6 and displacement of the forebod\v is characterized by streamlines convergence
thicknesses 61 on the windward side in front of the air in the centerline region and bv streamlines divergence in
intake (at X=40i in the present case) .Ior two freestreant the outer spanwise region (Fig. 1. 1-18).
Mach number 6 and 12 and two angles of attack 00 and This divergence of the flow can lead to higher heat transfer
50, are presented in the follo\wing table: rates if the wall curvature is important, and to a thinming of
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the boundary layer wich is thvorable for a good working of the entrance of inlets. More complex 3D inlets can reduce
the air intake, the criticity of such peak of overheating. (Fig. 1.1-19).
The streamlines divergence will also lead to oblique shock
\ýaves on the lateral part of the air intake whose induced On the sides of air intake, non integrated shapes will give
recompression will increase the bounda'ry layer thickness in birth to corner flows with a lot of complex behaviour due to
the corners , \which in turn is not favorable for a good accumulation of low energy air in the corner and interaction
efficiency of the air intake, with boundary layer thickening (Fig. 1.1-20).
Another important unfavorable effect is a loss of flow mass
rate in the inlet which is very penalizing especially in the Inside the air intake, the same problems are present but are
SCRAM mode for which the mass flow rate captation is the generators of more detrimental effect on the flow in the
most influential parameter on the propulsive system duct at the position where high shock-waves are present
perfonnance. (nornmal shock-waves in subsonic combustion RAMjet and
Such important three dimensionnal effects must also be oblique shock-waves for SCRAM). Best medecine is by
taken into account very soon in the design process for a succion of low pressure sublayers. Present knowledge of
correct forebody perfonnance assessment. hypersonic turbulence neither allows precise'knowledge of

succion level, nor better the shape of holes for succion with
regard to the local overheating induced in the perforated

1. 1. 1.5 Conclusions on forebodv configurations Wall. Probably any blowing will be better if it mixes cooling
effect and reenergization of boundary layers. Only Large

We have seen that the forebody conception must be Eddy Simulation seems able to help experimentally
perfornied taking into account several aerodynanmics developed apparatus for stabilisation and/or suppression of
parameters, the most important for a SCRAMjet vehicle separated areas of the wall flow.
being the completion of an objective of the flow mass rate
which can be captured by the afr intake. The others criteria Nevertheless we remind hereafter some general features for
to be fullfilled are a prescribed compression ratio , the drag the definition and optimization of an air intake, and then
for this compression ratio ,the mean total pressure of the we will present an example of a generic concept.
flow to be captured,its homogeneity,the wall heat transfer
rates; others criteria are linked to the integration in the 1.1.2.1 Criteria for definition and optimization
vehicle (lift,...).
The main aerodynamic phenomenon is the bow shock which A strong integration of propulsion with the aircraft is
influences at the same time , the captation of mass flow mandatory for an hypersonic airplane because of the
rate( its distance from the forebody conditionning the important contributions of the forebody and afterbody to
maximum air intake height),the total pressure losses and the thrust. At hypersonic speeds the mass flow rate
the compression rate. required by the engine is so important that a pre-
Even if they have a less important effect than for the compression of the flow by the forebody is mandatory.It's
internal flow, the thick boundary layers which develop the reason why it is difficult to consider separately the
along the forebody have a significant influence on the respective effects of the different components and
perfornnances. Particularly they modify the total pressure particularly the forebody and the air intake.Nevertheless,in
efficiency and greatly contribute to the flow heterogeneity; the present case,the air intake will be defined between the
they can also influence the mass flow rate captation. plane 0 at forebody end and plane 2 corresponding to the
The forebody friction drag is an important contibutor to the engine inlet (sde Fig. 1. 1-21).
thrnst minus drag budget of the vehicle, and is strongly Given the air intake size relatively to the other parts, the
varying with the transition onset (laminar/turbulent) different interactions will be important ,like viscous
position.The flow quality entering the air intake is also interactions,internal flow distorsion or comer
strongly dependant on the transition position. flows.Specially, as discussed in § 1.1.1.4, the relative

boundary layer thickness generated by the forebody is an
One specific design will be required for thinning such unfavorable feature which must be considered in the air
buldge of high entropy near the wall, with increased intake design
divergence of streamlines generated by locally conical We will define a simplified air intake geometry ,taking into
convex shape, another way is, on the contrary to generate account the forebody and the inlet engine conditions, in
conical concave shape on the external part. In both cases it order to allow the evaluations of it's working in the 6 to 12

is necessary to have better knowledge on inferaction of Mach number range. But we must keep in mind that we
shock wave and such highly three dimensional thick need to know the afterbody configuration if we want to
boundary lixer , such know\ledge remains to be identified know the amount of thrust and drag losses.
bx Navier Stokes computation and mainly by experiments.

The engine inlet conditions which must be insured by the
air intake are the pressure level, the Mach number and
some geometrical specifications like contraction rate for a

1.1.2 Air intake configuration good mixing between air and hydrogen.

Another important issue is the interaction of walls of inlet hlie perfonnance parameters to be fullfilled are the optimal
\%itli forebod\ If one tries to detenmine the boundaries of compression eflficiency,the flow mass rate and drag
acceptable angles of attack or Mach number, the interaction characteristics and the start-unstart characteristics
of ho%\shock with the lips is to be detennined and evaluated "llie air intake design must insure a trade-off between, a
in its criticitl Well knox\n phenomena of dangerous type sufficient captation for the Mach number range in order to
IV interaction 0ill occur in the symmetry plane where plan obtain a good level of thrust and specific impulse, and
tangent to the shock \will also be tangent to the lip curve at minimum drag.
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1.1.2.2 Geometrical definition of a generic hypersonic swwvep angle for the lateral wall; the third one A13 is All
air intake plus a ramlp angle for the upper wall; the fourth one A14

combines tile three kinds of compression by sideewall,ramp
The choice of a SCRAMjet air intake concept will be angle and sweep angle.
linked, at least concerning the captation section shape , to
the integration on the lbrebody and the vehicle.For instance, Their characteristics can be suninarized in the following
given the windward forebody shape of the generic vehicle table:
defined in the previous paragrapha and the chamber
geometry, the choice can be made tbr a rectangular air
intake with compressions perlonned by planes. These All A12 A13 A14
recompressions can be made by two faces (bidimensionnal Sidewall angle X X X X
concept) or by the four faces (three dimensiomnal concept). Sweep angle X X

In order to define such an air intake many geometrical Ramp angle X X

parameters are to be considered:

- the deflection angles of the different compression These configurations are respectively shown in figures
)lans. From these angles are dependant the air intake 1.1-22 to 1.1-25. with iso-Mach number countours.
geometrV(length , height),its eflCciencv and its Given the Mach number 5.8 at the air inlet ,the results
behaviour \\ith boundar layers. The compression concerning mean values for the Mach number M,the
angles can be external(generated by ramps at theforebodv end, or internal (generated by lateral plans pressure P (in bars) and the efficiency tl in the engineand/or in continuity with the external ramps).The stpits inlet plan are sumnmarized in the following table:

for hydrogen injection in the chamber can also
contribute to the compression.
The choice of the angles and of the number of
compression plans \%rill result from a trade-off between All A12 A13 A14

important deflections leading to stagnation pressure Mimin 2.97 2.62 2.86 2.50

losses and increasing the probability of separation, and Mmax 3.04 3.50 3.24 3.65
small deflections leading to long air intakes.Lateral M 3.00 3.22 3.05 3.08
walls will contribute to compression in a different way Pmin 1.25 0.65 0.84 0.48
than the ramps ( because of boundar' layers) Pmax 1.30 2.38 1.54 2.90

P 1.27 1.28 1.23 1.40
- the internal contraction rate which depends upon the rI 0.71 0.78 0.72 0.73
internal compression,and which is conditionning the air
intake characteristics at start-unstart and at the engine It can be seen that for a same contraction rate, the mean
inlet. An air intake with high internal compression values for Mach number,pressure and efficiency are not
presents a high contraction rate and a small drag; but in greatly influenced by the recompression type.But
counterpart adjustment problems are increased concerning the difference between min and max value , it
(boundary- laver separation and start-uinstart limit) C

can be seen that important inhomogeneities of the flow are

expected according to the different configurations.
- the struts position relatively to the air intake lips A more realistic configuration is presented on figure
which influences the start-unstart limit and the 2

compression1.1-26 from [16] with the presence of ijection struts
which contribute to the contraction rate.An example of a

- a variable geotnetry for correct efficiency aid engine Dassault Aviation Navier-Stokes computation on a 2D air
conditions Von wholech e intake with struts is shown in figures 1.1-27 (tnstructured

inlet cthe number range. The mesh) and 1.1-28 , in order to highlight the automatic mesh
studies already perforned have not demonstrated this refinement in regions of strong gradient.
necessity, a fixed geometry being a good trade-off
between perforniances and complexity reduction

- the captation section geometry for structural and start- 1.2. Interaction with afterbody

unstart limits We will divide following remarks between the two main

concepts of internal and external combustion.

The main problem with external combustion arises from the
1.1.2.3 Examples of air intake generic concepts generation of large oblique shock-waves for overheating at

WC con1sider three ueomietrical angles that %\e canl conine the level of temperature needed for sustained combustion of
in orsider tohstu e geouria airintakesAll to A. a foirangle propellant with heated incoming air. The calculation of

itiA e compression effect built by source term in combustion needis the angle betweemt the la teral x\alls.thc sidewall anglc:the to have precise kinetics of the always complex chemistry
second is the angle oftthe upper \\all . the ra.p angle. the (except hydrogen propellant) and of the ignition time

third is the s\meep angle of the lateral \\alls.llhe generic related to equilibrium chemistry. Major problems of beating
values considered for thiese angles are respectively _6', 5',°ve r l of the wall are related to the process of diffusion of the
and 450. propellant injected upstream by wake of injectors as by
lThe first air intake All is a two dimnensionnal one \\ith only boundary laver. The propulsive effect is generated on the

a lateral compression; the second one At2 is All plus a afterbody and, except for an axisymetric vehicle, is highly
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dissymetric. Present knowledge of hydrocarbon combustion integration in the vehicle (as compared to a complete
is not sufficient for benefiting of optimisation that could be nozzle), and to a lower drag for the RAM jet regime.
done by CFD. Interaction of boundarv layer, wake and A systematic study of the main dimensionning parameters
shock-wave with combustion process put such concept in influence on the afterbody performances is also presented
the grade poor , being diflicult to ascertain in the next hereafter.
years. but it remains basically easier to integrate,
particularly flor aerothennal problems : the radiative cooling The afterbodv is a key element of the vehicle ,not only
of the skin near combustion areas is possible and effective because of its influence oil the perfornances but also
if insulation is sufficient under the skin. because of its important size (about 1/3 of the vehicle

length) which makes it difficult to integrate in the
When there is , contained, combustion, in a combustion vehicleAfterbody conception cannot be made independantly
chamber, only external skin can emit radiation, and specific from the conception of the other parts of the vehicle.
cooling is needed in the internal side of combustion A generic configuration of the vehicle (Fig. 1.2-3 and 1.2-
chamber in interface with the core structure of the vehicle. 4) has been chosen as a reference and afterbody variants are
High temperature insulation is done by multilaver reflective modifications of the rear part of the reference vehicle.These
insulation; it is mandatory due to the difficulty to have large variants must take into account the layout constraints of the
amotnt of cooled airflow for aerodynamic cooling, generic vehicle.

Major losses of thrust- mintus-drag of an external expansion The afterbody must give thtist,lift and a pitch up moment
on the rear of a fuselage are coming from the poor in order to trim the vehicle. The objectives and rate of
efficiency of nozzle. Aerodynamic problem underlined by exchange between these features can be obtained only for a

such losses of efficiency are present with axisynetric nozzle complete study of the whole vehicle.Nevertheless some
and come from difficulty to convert enthalpy in kinetic tendancies can be drawn by considering a first quality
energy due to freezing of internal degrees of freedom of the criterion for the afterbody: Fx + 0.23 Fz , Fx being the
molecules of air resulting in nozzle frozen conditions just afterbody thrust and Fz its lift.
after the throat of the nozzle. Similarly the decrease in This criterion is only indicative ,but it is used here to take
pressure can lead to over expansion of jet at moderate into account the lift and not only the thrust when comparing
altitude and to internal separation after a normal shock different concepts.This lift is mandatory to trim the vehicle
wave of compatibility with external higher pressure. Such at high Mach number, and must not be neglected in the
phenomena are difficult to simulate at small scale due to afterbody optimization process.
laminarization of the boundary layers in the nozzle and the
corresponding large separated areas induced by laminar In order to compare different concepts the same
shock wave interaction. Another source of losses is computation tool has to be used, an Euler code for instance
generated by the open nozzle generally put on flight for sake of less CPU time requirements, at least for
vehicles because of the constraint of room for a large rate of preliminary analysis.Nevertheless the whole vehicule with
expansion complete nozzle. Such source of losses is various afterbodies is computed in order to have a more
particularly large on 2D open-nozzle if the lateral deflection realistic simulation of flow confluence than for an isolated
is induced by expansion of flow at the end of splitter plate aflerbody.
(Fig. 1.2-1).

The performances are computed for two flight conditions
The use of variable flaps for reducing the losses in variable (Mach=6 and Mach=10 , ot= 40) and compared relatively
pressure ratio behaviour needs a careful estimation of thin to the thrust and lift of tile whole vehicle,of the afterbody
laver eftect for avoiding extralosses in shock waves or alone(pressure integration on the rear part of the
separated areas (Fig. 1.2-2). Again the shock wave vehicle,X>45m, cf Fig. 1.2-4), of the nozzle alone(pressure
interaction with boundaiy laver is a prominent factor integration on the expansion ramp and the internal part of
particularly with overexpansion of the flow. The prediction the flap), and of for the external part of the afterbody
of heat fluxes at the throat of the nozzle is an essential ( pressure integration downstream the nozzle sidewalls,for
element of design of high temperature parts of any vehicle. X>55m, cf Fig. 1.2-4) ; this allows to decompose the
Good prediction will be possible only if the incoming influences and to translate them in terms of global
boundary layer is know~n with sufficient accuracy. For perfornances of the vehicle.
practical conditions, some relaminarization effect can also
be present which is difficult to predict with a poor 1.2.2 Analysis of a generic configuration
knowledge of the effect of external turbulence, as present in
any combustion process. A 65m long configuration is shown on Fig. 1.2.-3 and

1.2-4.
This aircraft is a generic airbreathing SSTO launcher.

1.2.1 Methodology for afterbody concepts analysis Performnances are seeked for the airbreathing part of the
trajectory; in this phase the aircraft is propelled

These questions are anal\zed in more details in the successively by an ejector rocket, a RAMjet and a
ibllo' ng paragraplia SCRAMjet,which are all fitted in a single propulsive
We \\Ill concentrate mainly on the SCRAMiet mode: stream.
nevertheless 1 1.2 6 \\il be devoted to overexpanded T1his aircraft shape is by no means optimized,and should not
nozzle flowv for lo\\er Mach nutmber regime. be taken as a candidate design; however it is used as a test
lihe analysis \\ill be performed around a generic afterbody case for the design tools and analysis.
configuration based on the Single Expansion Ramp Nozzle The net thrust (D-T =drag -thnmst),lift Cz and pitching
concept .\Iiich is a good candidate as regard to the mass moment Cm (pitch up for Cm>0) for the two flight
saving associated with a single ramp, to the easier conditions are listed below in the following tables and
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compared to the corresponding values of an ideal nozzle - Losses due to shockwave boundary laver interactions
(adapted and without ain losses).These values are
multiplied b\ 100 - Losses due non complete recombination of combustion

products at the combustor outlet leading to a decrease of
.Mach= 10 c-=4 static pressures and thus a decrease in thrust.

Whole Aflerhodv Nozzle External Ideal - Losses due to inhomogeneous flow at the outlet combustor
vehicle (X>45m) (ramp + afterbody nozzle

flap) (X>55m111)
D-T -1. -1.35 -1.5 -0.3 -2.5 1.2.3 Analysis of variations around the generic

Cz 4.7 2'8 1.5 1.3 0. configuration

0.09 1-0.29 -0.21 -0.24 The variants are presented below and the corresponding

shapes are shown on Figures 1.2-5 to 1.2-10

Mach=6 o =4° - o concave ramp (:in order to fight against the lateral

Wh\ole Afterbody Nozzle External Ideal spillage a concave shape is given to the expansion ramp in
vehicle (X>45m) (ramp + afterbody nozzle a plane normal to the longitudinal axis

flap) (X>55m) -

D-T -3. -2. 3 -2.5 -0.5 -3.2 - • short sidewalls ,: in order to quantify the sidewalls
Cz 53 2..7 1.6 1.3 0. effect on the spillage, a variant leading to more spillage is
Cm 0.25 -0.4 -0.27 -0.36 0. proposed by shortening the sidewalls

These values of efforts must be considered as examples; PH

they var- with the flight Mach numberthe angle of
attack,the combustor outlet conditions,...Nevertheless their
order of magnitude are characteristic and allow a certain
number of remarks.

- (long flap o: in order to reduce the losses due to the
- The afterbody efficiency on thulist is weak at high mach single expansion ramp nozzle,a longer flap is proposed.
number (60% efficiency when compared to the ideal A double positive effect is expected : an increase of the flap
nozzle).At Mach 6 the efficiency is better but of only thtrust and a reduction of the spillage.As a conterpart an
75%.The major part of this loss is due to the tinder increase in friction drag and a decrease in lift are expected
expansion of the engine jet.

- There is a sensible difference in Afterbody and Nozzle
performances(about 15% of D-T at Mach=10); this
difference is partly due to the cowl drag and partly due to
the jet bursting and thus to the induced increase of pressure
on the fuselage;

- (<deflected flap >•:in order to help in the trim of the
- The afterbodv influence on the trim is very important and vehicle, a variant with a 5" deflection angle is assessed
beneficial, but not enough to trim the generic vehicule
configuration

- The external afterbody contribution to the thrust , if weak
as compared to the afterbody contribution ,can represent
30% of the vehicule D-T Moreover its contribution to
the lift and moment coefficient is a major one.

- <(engine axis +50 o: the nozzle and the combustion
The losses in performances (when compared to the ideal chamber are together tilted tip with an angle of 5'
nozzle) have several origins:

- Losses due to the tinder expansion of the Single
Expansion Ramp Nozzle; but it must be stressed that anl
ideal nozzle wNould be about 5 times longer,therefore
inducing a mass penalty and a huge friction drag "

- Losses due to a flow< spillage induced by the lateral - ((nozzle axis +50 ,: the nozzle alone is tilted up with an

expansion dow\nstream the sidewalls; possible remedies angle of 5°
are greater sidewalls and/or a transverse concave ramp in
order to better contain the spillage (as analy-zed in the next
paragrapha)

- Losses due to friction on the ramp,the flap and the
sidewalls
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These variants have been computed for Mach=6 and 10 center of pressure is similar to those of the convex ramp
tor cx=4'. The effect of each variants on the afterbodv configuration. Thcse two variants call be combined with
performances is presented in the followýing tables, %%here benefit.
results are given in percentage relatively to the generic
configuration ,except for the - long flal) , variant where the - (dong flap) ,: the gain in thrust is very important but so
reflerence is the , short sidewalls configturation. much important is the loss in liftNevertheless the gain in

Fx+0.23Fz is significant, representing 7% of the vehicle
Maclv10 x=4' tlnist-minus-drag at Mach 10.The effect on the center of

Afterbodv Nozzle Afterbodv pressure is unfavorable.

(X>55nm)
Variant -Cx Cz F× CP -Cx Cz -Cx Cz - (deflected flap o: there is a loss in thrust and a gain in lift

23Fz leading to a slight increase of Fx+0.23Fz at Mach 10 and a
Convex 0.4 5.1 1.8 0.9 0.3 9 9 9 slight decrease at Mach 6. The flap efficiency in term of
ramp % % % % % % % % center of pressure is strongly variable with Mach number
Short -1.7 -4 -2.5 -0.6 -2 -10 -7 -6 (3% at M=10 and 0.6% at M=6).In fact at Mach 6 the flap
sidewall ON% % % % % % % % deflection induces a strong decrease in pressure level on the
Long 15 -21 3.3 -2.6 23 -86 8 7 external afterbodv(due to the expansion impact generated
flap % % % % % % % % by the flap trailing edge), which leads to a pitch up moment
Deflect -17 39 1.6 3.3 -3.1 37 -8 -7 in opposition with the pitch dowýni moment generated by the
flap %) % % % % % % % delected flap.

Engine 13 -41 -4.4 1 .3 -30 41- 1engine axis +5* a: this configuration leads to an
axis +50 % % % % % % % important gain in thrnst and an important decrease in lift,
Nozzle -1.4 -41 -14 4 -11 -30 -52 0 with a Fx+0.23Fz decrease.

axis +5' % % I % % % % % %
- a nozzle axis +50 a: this configuration is slightly favorable

Where CP is the center of' pressure and its movement is for the thrust (mainly due to a cowl drag reduction), butWher CPis he ente ofpresur anditsmovmen is here again there is anl important loss of lift with a decrese

positive in the domnstream direction given in % of the total re al

length (65m in the present case) for Fx+0.23Fz.Nevertheless we notice a very favorable
movement of the center of pressure(8%) Therefore ,this
configuration could be used with a less tilt angle to solve

Mach=6 cc=4o trimming problems.

Afterbody Nozzle Afterbodv
(X>55115) In conclusion ,the above variants had the objectives of

Variant -Cx Cz Fx+ CP -Cx Cz -Cx Cz limiting the losses due to the single expansion ramp nozzle
___ 23Fz

Convex 0.6 7 1.8 1.4 0.6 11 14 14 concept as well as the losses due to the spillage of flow.For
ramp % % % % % % % % the first kind of losses ,as expected, the longer flap solution

Short -1.8 -7 -3 -1.2 -2.3 -15 -12 -12 can answer favorably even if partially. For the second kind
sidewall -1 -12 -12 % %of losses ,the concave ramp allows to reduce the losses by asidewa_ %_%__ % % % 0%

Long 12 -18 5.3 -2 16 -63 20 18 factor of two and can be used as alternate or
flap % 0 0 0 % % % % complementary with the sidewalls.

Dflaci -7.2 22 -0.5 0.6 -1.6 16 -30 -30 It is clear that an analysis focused on the afterbody can

lap % % % % % % % % afford infonnations of interest on the aerodynamic

viewpoint, but generally does not allow to conclude on the
Engine 7 -25 -0.3 1.4 -10 -34 93 best afterbody concept; an integrated study of the global
axis ÷5ý % % % % % % % configuration is mandatory for this purpose ,as discussed in

Nozzle 5.4 -29 -2.6 4.7 -0.3 -18 -21 § 1.3.

axis -5' % % % % % % % Moreoverthe above analysis has been perforLmed with an
inviscid Euler code for sake of rapidity and low cost, but
the viscous and chemical effects must be assessed

These results lead to the lbllowing remarks. 1.2.4 Viscous effects
- convex ramp k, : the gain on the efforts on the external
afterbodv is 9% at Mach 10 and 144% at Mach 6. which Even if the efforts due to pressure are the most important,
represents half the spillage effect. The efficiency is better at thus justifying an inviscid analysis for preliminary studies
tile lowcr Mach ,ut1ber since the spillage effect is more of the design loop, the friction drag is not negligible and the
linportant i ut tihe gain in trust on the \whole afterbod' is viscous interactions can lead to significant modifications of
\\eak: Net. tile gai in lift is significant with an increase of the pressure field.Moreover the prediction of the wall heat
l:x-ll.2.31:z of about 2/ \\hiclh represents 4'N) of the vehicle transfer rates which call be high in the nozzle,need viscous
thrust - minus- drag at Mach IO. oreover the center of computations
pressure has a favorable rearward movement of 1%. These viscous computations can be performed at lower cost

by use of boutndarv layer codes for obtaining boundary
- "short sidewalls ,: considering the effect of increasing the laver thicknesses (see Fig. 1.2-11, and 1.2-12) and wall
sidex\alls (short sidewails configuration towards the heat fluxes (see Fig. 1.2-13). The turbulent boundary layer
reference configuration . tle gains on Fx+0.23Fz and oit the thicknesses are relatively small as compared to the nozzle
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size:the displacement thickness represents 2% of the inlet
nozzle height and 4% of tile oulet height. Therefore,no
major pressure field modification is expected (which is not Mach=2.5 ax0°
the case in the air intake) Concerning heat fluxes, a Afterbodyshape 100*Cx 100*Cz
maxnmm1 value of about 1 MW/rn is obtained at the nozzle generic 0.51 -1.68
inlet and then decreases rapidly on the ramp due to the concave ramp 0.55 -1.84

strong expansion, on the flap they are relatively higher. short sidewalls 0.49 -1.67
It must be stressed that these figures may be lower if loni. fla 0.67 -1.55
possible relaminarization occurs on the ramp.
When important viscous interactions take place the best

way of doing is to use Navier-Stokes code (Fig. 1.2-14 and
1.2-15) particularly when recirculating zones are We notice that the aflerbody contribution to the thrust is

present(see Fig. 1.2-16 for separation on the \,indward side negative for all the variants, and much more prononced at
of the flap trailing edge). Macl=1.5.If at Mach 1.5 the propulsive system (rocket) isnot too much penalized by this drag excess, at Mach 2.5
1.2.5 Chemistry kinetics effects tihe drag excess represents 70% of the RAMjet thrust.

The perfornances of the different concepts are of the same

Ii the combustor outlet the combustion prodtucts are at order of magnitude but with a classification inverse to that

such a high temperature that the H20 molecules are partly at high Mach numbers.

dissociated and the internal energy contained bv thevibration modes is intortant.During thCe expansion in the In conclusion we observe an important afterbody drag

nozzle the dissociation and vibration rates decrease and the which seems hard to reduce in a significant way, unless if

majority of the internal energy is contained in the we use a variable geometry or a secondary flow injection in

translation and rotation modes , thus contributing to the the nozzleDuring the design phase of an airbreathing
pressure- vehicle with a SCRAMjet propulsion, it will be mandatory

This recombination process has a finite reaction speed and to find the best tradeoff between this kind of disposals

if the expansion is too fast it can be uncomplete (frozen (wvith a weight penalty) and the use of complementary

state).Therefore a certain amount of allowable energy is engines with sufficient thrust.
locked under dissociation/vibration energy and does not
contribute to the pressure, leading to a loss of thnrst.
Some Euler computations with a kinetic model for seven 1.2.7 Conclusion

species (H,H2,O,02,OH,H20,N2) for two hypotheses,
thennochemical equilibritm and frozen state, have shown-r The afterbody design is well tmderstood and masterized

that an unacceptable degradation of about 30% of D-T when 0orking with the inviscid approximation; by
could be induced by a frozen state, state which seems comparison to an ideal nozzle it is possible to analyze the

unlikely but need to be confirmed. by further investigations, causes of performance losses and the three dimensionnal
effects, and to propose solutions in order to minimize them.

1.2.6 Performances at low expansion ratio Nevertheless for a more precise evaluation of performances

During the initial phase of the launch trajectory,the nozzle, a viscous approach is needed which can modify also the

designed in order to insure a required thrust level at high aflerbody design.

Mach number, is overexpanded. For Mach numbers less
than about 3 ,a low pressure region on the expansion ramp
and even on the internal nozzle, is observed.. atTord very useful infornmtions on the aerodynamic
This low presstire region is followed by a system of oblique viewpoint, does not allow to conclude on the design of even

shock waves issued from the flap and sidewalls trailing a part of the vehicle; an integrated study of the global
edges,leadind to higher pressures. These shocks can induce configuration is mandatory for that purpose.

boundary laver separation,wich is favorable since it reduces
the low pressure extent and thus the drag.
This drag increase is mainly dependant on the aflerbody
configurations and on their ability to adapt themselves(flap 1.3 Aerothermodynamics of the global configuration

deflection,secondary flow injection).
In order to assess the losses due to this overexpansion Some scientists or engineers have tried to have a general

some Euler computations have been made for the evaluation of the perfornance of a vehicle built around an

peronrnances of a few afterbodv variants studied iin § h.xplersonic RAMvI or SCRAM jet by using a thermodynamic
1 2.3. for tw\o flight conditions: Machlt.5 corresponding to global approach. Such an approach is to be related to the

the ejector rocket mode and Mach=2.5 corresponding to a analogous effort in the field of engine design it can help to

RAMIjet mode. The results of 100*Cx (<0 for thnist) and delineate the significant parameters to be put as variables in

100*Cz for the X>45Sm iafterbod% .are summarized in tile a preliminary study or a global study with the aim of
following tables: improving the global perfornance. Such studies reconmmend

selection of cold sources and use of high pressure cycle or
Math=1.5 cx=O° high temperature reversible heat exchange ; all

recommendations that are competing with thermal and
Afterbodv shape 100*Cx 100Cz aerodynamics possibilities. So we consider that it is more

.eneric 1.78 -5.42 profitable to have a mtuch more complex simulation tool,
concave ramp 1.86 -6.28 able to rebuild the 3D flow in details or, at least, to give
short sidewalls 1 .67 -5.64 realistic value, in conjutction with elementary experiments,

long flap 2.12 -4.86
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For the global uncertainties and the local origin of the Such numerical tools must be capable of nose to tail
uncertainties, predictions, so that computational cost is a major difficulty;

however they must also be sufficiently accurate to give
In addition to global perfonnance evaluation, the aim of reliable intbnnations to the designer. The solution chosen
such modelisation is to fuirish major derivatives that help by Dassault Aviation relies on a mtultizone / tuttltimodel
the designer to focus research on the more sensitive strategy, which allows the user to specify in each zone the
parameters or constraints, and on the probletms of physics degree of complexity he wants to take into account, based
that are present behind. and are not well understood or on required accuracy and available funding. The multizone
modelled code incorporates elementary methods of widely varying

complexity, ranging from empirical "behaviour laws" (e.g.
The entropy distribution concerning flow and wake surveys correlated mixing distances, induction times, etc...) to three
related to cold air deflected by body and hot air generated dimensional nonequilibrium turbulent Navier Stokes
by combustion of incoming flow in air intake, gives the solvers.
visible indicator of the problems, their difficulties and their
localisation, knowing that computation has to be validated The elementary numerical tools composing the global
areas by areas with the identical phenomena rebuilt in numerical tool must be well validated for reliable analysis
laboratory experiments, of the flow in each of the components of the aircraft ,such

as done in § 1.1 and 1.2. A detailed description of these
elementary solvers can be found in [2] to [6] and validation

1.3.1 Methodology efforts in [7] to [10].

The methodology proposed by Dassault Aviation can be The interfaces between the zones must be carefuilly
found in [2] and [3] and is briefly recalled hereafter. It specified, more so when different computational methods
relies on the fact that the design of an hypersonic aircraft are used in different regions. This is especially true if the
propelled by an airbreathing engine is a very integrated simulation of the different zones is undertaken by different
process,for many reasons.One is the geometrical teams; it is necessary to specify not only the nominal
imbrication of all the components: the forebody is a part of physical quantities at the interface, but also uncertainties on
the air intake,the afterbody is a part of the nozzle, the these quantities.
fuselage is a combustion chamber wall, so that the aircraft
can be described as a " flying engine o ,or alternatively as a Interfaces can have a varying degree of complexity,

propelling airframe ". depending on the configurations. The easiest case is the
Another reason is the difficulty of this design process: parabolic one, where there is no upstream influence. The
difficultv because success is bv no means assured; the interface is then passive, in the sense that the interfacing
feasability is not proven and performances are expected to method has minor influence on the results, and introduces
be at best marginal, so that no provision can be made for no new uncertainty. The more difficult situation occurs
improper interfaces between components; difficulty also when the interface has an active influence on both the
because of the accuracy needed in the analysis: the upstream and the downstream component; this is for
aerodynamic forces sustained by the different elements can example the case when simulating a scramjet with injection
be an order of magnitude larger than the resulting effort on and combustion at Mach numbers only slightly greater than
the aircraft, so that the fonner must be accounted for with one: the interface between the inlet and the combustor plays
minimal errors if the latter is to be know.n with any a very active role in the prediction of the stability of the
accuracy. whole system, and the global simulation must be very

integrated, with permanent data exchange between the
The contribution of all the aircraft components to each of zones.
the aircraft's aerodynamic properties is yet another reason
for integrated design: the nozzle contributes not only to
thrust, but also to lift and to pitch, the combustion chamber 1.3.2 Example of results
contributes to pitch, to longitudinal and lateral stability,
etc.... so that optimization of one of these properties can An example of application of the principles and methods
only be made on the complete aircraft. mentionned above is described here. More details can be

found in [2] The aircraft studied is the generic airbreathing
For all these reasons, the design of an hypersonic SSTO launcher already presented in figures 1.2-3 and
airbreather can only be made globally; this is especially true 1.2-4. Perfornances are seeked for the airbreathing part of
in the preliminary stages, during which the aircraft shape the trajectory; in this phase the aircraft is propelled
can be changed drastically. Conception is usually made successively by an ejector rocket, a ramjet and a scramjet,
iteratively: one or more shapes are proposed, their which are all fitted in a single propulsive stream. The
pertoniances, in terns of aerothennodyiamnics and of mass current aircraft shape is by no means optimized, and should
are predicted, and compared both to those of previous not be taken as a candidate design; however it is used as a
proposals aiid to the objectives: an analysis is made of tile test case -or the design tools which are beeing developped.
remaining defects and possible solutions are investigated,
before new shape candidates can be derived To compute tie perfornnances of the aircraft, a

decomposition is made between the flow through the
In order to perlonn this design from an aerothennodynamnic combustor and the rest of the flowfield. The latter is
point of' viewv,the chosen methodology is based ott global computed in the Euler and boundary layer approximation,
CH) simulations of the flowfield around and through the using a single unstructured mesh (figure 1.3-1). A model of
vehicle considered.using a multidomnain method. the flow through the combustor is provided by engine

manufacturers; it outputs average flow quantities at the
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combustor exit as a function of the average flow quantities 1.3.3 Inflluence of the modelisation hypothesis
at tile entrance.

"flie results presented in the previous paragrapha have been
Examples of the results of the flow simulations are given in obtained with a fully three dimensional method, except for
figures 1 3-2 to 1.3-7. Around twenty comlputations have the combustion chamber. It is felt that no results useful for
been peribnned to cover the trajectory corridor, in terms of design, i.e. no quantitative results, can be obtained with one
Mach number and angle of attack. Each of those takes three or two dimensional methods, even for so called "2D
to five hours of cpu time on an IBM RS 6000 workstation, shapes". Also, and perhaps more critical, planar simulations
so that the complete set can be obtained overnight on a tend to restrict the designer to these 2D shapes, which are
seven nodes cluster, or in a couple of hours on a ver' probably not the optimal ones ([2]), and so should be
multiprocessor sup)ercomputer. avoided if at all possible.

The unstructured mesh is adapted to represent a variable However a number of approximations have been made in
geometry aircraft. In the present simulations, it has been these simulations, based on cost limitation considerations.
modified around the inlet to account for the moving lip. The major ones are the following:
Such a modification is straightforward with unstructured,
tetrahedric meshes, and can easily be automated. I. The flow field everywhere but in the combustion

chamber has been calculated using the Euler plus boundary
The aerodynamic coefficients (Lift, pitch, "drag minus layer approximation, neglecting viscous / inviscid

thrist", effect of sideslip on yaw and roll moments, control interactions.
surface efficiencies .... ) are a direct result of the
simulations. They are stored in a computerized database, to 2. The flow computation has been coupled with the
be used by trajectory simulators. The evolution of the engine model in an ad-hoc, zero dimensional manner. Also
coefficients with Mach number and angle of attack is the eight side by side scramjet modules have been treated
usually represented graphically as "carpet plots", figure as one "average" entity, neglecting the effect of distorsion.
1.3-8, which allow interpolation of the results to any
trajectory point. 3. The combustion products in the nozzle and rear

body have been treated as a fixed composition gas, with no
Figure 1.3-9 shows the integration of drag along the accounting of kinetic effects (freezing of recombinations).
aircraft, from nose to tail, for different Mach numbers in
scramjet mode, at a given angle of attack. It is seen that the 4. The location of transition to turbulent flow on the
largest effect of Mach number is in the combustion forebody has been fixed arbitrarily, introducing an
chamber, due to the higher losses in high speed combustion, uncertainty in the prediction of friction drag.

Figure 1.3-10 show the effect of angle of attack on the drag. The objective of the study for which preliminary results
This representation emphasises how integrated this effect are presented here is to quantify the effect of these
is: the increase of the angle of attack increases the air approximations, in order to support future decisions on the
capture and decreases the Mach number at the combustor level of modelization necessary for actual design cycles,
entrance, both of which increase the thrust, however not all based on a cost versus accuracy trade-of.
this thi-st is recovered because higher pressures lead to
lower nozzle efficiencies. The increase of angle of attack In the two following paragraphs we present the first
also increases the induced drag of the front part of the sensitivity studies which have been performed, all of them
aircraft; altogether the drag is decreased when angle of concerning the scramjet mode of propulsion. The effect of
attack is increased within the range studied. However the the first two approximations mentionned above is analysed.
rate of this evolution is very dependant on the trajectory In part 1.3.3.1 we investigate the effect of some of the
point (figure 1.3-9). approximations in the coupling between the combustion

chamber model and the flow field computation, in scramjet
The effect of angle of attack and of Mach number on the lilt mode. In part 1.3.3.2 we present a first estimation of the
and pitch are sho\\Ni on figures 1.3-11 to 1.3-13. It is seen effect of losses due to viscous interactions on global
again that the global effects are the sum of large and perfornances.
opposing local ones, so that only an integrated siimlation
can predict them correctly. For example the inlet causes a 1.3.3.1 Degree of integration of the combustor
large loss of lift, which increases with angle of attack; in simulation in the overall calculation
parallel the lift of the forebody increases, and that of the
rearbodv also because the engine pressure increases. The conception of an hypersonic, ram / scramjet propelled
Altogether the lift increases with the angle of attack, but vehicle is necessarily a collaborative effort between an
only a global sinmlation can predict the rate of this aircraft and an engine manufacturer. The former however
evolution, needs to be able to predict the global performances of the

vehicle, and so will use a modelization of the flow in the
The same is true of the eflect on pitch: only a simulation combustor, provided by the engine designers.
accounting for all elements of the aircraft, including
propulsion, can predict correctly longitudinal stability. It is This modelization, for the case of a supersonic ramjet, is
seen on figure 1.3-12 that the generic configuration studied necessarily a transfer operator: it provides flow properties at
is severely unstable. the rear end of the combustor as a function of those it

receives at the front one. Upstream coupling can be
necessary in a number of situations ([2], [3], [121), for
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instance when combustion generated shock trains propagate combustor are used as boundary conditions in the global
in the air intake, however it has not been considered here. computation.

This transfer operator can be based oln different principles: This approximation has been removed partially by treating
it can be a CFD solver, either one, two or three separately tile two extreme lateral engines. The difference
dimensional, with different possible levels of modelization. in inflow conditions is the following, for a Machl=10 flight
The flow at the do\wnstream end of the air intake is then point:
used as boutdar% conditions for this solver, which in turn
gives the fluid state at tile do\\'nstream end of the
combustor. This is probably the best solution; however it
requires the integration of a reliable and efficient Mach Stag. pres. Mass flow I
combustion solver in the global simulation software, which area
\\ill require further efforts and has not been accomplished Average 3.7 1100 575
\Ct. Central 3.9 1150 550

eng.ines
Alternatively the transfer operator can be a model based on Lateral 3.6 1050 655
the transposition of existing perlornance data for the engines
combustor, coming either from CFD simulations or from
wind tunnel experimeents. Because these simulations or
experiments have been performed in conditions different Table 2: Difference in inflow conditions bet'een the lateral
from those acttiallv encotntered, a transposition is

necesary.and central engines.
necessary.

In the PREPHA program only limited perforniance data for
scramjet combustors in flight conditions is available, it hasV -Tihe effect onl tihe global performances of the aircraft is the
been generated using simple zero or one dimensional
simulations, with entrance conditions in the combustor
obtained using assumed performances of the forebody and
inlet. Aircraft Combustor Lift C.P. loc.

T-D thrust
However, for the purpose of estimating in principle the Mach=10 -4% +70/o(lateral) 0 + 0.2%
uncertainties introduced by using the second method to -7 % (central) -

establish the combustor transfer operator (transposition), a 3% average
comparison has been made between global performance
numbers obtained with a transfer operator relying on a Table 3: Ejfect of tile accounting of the actual inflow
transposition of preexisting combustor results, and those properties of the different engines, on aircraft thrust minus
obtained by repeating the one dimensional combustor drag, lift and center of pressure location, and on
calculation using the actual flow properties at the air intake combustor "conventional" thrust.
exit.

Because the lateral engines receive a larger air flow, they
The results are the fbllowing: have higher thrust. The overall effect of the distorsion is

negative however, but not very much so.
Recoup. / Aircraft Combustor Lift C.PI. loc.
Transp. T-D thrust From this simple estimation, it appears that the effect of
Mach=6 - 2 % - 2 % - 3 % -0.9% distorsions is significant on individual engines, but that the
Mach=10 + 9 % + 4 % -0.5% -0.3 % overall effect on aircraft performance is smaller than the

sum of these elementary influences, because they induce
flow changes in other parts of the aircraft, and in particularTable 1: Effect of the re-coniputation of the combustor

properties using the actual entrance conditions, compared in the nozzle.

to a transposition of preexistitig re'sults, aim aircraift thrust
tiuumns drag, liftioll deter of pressue lt o ationr, and oil The dispersion on global performances induced by the inlet
co to cremti al' cthru rsst. rlocation, tdistorsion is predicted here by the comparison of globalCombu~tstor "Coitvetitlontal" fihtltsf.Z

simulations with and without taking them into account, and

The effect obtained onl global lpert'ornances can be so includes all correlations between the dispersions in

considered as acceptable for eargl sttidies, so that the individual elements. Consequently an estimation of the
transpositredascepteabled rfonnarlyscudes, cotan b e useduncertainties based on their analysis would intrinsinquely
transposition oft'redetenninied perlnnances call be used it' account for all correlations and so be minimal.necessary. Such a transposition can be particularly useful if
the combustor perfornances are determined experimentally.

Another approximation often introduced in the coupling 1.3.3.2 Representation of viscous losses

betw\een combustor model and flo\w computations, in multi In all the computations mentionned above, the flow in the
engine aircrafts, is the accounting t'o only one 'average" air intake is calculated wvith an Euler and boundary layer
engine For example the generic "21)" design considered approxi1lnation, which does not account for tihe viscous
here has eight side b\ side identical engines- how ever in the interactions. This introduces a large uncertainty especially
Colnipitations described in paragraph 2 inllo\w conditions o t
averaged over the eight engines have been fed to the on total presstre losses; however a scramjet is primarily
transfer operator, and uinifoin properties do\\wnstream of tile
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sensitive to air flow capture, so that the uncertainty on for this design method is a global, 3D CFD code,
global pertoniances is probably not so large. incorporating a domain decomposition method which allows

the choice of the most adapted method locally, based on a
To obtain an order of magnitude of this effect, a subdoinain trade-off between cost and accuracy. The domain
\was introduced in the global computations to represent tile decomposition allows cooperation between industrial teams
inlet, where the Navier Stokes equations are solved (figure specializing on different elements of the aircraft without
1.3-14). As a first step, an assumlption of two dimensional compromnizing the globality of the simulation.
flow has been made, so that only an order of magnitude of
the viscous effect is obtained here. In particular, the An application to a generic design has been presented; the
probably very important corner effects are neglected. results confirm the occurence of large three dimensional
Nevertheless from the comparison of viscous and inviscid effects even on such "2D" shapes, they also highlight the
two dimensional inlet simulations we derived an close integration of all the aircraft elements: each of them
approximate "viscous correction" to the combustor inflow influences most of the aerodynamic properties of the
conditions, and to tile inlet drag. aircraft, often in large and opposite ways, so that only a

global simulation, which guarantees that the contribution of
Computations were perlorned for flight Mach numbers ofi6 the different elements is evaluated taking into account the
and 10. The result,ts are sho%\xs in figures 1.3-15 to 1.3-19 effect of others, can give an accurate prediction of the
The inviscid simulation of the inlet flow at Mach=6 (figure overall properties.
1.3-15) illustrates the manner in which the inlet was
conceived, in order to obtain "shock on lip" at this Mach The cost of the simulations is of the order of three to five
number. However the viscous calculation (figure 1.3-16) hours on a workstation, or less than fifteen minutes on a
shows that the shock / boundary layer interaction leads to supercomputer. Such cpu consumption and turnover times
inlet unstart for this generic design at this Mach number. are clearly acceptable for design utilisation.

Th1e results for Mach=10 are presented in figures 1.3-17 to
1.3-19. The shock boundarv layer interaction causes a large
increase in static pressure (figure 1.3-19), however not 2. FUNCTIONAL APPROACH
sufficient to cause boundary layer separation.

2.0 Another way of surveying the aerothermodynamic
hi terms of global perfornances the influence of viscous problems of RAM and SCRAM vehicles is to consider the
interactions is the following: functions and their relation to the problems. We can

separate the function of sustentation, of propulsion, of

Aircft. Combor. Inlet Drag Lift C.P. lc control, of structural resistance under the constraint of
"T-D Thr-st I IIreusability or structural integrity. However it is no gain to

- 5 % - 20 % + 15 % + 1 % - 0.5 % do such separation except to consider other functions than
has been surveyed in the previous part where connexion

Table 4: Effect of viscous interactions on aircraft tunist between lift thrust and drag was clearly large. We will turn

minus drag, lift and center of pressure location, on inlet better to the problem of control and of compatibility with

drag, anid on combustor "conventional" thrust, for a low-speed requirements. However the structural resistance

h tact=lflightpoint, is a major functional need that cover mainly the resistance
to high pressure in air intake and combustion chamber and

The effect is largely negative on inlet and combustor resistance to thermal stresses in transient and stabilized
performances; however the higher (static) pressure levels regime of flight. The increase of pressure in air intake is the

lead to higher nozzle thrust, so that altogether the global trne limitation to maximum indicated airspeed ofperformances are degraded far less than would be guessed hypersonic vehicle, and so to the capabilities of acceleration
Iroma the effect on inlet~only. coming from proportionality of thrust minus drag to

dynamic pressure. Figures 1.3-10 and 1.3-11 gives typical

Again the effect of viscous interactions is estimated through distribution of integral forces from the nose to x position
the comparison of two global simulation results, so that all with and without internal flows. Integrating these forcesC ~~~~~~~~~~will aive rswihadwtotitnlfo.
correlations are accounted for and the dispersion is drag with and without internal flow.
minimal. It appears. that the effect is significant but not
miaior on aircraft thrust minnus dtagu it is however crucial on
the prediction of the stability of the 1lo\l .ield, and so either
on the Mach range \where scramjet operation is possible for 2.1 Problems of stability and control of hypersonic
a given design, or on the sizing of the inlet itf scramjet vehicle
operation is required at Mach=6. Such sizing is a general
design issue, and the results shomil here illustrate the

deig isuadte etlssoxl eeilutaete Te destabilizing effect of the air intake is proportional to
necessity to take into account the thick boundary layers and iTs sizeh vefientify as incasin withoMach
their stability in the global conception of the aircraft. i

Number. Roughly it can be said that destabilizing effect is
proportional to the momentum of captured air in air intake

1.3.4 Conclusion and to B, B being the sideslip angle. So it precludes any
forward air intake and favour air intakes in rearward
position relative to center of gravity. For pitch movement

A methodology for the integrated desig-n of h.personic the things are much more complex due to non-linear
ir variation of pressure with angle of attack not only on

airbreathers has been presented in its curreit Tatus and teorehodv but on the afterbodv with nonlinear coupling

planned improvements have been disctussed. Tlhe basic tool
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through the combustion process. So the longitudinal significantly to maintain low Stanton number and help to
stabilht has to be correlated with computation and reduce critical temperature at least in nominal flight.
comptitat ion with experiments I the experiments are
covering the derivative pitching moment with angle of
attack in the case of flo\\-throtug geometry, or with real Contrary to the problem of the transition prediction for
gases expansioll but not generally with both phenomena. reentry vehicles ,xlere transition onset is mainly due to
The computation has its ow\n uncertainties but is alone able wall roughness induced by ablative erosion and/or
to give a lift breakdown, curve..as seen in § 1.3.2 figure discontinuities between the different pieces or tiles of the
1.3-11) For example in the figure 2.1-I1 such curves are Thennal Protection System, the problem of transition
aiven tor t\wo angles of attack versus longitudinal prediction during the launch phase for RAM and SCRAM
coordinate, allowing to analyse the contribution of all major propelled vehicles is mainly posed by natural transition if
elements of the vehicle to the lift and consequently to the we consider a relatively smooth forebody.
pitching moment. Optimisation of the design can only be
realistic with constant lift and pitching moment, so the Besides the interest in lower heat loads ,when transition to
derivatives with respect to angle of attack are to balance turbulent state is delayed , a major advantage is a thinner
\msth other derivatives and the deflection of controls. boundary layer thickness in front of the inlet , leading to a
Similarly it is mandatory in design balance to have the color better efficiency of this latter.For instance , for a nominal
imnage of' heat fluxes or better of integrated heat flight condition, the turbulent boundary layer thickness at
conduction/radiation (at least by local integration of heat the end of the very long forebody can be about 1/3 to 1/4 of
transfer equation) for keeping also the constraint of the inlet height , and it can be lowered by a factor of 4 to 5
temperature boundaries in the loop. if the boundary layer remains laminar.

Moreover the control of the spanwise homogeneity of the
Not of least importance are the derivatives for angular boundary layer thickness is directly related to the transition
velocity of' pitch that help to reduce the complexity of onset homogeneity which can be controlled by a suited
control systems by avoiding too large unstable behaviour shape design of the forebody. And this design activity is
leading to large control surfaces and rate of dellection. Such very dependant on the accuracy of the boundary layer
derivatives are also directly connected to lift variation along stability tools ,since the three dimensionmal flow can give
x coordinate, rise to a rather complex map of transition. Such situation is

illustrated by Fig. 2.2-1 to 2.2-4 from ONERAfDERAT
For lateral control the same analysis can be done in yaw compputations. These figures show the intermittency factor
and roll with curves of contribution along x coordinate and -f and the boundary layer thickness for a generic forebody
v coordinate of the different parts of the vehicle shape and two flight conditions:
(Fig. 2.1-2). But it is of relevant importance to carefuilly Mach=6 ct=0° and Mach=12 ot=5°
analyse the yaw stability with combustion because there is a The transition onset has been obtained with the linear
balance of nose destabilizing effect and of rearward stability analysis code CASTET from ONERADERAT,
stabilizing effect due to derivative of jet induced pressure in which gives the most unstable vaves and their
sideslip on the edge of nozzle, if it is, as usually, not direction,giving insight in the type of instability KTollmien-
completely axisymnetric and with separation due to under or Schlichting or Cross Flow),coupled with the e' envelop
over expansion. The quality of modelling such derivatives method and a given value of N at transition of 10.
of separated or wash-out areas in 3D is actually poor and Such a code is very useful in the design process since it
request special interest by ad-hoc experiments and allows to understand where the shape must be modified and
numerical workshops. tailored in order to postpone transition

2.2. Problems of stability and control of the flow field 2.2.2 Control of separated flows.

2.2.1. Stability of laminar boundary laver. Of same importance is the control of separated flows.
Generally it comes from interaction of shock waves and

The first problem for aerothental design is the delimitation boundary layer but of greater importance is the wake-shock
ol transition frou laminar to ttrbulent flows. Large increase interaction at the rear of the configuration. The shock-B.L.in the knowledge of the process of transition b\ interaction is generally kvitl high sweep due to high Mach

amiplificatioll of unstable viscous modes has helped to have number so the separated areas are well organized in stable
some codes Ibr evaluation of the most amlplified mode and patterns of conical vortical flows ; exception is for low
crude rule tbr transition positioning e.g. value of N Mach Number or nonnal shock-wave before stbsonic
associated to ex linear ampliIication. Some non linear combustion where the classical control are well kmiown (but
effects are necessary to be accounted for in hypersonic, in not so easy to implement). The major concern is on the
the frame of amplication of incoming flow fluctuations. upstream lanmbda shock-wave boundary laver-wake
I lowever if we consider corner flows or internal flows the interaction because it appears at the rear of the
nioise radiated by tp~streai turbulent flows ua force to configuration and is sensitive to the pressure ratio of nozzle,
transition neighbouring areas so that the importance of to the mixing process and to the temperature of the wall by
keeping laminar the tbrebodv has not to be underestimiate the thickniess of the subsonic sublaver. Stabilizing process
.ind can contribute si Wi"nificantlv. to total drag. Air intake by by passive means or by active control would be of
its interaction w\itll 1lrebod\ boundar, la\ers will an1%\a\ considerable interest.
give transition through shock ilnipigement s.
Moreover the lainiar flow oii the first centimeter of
leading edges of body. air intake, fins \ill contribute
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2.3 Problems of compatibility with low-speed problems encountered in solving complex chemistry and
turbulence modeling equations encourage to have alternate

A lot of subsonic problems are generated by the unusual approach with different codes: giving alternate answer and
aerodynamic shape imposed by hypersonic requirements. so error chasing process it supports an uncertainty
Generally very slender configurations need to have good assessment process as in the hypersonic Hermes program.
handling in high angle of attack because of the necessity of
such high angle due to very low lift generated at low
incidences. MýIaijor problems are coming from vortex 3.2 Integration Validation Object Methodology
bursting location near the control surfaces at the rear and so
to non-linear behaviour in lateral characteristics of such For being sufficiently confident in CFD, it is needed to have
vehicles. If it is a long iteration process to carefully design reference tests used in comparative self-substantiation
the shape of leading edges and their camber compatible between experiments and computation. For that the best
wvith aerothermal requirements of high speed, it is of high methodology is the I.V.O. methodology as developed in the
value to avoid solving the problems by large (for high angle French PREPHA program by Dassault Aviation. Such
of attack) tails or fins "that gives birth to diflicult thermal methodology asks for a comprehensive demonstration of
problems in hl\personic outside of very large leading edge codes capabilities that led to improvement of complete code
radius for the low sweep angle giving efficiency in low- at the level just needed fbr optimization work in the design
speed lateral behaviour, phase and then to flight - simulation self substantiation of

perfonnance.
I.V.O. for Integration Validation Object is a vehicle design

3. DEMONSTRATION - QUALIFICATION OF RAM not to be flyable but to contain all the basic fluid dynamic
-SCRAM VEHICLES phenomena, all the difficulty of the flow solver and of the

geometry of real vehicle but favoring the quality of
3.0. The major problem with such vehicles comes from the measuremel)t in experiments. For example, the thickness of
cost of flight if they need boosters or aircraft to deliver in the lip will be larger to help to measure easily and
the point of the self sustained flight envelope where accurately its effect on stanton number and distortion of
acceleration can take place. One good solution, if possible, flow, the divergence or convergence of flow will be larger
is to drop such vehicles in supersonic Mach number when than necessar, to examuplify the convergence - divergence
supersonic inlet can be started in supercritical regime - effect on flow field, etc... Roughly it is a not so slender but
roughly M Ž 1.8. Moreover the instrumentation to be put on realistic design, easier to be instrumented in tests. Such
such vehicle can be costly due to local high temperature, object a is not at the level of a workshop because it is at
and generally ,rebuilding of performance of combustion and the level of complexity of real vehicle and clearly announce
local losses are done indirectly outside of limited number of that the « true a) design being evolutive in the design phasis,
pressure and temperature measurement. So it is of utmost it will remain as a reference not far but not exactly real
importance to have comprehensive ground tests for helping between real industrial and analytic test it has the
to have experimental data for supporting analysis and characteristic of being a < virtual object )) for the designer
research of improved design - or problem - free design. So and a good tool for experimentalist.
there is a well balanced strategy, of ground experiments -
computations - flight experiments to build with rationale One main objective of such Integration Validation Object is
methodology, to test that the quality of codes is sufficient for really

designing an. integrated vehicle and not only reference

Moreover the main problem will be, after solving problem objects use in research centers with the true weighting of
phasis, to recover the uncertainties to be transforned in problems of elementary accuracy leading to global
margins not too large, other\%ise there is no attractive uncertainties. For example, the models of turbulence and
product, and not too small otherwise there is no end to the combustion to be used really in the design has to be at the
refinements in design. good level for a thrust minus drag data without too large

scatter compared to alternate code ; such verification can be
done globally on I.V.O and elementary by comparison to

3.1 Design tools necessary for success in design more detailed experiments and computations with more
complex modeling of thennochemistry.

Outside of test and error preliminary demonstrators of Comparison between experimental and numerical data on
hopes and problems, where usefulness or cost are not major this I.V.O. configuration will highlight possible defects in
requirements, it is clear that all the advanced way of design the integrated siimlation method , and reveal the a hard
is mandator- for an efficient design. Of particular points a in the correct predictions of overall perfonnance
importance are the flexibility of design and the detailed data.
CFD and thermal solvers. Without such tools no
convergence towards a good design is possible. It means : The first definition of such an I.V.O. ,based on an

features modeling in CAO experiment performed by ITAM (Russian Academy of
unstructtired fluid d\ynamnics and thernal solvers with Sciences), and a preliminary analysis of its adequation to
automatic mesh refinement on shocks and viscous the objective of integration validation ,can be found in [1].
layers Results of related results of experimental investigations
- isualization of data may be found in [141 and [15].

the use of basic fluid dynamics ret'crence tests fbr
validation of codes, of dedicated material tests in realistic
tem perat tire eliromnnent, of' aeroduainmics tests with and
\\ithout coimbustion are the necessary complement to a

smteniatic numerical simu lation approach. Diflticult
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Fijg re 0.1: Schematics of the strong integration of air intake in a vehicle

Figure 0-2: Wake survey analysis in entropy,enthalpy and momentum
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Figure 1.1-1: Shieldi(ng shoc k Figure 1.1-4: Different forebodv
configurations

b)

Fiatire 1.1-2: Different forebiody shapes without Figure 1. 1-5: Drag coefficients for the
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Figure 1.1-19: Overheating due to shock-shock interaction
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Figure 1.1-2(1: Shock houndary layer interaction in a corner
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Figure I. !-21 : Reference positions on a generic configuration
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Fi(_iure 1. 1-22: Generic air intake All Fijjure 1.1-24: Generic air intake A13

Fi,_iure 1.1-23: Generic air intake A12 Fi(_,ure 1. 1-25: Generic air intake A14
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Fi(_Ytre 1.2-3: Reference
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Fi~iir 1.-I Cutin he ~fltrUtI~C(Iineli~n ~Figure 1.3-4: Pressure coefficient on the body
synlietrN planle of the aircraftsufcI()(=,Srmemo.
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Fi Fu re 1.3-11I: Integrated
.FOe mFsoo evolution of lift along the

vehiclc.Effect of angle of
attack (scramjet modec).

Fig~ure 1.3-12: Integrated
evolution of pitch along the
i'ehicle.Effcct of angle of
attack (sc ramjet modIe).

F i 1_u re 1.3-13: Integrated
C-1 evolution of pitch along the

vehicle. Effect of Mach numbier
r=.6(scranijet mlodeC).
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FiLture I.3-14:Domain decomposition between FiLrure 1.3-17: Inviscid calculation of the flow in
areas where the Navier-Stokes equations are the air intake, for Mach=1O
solved and areas "-here the Eulcr and Boundary
layer equations are solved.

Fijsure 1.3-1-5:nviscid calculation of the flow in Fi~yure 1.3-18:Viscous calculation of the flow in
the air intake,for Mach=6.Note the shock on lip the air intake for MachlO0
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Figure 1.3-16:\Viscous calculation of the flow ill Fijurc l.3-19:Comparison of wall p~ressures for
the air intake for Nlach=6.The shoe klhou nda ry inv iscid and viscous calculations,for Mach=10
laser leads to inlet unstart.
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Inlet and Propulsion Integration of RAM Propelled Vehicles

N.C. Bissinger
Daimler-Benz Aerospace
Military Aircraft, FE 122

Postfach 80 11 60
81663 Munich, Germany

Summary development and life cycle costs are some of the more
The design of intakes and afterbodies for hypersonic important ones (fig. 1-2).
vehicles with RAM air breathing propulsion systems is
described. The aerodynamic aspects of the integration This presentation will concentrate on the
of the forebody with the intake and the afterbody with aerodynamic/aerothermodynamic aspects of the
the nozzle are outlined. The potentials and deficits of integration of a flight vehicle with its propulsion. These
todays available tools are demonstrated and a strategy can best be comprehended by looking into the
for the design of the propulsion system for a hypersonic aerodynamc design and its problems of both
vehicle is proposed. forebody/intake and nozzle/afterbody (fig. 1-3). The

state of the art of the development and verification tools
1. Introduction is discussed. One possible strategy for the development

Integration of a propulsion system into a flight vehicle of a hypersonic vehicle is presented.

has always been a task of the intake and afterbody
specialists. E.g. in fighters the intake and the nozzle 2. Intake Design
were integrated such that an optimum on performance
for a given engine could be achieved. Of special 2.1 The RAM Compression Process
importance was the adaptation of the intake geometry to The thermodynamic cycle for a RAMjet propulsion is
the on-set flow produced by the forebody and the shown in Figure 2.1-1 Nearly all of the kinetic energy
shaping of the afterbody such that separations, shocks of the free-stream flow is converted by the intake into
and unsteady flow phenomena could be avoided, pressure energy (points 2t, 3t). The combustion takes
Besides the major problem of finding the "proper place at nearly constant pressure and the combustion
aerodynamics" it has always been necessary to also products are accelerated by the nozzle from station 7
consider boundary conditions like weight, complexity, and expand to the external static pressure P0 at station
fuel consumption etc. of the found solutions. 9. The compression taking place in the intake is called

a RAM compression in which the flow is decelerated to
In order to reduce the size, i.e. improve the overall low subsonic Mach numbers. The process inside the
performance, of a hypersonic flight vehicle parts of the intake is the same regardless in which way the energy is
aerodynamic tasks of the intake and nozzle are added behind it. This could be inside a combustion
transferred to the forebody and afterbody. The forebody chamber as in the case for a RAMjet or inside a Turbo-
is supposed to produce part of the compression of the engine. This RAM compression takes even place inside
intake air, the afterbody is used as a part of the the intake of a LACE engine (liquid air collection).
expansion surface of the nozzle. This way the There the air is cooled and compressed before being
aerodynamic vehicle performance and the propulsion used in a rocket chamber.
performance become closely coupled via the integration
of the intake with the forebody and the afterbody with The Mach number range for both the Turbojet and
the nozzle. Both have to be optimized together in order RAMjet are indicated in Figure 2.1-2. As can be seen in
to achieve the mission requirements with a minimum of Figure 2.1-3 at higher Mach numbers the total
vehicle size and costs and a maximum payload temperatures exceed 2000K and dissociation begins to
(fig. l-1). degrade the performance of the RAMjet engine

drastically. The maximum Mach number for a RAMjet
The strategy of component integration can only work if Propulsion is between Ma = 6.0 and 7.0.
it can be assured that it does not lead to major
aerodynamic problems with unwanted drag increases or 2.2 The Task of the Intake
thrust reductions. In the contrary it is hoped that it Th e is the IntakeThe intake is the most critical part of a
might produce drag reductions or thrust increases, supersonic/hypersonic airbreathing propulsion system.hopefully both.sursn/hproiaibetigpolinsyem

It must deliver air to the engine or combustion chamber

Aerodynamics/Aerothermodynamics is a major design for all flight Mach numbers at a desired rate (mass
driver for a hypersonic vehicle. However other flow) and flow conditions (pressure recovery andimportant boundary conditions cannot be disregarded: distortion). This delivery must be accomplished by aslittle losses and drag as possible. The intake weight and
type of propulsion, structures and weight, systems and complexity should not be excessive. Many non-
control necessary, complexity and reliability, aerodynamic factors are influencing the selection and

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genbse,

Belgium from 15-19 April 1996 and published in R-813.
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design of an intake. Examples are vehicle configuration
and its overall performance. For the intake of the Sanger first stage the fuselage

precompression will help to down-size the mixed com-
Aerodynamically the intake is converting the kinetic pression intake. The highest flight Mach number
energy of the flow into pressure energy (fig.2.2-1). This envisioned is Ma=6.8.
compression can take place either in front of the intake
(e.g. precompression due to a forebody) or inside the The fact that for the highly integrated mixed
intake. At Mach numbers larger than one the compression intake there is no upper Mach number
compression with minimum losses would be an limit given does not mean that no limit will be reached.
isentropic compression. However, the geometry of an There is just no information on operational intakes
intake with such a property can only be a point design above Ma-8 available in the open literature. In addition
for one specific Mach number. Instead, the supersonic these will be purely SCRAM intakes not to be covered
compression is being accomplished by a succession of here.
shocks. The higher the number of shocks the closer will
be the compression process to the isentropic one. The All this intake types can be realized by an
supersonic compression is ended by a nearly normal axisymmetric, two-dimensional or even three--
shock after which the flow is completely subsonic. dimensional design.
There is further compression inside the subsonic
diffuisor by area variation. The axisymmetric intake consist of a translating conical

centerbody inside a circular cowl (Fig.2.3-3). This
design is not very flexible in the variation of the throat

2.3 Intake Types area. Today research is still going on to design and
Intakes are characterized by the way and where the manufacture a variable-diameter centerbody without
supersonic and subsonic compression takes place. The structure and leakage problems (Fig.2.3-4).
pitot intake (fig.2.3-1) can be optimized for subsonic
flight vehicles. At supersonic Mach numbers a normal The two-dimensional intake accomplishes the
shock forms ahead of the intake. The external ramps compression by a succession of plane shocks created at
(i.e. external of the intake duct) of the external flat ramps and inside a rectangular intake duct
compression intake are responsible for the supersonic (Fig.2.3-5). It is superior to the axisymmetric intake
compression. The final shock stays ahead of the intake with respect to its good adaptation to the required mass
lip. The duct flow is purely subsonic. The compression flow variation inside the flight envelope.
shocks of the internal compression intake are located
inside the intake duct. This type of an intake with Three-dimensional intakes are very difficult (and
purely internal compression is used very seldom. The probably expensive) to design and develop that so far
more common form is the mixed compression intake only few projects have become known. In Ref. 2.7 a
which is a combination of an external and an internal very interesting study is presented for a 3D fixed
compression intake, geometry mixed compression SCRAM intake

(Fig.2.3-6).
The flight Mach numbers of these intake types can be
quite different. Figure 2.3-2 depicts the attempt toidentify their Mach number range and the maximum 2.4 Basic Intake Parameters

r achibevabe. This section can just give a very short overview. More
flight Mach numbers adetails can be found in the excellent Reference 2.1.

This figure indicates that the pitot intake is of no
interest for hypersonic vehicles although aircraft like 2.4.1 Efficiency
the F16 can reach Mach numbers close to Ma=2 with The efficiency of the compression process inside and
such an intake, ahead of the intake for todays aircraft is described by

the ratio of the mean total pressure Pt2 at the engine
The external compression intake is typical of aircraft face to the free stream total pressure pto (fig.2.4.1-1).
like the Tornado or F14 and F15. Ma=3.0+ is probably The total pressure at the engine face plane is measured
the highest Mach number reacheable with such an in model tests by pitot rakes. The individual pitot
intake. pressures are area weighted to form the mean value.

Another way to define the efficiency of the compression
The mixed compression intake has been proposed for is by the kinetic energy efficiency ilkin. In contrast to
the supersonic commercial transport aircraft of the the total pressure recovery this parameter cannot be
1970's. Their design Mach number has been Ma=3+. measured directly with a windtunnel model. For ideal
Recent proposals like the Beta II airplane (Ref.2.12) gas flows both the pressure recovery and the kinetic
claim to be able to reach Ma7=6.5 with this intake energy efficiency are connected by the equation in
design although integration of the propulsion system Figure 2.4.1-1. As can be seen for high Mach numbers
with the aircraft is not very close. Mach numbers of is very close to one and can be very misleading.
Ma=3.5 have been flown by the SR71. rlkin
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In case that there is heat removal, e.g. due to cooling of Best performance would be reached when intake and
the forebody wall, the exergy efficiency might be a good engine mass flows would match at all flight conditions.
way to characterize the compression process (Ref.2.8). However, an intake sized for the mass flow of the

engine at the highest supersonic Mach number delivers
At higher Mach numbers the temperatures in the intake too much air at transonic flight (Fig.2.4.3-3). If no by-
flow become so high that the ideal gas model no longer pass for excess air is available spillage around the
applies. The measurement and derivation of the intake lip (and sidewalls) of external compression
efficiency parameters is then no longer straightforward. intakes takes place. In mixed compression intakes

dump doors and/or the variable geometry must provide
Figure 2.4.1-2 gives the calculated values the oblique the spillage necessary. In any case increased total
shocks, the boundary layers, the normal shock and the pressure losses and additional drag are the
subsonic diffusor contribute to the overall losses of consequences. A variable capture area of the intake
fixed and variable intake models. At the design Mach could also relieve the situation to some extent.
number Ma = 8.0 the fixed intake shows a lower However, the price for the possibly reduced drag is a
pressure recovery than the variable intake. This could higher complexity.
be due to the higher internal compression of the fixed
intake. This illustrates the fact that good efficiency is
also connected with the "correct" ratio of external to Intake dragintenalcomresion.Thekinticenery eficenc of Intake drag is defined as the drag difference betweeninternal compression. The kinetic energy effi ciency of t e fo ih A / C = 10 a d A / C < 10all the models is of the order of 1I "n = 0.92. the flow with A0/AC = 1.0 and A0/AC < 1.0.
Calculations of the specific Impulse ofia RAn.jet Considered are the components in flight direction of theCalculateit ans of 0.90 specificshoulsed0 a b~et forces on the free surfaces of the streamtube entering
indicate that an 1 kin of 0.90 to 0.92 should be the intake (F1 and F2 in Figure 2.4.4-1). Because thesufficient for nearly optimum performance (fig.2.4.1-3). pressure on the intake cowl depends also on the intake

mass flow, i.e. spillage, its change of its drag
2.4.2 Distortion and Swirl component is usually added. Depending on the
For the Turbo engine the flow at the entry must be as configuration additional drag components can derive
uniform as possible because flow distortion and swirl from a bypass/bleed system and a diverter.
can degrade performance and reduce the surge margin
of the compressor drastically. The combustion chamber
of a RAMjet seems not to be so sensitive because it is

possible to stage the injection of fuel such that it fits to
the flow coming from the intake. What happens if the 2.5.1 Intake Selection
location of the low pressure area(s) and of the center of The selection of the intake depends on several factors
the swirl varies with mass flow, i.e. power setting, is between which it is not easy to find a good compromise.
still an open question. Figure 2.4.2-1 gives the example
of the distortion and swirl produced by an S-shaped From Figure 2.5.1-1 it is clear that at hypersonic Mach
diffusor and the definition of a distortion parameter numbers only the mixed compression intake will deliver
defined by a turbo engine manufacturer. the pressure recovery necessary. A good compromise

would be to design a variable intake that operates with

2.4.3 Intake Airflow Characteristics external compression in the lower Mach number regime
and with mixed compression at the highest Mach

The mass-flow characteristic of an intake is expressed nu Frthe chmregime at5tMa<highastypica

in terms of its capture area-ratio AO/Ac (Fig.2.4.3-1 numbers. For the Mach regime 3.5<Ma<6.0 a typical
and 2.4.3-2). Both total pressure recovery and intake sensitivity of net thrust on intake pressure recovery isdrag are a function of this mass flow ratio. At given. Compared to the nozzle gross thrust sensitivitysupersonic flight the mass flow entering the intake this is not very large. The net thrust is much moresupesonc fightthemas flo enerig th inake sensitive to changes in intake mass flow (Ref.2.14).
depends largely on the geometry of the compression
surfaces ahead of the intake and the shocks created by Next the ratio between external and internal
these surfaces. The mixed compression intake shows Nest the iotake exte deternalthe best performance when the terminal shock is compression of the intake must be determined.
located just downstream of the throat and when the Figure 2.5.1-2 gives some Pros and Cons for antroated Mach dwnu amb is nheahrl t o ne. Ireasng the increase of the internal compression. Depending on thethrot Mch nmbe is eary on. Icreaingthe actual vehicle configuration some of the arguments can
downstream pressure (e.g. by fuel injection or closing of
the nozzle) pushes the terminal shock out of the intake. be more or less important. A good and large data base
This event is called "unstart" (of the internal on intake flows is needed to find a reasonable decision.Tompression)whis eetscldunestvelart oe ind stenaly It does not matter whether this data base was generated
compression) which produces very large and unsteady b idunltsigo yCD

structural loads. Ideal would be the highest pressure

recovery r1 in connection with an AO/AC = 1.0, In Compared with a two-dimensional intake one can
reality there will always be a compromise between expect higher pressure recoveries for the axisymmetric
pressure recovery and mass flow. mixed compression intake (fig.2.5.1-3). The reason lies

in the reduced viscous losses inside the intake and the
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lower shock losses of cone shocks. In addition the intake engineer to look for difficult compromises in the
inevitable leakage rates of the axisymmetric intake will intake design. For example, the demand for high total
be smaller than the ones of the two-dimensional intake, pressure recovery during the turbo propulsion mode can

make the use of boundary layer bleed mandatory which
Figure 2.5.1-4 gives the qualitative results of the during the RAM mode (at higher Ma) is not necessary
selection process for different intake types for a or even unwanted because of the mass flow sensitivity
hypersonic vehicle like Sanger. As can be seen there are mentioned above.
various aspects that can influence the selection of an
intake for a specific vehicle and its mission. In the following chapters the topics intake capture area,

the external compression, the supersonic diffusor, the

2.5.2 Forebodies internal cowl lip angle, the throat area and the subsonic
diffusor of a two-dimensional mixed compression

For the intake engineer everything in front of the first intake will be looked at (fig. 2.5.3-1).
intake ramp is forebody. Its shape must be such that the
intake is downstream of the forebody shock(s) for all
Mach numbers and angles of attack (fig.2.5.2-1). The 2.5.3.1 Intake Capture Area
geometry of the forebody defines the conditions with The intake capture area is defined by the mass flow
which the air enters the intake. Nose bluntness and demand of the engine at the highest flight Mach
angle of the lower forebody surface influence the shock number. At this condition the intake is run at full flow,
strength and losses. Boundary layer transition, real gas i.e. AO=AC, and with the external compression shocks
effects and radiation are other factors responsible for coalescening at or close to the lip of the cowl. Spillage
the energy losses of the intake on-set flow, is minimum, its magnitude depends mainly on the

geometry of the intake sidewalls.
The shape of the forebody also influences the flow
angularity and uniformity at the intake station. Figure
2.5.2-2 demonstrates the ability of different forebody 2.5.3.2 External Compression Ramps
shapes to compress the air and therefore deliver The length of the external ramps are defined by the

different amounts of air. shock on lip condition at the highest flight Mach
number and the specified capture area AC. The number

The geometry of the fuselage bottom and side walls of ramps depends on the external compression that is to
have a strong influence on the boundary layer be achieved. Small total pressure losses and simplicity

development of the forebody. (Other important factors of the design are main goals in the selection process.

are Mach number and angle of attack.) Figure 2.5.2-3 Ideally, the ramp angles are selected such that the

clearly shows that the boundary layer thickness on the shocks are of equal strength thus producing optimum
centerline is more than twice as thick than at the pressure recovery (Ref. 2.21). At the same time the lip

position of the intake sidewalls. Similar effects have area Alip must be large enough for the mass flow

been found in other references, e.g. Ref.2.19. The demand bf the engine. If the intake is to be used in the
lower Mach number range as an external compression

knowledge of the boundary layer thickness is needed lwrMc ubrrnea netra opeso
for the determination of the diverter heightc intake together with a turbo propulsion unit the number

of oblique shocks and their ramp angles must be large

How much the Mach number in front of the intake can enough to reduce the flow Mach number ahead of the

be reduced and therefore the mass flow be increased for normal shock at the intake lip to about Ma - 1.2 .
a specific forebody configuration is depicted in Otherwise the normal shock losses may become too
Figure2.5.2-4. Because of the reduced Mach number large and/or a large amount of bleed is necessary to

the compression of the intake and shock strengths can stabilize the normal shock. It is obvious that only a
be reduced. Losses due to shock/boundary layer variable intake can have a flow that comes close to the
interactions decrease. The increased mass flow ratio wanted one. To find the optimum control laws for the
makes a reduction in intake size or a thrust increase external ramps is a very difficult task and requires
possible. several iteration cycles until the intake performance

achieved gives optimum propulsion and vehicle
performance.

2.5.3 Definition of the Intake Geometry
After the specification of the mission and the general Aerodynamically there are two limits for the ramp
configurational layout of the vehicle (including the angles that can be selected. If the ramp angles become
location of the intake(s)) the design of the intake can too large the shocks detach producing large losses.
start. The flow conditions at the begin of the intake They can even become unstable. Before the limiting
must be determined. This may be done by three- ramp angle for shock detachment is reached the
dimensional CFD calculations covering the whole of pressure jump across a shock can become so large that
the flight envelope. Design points along the flight it produces a separation, Bleed or blowing is the means
corridor must be specified. Usually the highest Mach to remedy such a situation if the shock strengths cannot
number defines the capture area of the intake. However, be reduced by reducing the ramp angles. Reduced ramp
requirements at lower Mach numbers can force the
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angles mean less compression and more entering mass data either from model tests or CFD calculations. As a
flow. first estimate the kinetic energy efficiency and thus the

total pressure recovery for similar intakes can be taken
With the three-dimensional effects of viscous from the literature (fig. 2.5.3.3-2). Subtracting the total
shock/boundary layer interactions unknown experience pressure recovery across the external shocks gives the
shows that it is a good approximation to use inviscid total pressure recovery for the supersonic diffusor. With
shock tables (Ref. 2.22) for the location and the the known total pressure ratio inside the supersonic
determination of the flow changes across the external diffusor a simple mass balance consideration does
shocks. The effects of varying ratio of specific heats can produce the wanted area ratio Alip/Athroat where A/A*
be included if necessary. The boundary layers on the is a function of Mach number only (fig. 2.5.3.3-2).
ramps will make the shocks steeper, i.e. they move
upstream, away from the lip. This small effect usually is
considered as a safety margin for the shock on lip 2.5.3.4 Lip Angle
design point. So the shocks are not directly focused on Aerodynamically the geometric lip angle 81ip is of no
the lip but just in front of it. This way excessive heating interest. What is important is the flow turning angle at
of the cowl can be prevented, the lip (ORamp - 8Lip) . The turning angle defines how

much internal compression can follow after a given

2.5.3.3 Throat Area external compression or how much external

In the external compression mode (e.g. turbo compression can precede a given internal compression.

propulsion) the throat is located close to the lip plane.
The Mach number in the throat is subsonic and of the There are several important aspects for the selection of
order of about Ma - 0.6 ÷ 0.8. The external ramps must 6 Lip (fig. 2.5.3.4-1):
be positioned such that the correct throat area is
formed. At the same time the shocks of the external In general aLip should be small in order to keep the
ramps should have the same strength for optimum frontal areaoad the external axial forces (e.g. on
pressure recovery and they should pass the lip as close the cowl) of the intake small.as possible for minimum spillage. - During the external compression mode the subsonic

diffusor should start as close as possible to the lip.

In the mixed compression mode the throat is inside the Therefore, 6Li should be equal or bigger than 6

intake (internal compression). The Mach number at the Ramp- Its vaue depends on the highest Mach

throat should be close to Ma = 1.0. For safety reasons number reached with external compression. For

(e.g. for small variations in the flight conditions) the this compression mode 8Ramp is largest at the

throat Mach number is fixed at Ma = 1.2. This defines highest Mach number.
a minimum area ratio Athroat/Alip. The actual value of - During the mixed compression mode the lip flow

this ratio depends on the Mach number at the lip and turning angle must be selected such that a lip shock
the losses in the flow between the lip and the throat. For of sufficient strength is created. For a turbo
an isentropic supersonic compression an analytical propulsion that requires high total pressure
expression for this area ratio can be derived (Ref. 2.1). recoveries the lip shock and its reflections should
This expression is plotted in Figure 2.5.3.3-1. It is have the same strength (according to Oswatitsch,
called "unstart limit" there. If the area ratio is smaller Ref.2.21) as the external compression shocks. This

than defined by this curve the internal compression requirement usually is somewhat relaxed at the

breaks down. Its final shock pops out of the intake to highest flight Mach number. Here RAM propulsion

start an external compression mode with high losses is used and total pressure recovery is less important

and possible instabilities. This graph also shows the than mass flow. 6 Ramp assumes its maximum
"starting limit" of an isentropic supersonic value. This can result in an appreciable magnitude
compression. In order to start the internal compression for 6 Lip.
again the area ratio Athroat/Ali has to exceed the
values defined by this limit. Ater the start of the As with the external compression shocks the flow
internal compression the area ratio can be reduced turning angle at the lip should not exceed its
again for higher total pressure recovery until it reaches detachment limit. The lip shock should also not
values in the shaded area called "operational intakes", separate the boundary layer. This danger is relatively
see Figure 2.5.3.3-1. small at the lip. However, at the shock reflection point

on the ramp side the pressure jump can be large enough
In an actual intake design the determination of the to separate the boundary layer. This danger of
throat area is very critical and difficult. Many factors separation is even higher if on the ramp side a thick
can influence its value that cannot be specified at the fuselage boundary layer is swallowed by the intake.
beginning of the design process. For example the There is a conflicting requirement for a lip shock
thickness of the boundary layers, the amount of bleed strength high enough to give good total pressure
mass flow and the number of shock reflections of the recovery and low enough to not separate the intake
internal compression play an important role. The boundary layers which could unstart the intake. If bleed
estimation of the throat area can be based on available can be utilized (up to Mach numbers of Ma - 4.5) this
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problem can be solved although it involves additional and weight of the intake. Because a lowering the total
drag. For Mach numbers above Ma - 4.5 without bleed pressure reduces the static pressure loads of the intake
quite a lot of development work will be needed here again a compromise between performance and
including flight test vehicle investigations, weight has to be found.

The task of the subsonic diffusor is the maintenance or
2.5.3.5 Supersonic Diffusor establishment of uniform flow. A well behaved diffusor
With the internal lip angle and the lip and throat area depicts only small total pressure losses (3 to 6 %).
determined the next step is to find the geometry of the However, in case the throat section is not long enough,
supersonic diffusor. Its task is not only to compress the
air and to reduce its Mach number but also to reverse separat at th e entance of t e sboi dfs canthe lowturingof te eteral omprssin srfaes. occur that can become unstable. In Ref. 2.30 the length
the flow turning of the external compression surfaces, of this separation reached about 6 times the throatThis requires local curvature of the walls. Therefore, height (fig. 2.5.3.6-2) at the highest shock Mach
the flow and its shocks can no longer be treated with hei (fig. 25.- a high es shock Acnumber connected with a highly curved shock. At
simple methods like inviscid shock tables. Here Euler intermediated Mach numbers the flow transitioned
and Navier-Stokes methods are of great help to the intermittently between a fully attached and a fully
intake designer. At least for two-dimensional intakes separated flow situation (fig. 2.5.3.6-3). The steep
the 2D flow can be calculated for quite a large number increase in unsteady top wall static pressures indicates
of different and alternative geometries within a the unsteadiness of the separated subsonic diffusor flow.
reasonable time. The Euler results need some empirical The shock motion is predominantly of a low frequency (
information about shock/boundary layer interactions as < 100Hz for full-scale intakes, Ref. 2.32). The
a function of say pressure gradients or jumps. The mechanisms of these separated flow oscillations are not
Navier-Stokes calculations will clearly reveal allseparations candeveniunst willoblearly ryet fully understood. Attempts to calculate the dynamic
separations and even unstart problems. effects were not satisfactory (Ref. 2.31). So there

In 1972/1973 Boeing and NASA (Refs.2.24, 2.25, 2.26) remains an uncertainty for the intake designer whether

developed simpler methods which were based on the or not for his specific design and its entrance flow

patching of the solutions of the calculation of rotational conditions unsteady behaviour and unexpected losses

inviscid flow and boundary layers. A special treatment might occur.

for the shock/boundary layer interaction was needed
(fig. 2.5.3.5-1). Even extensions to three dimensions 2.5.3.7 Bleed
have been developed (Ref. 2.27). The efforts to produce Control of the boundary layer growth and separations
fast and robust methods to find the global flow inside the intake can be accomplished by bleeding. Also
conditions during the intake design process have been by removing low momentum portions of the boundary
continued until today (Refs. 2.28 and 2.29). Figure layer shocks can be stabilized. Because this removal is
2.5.3.5-2 shows the the difference between the connected with losses (mass flow deficit and
geometric and the effective (inviscid) intake contour momentum) bleed should be applied as little as
from the lip station to the throat. It can clearly be seen possible. The bleed ducts necessary also add to the
that the boundary layer on the ramp side is relatively intake weight. Partial recovery of the bleed air moment
thick compared to the cowl boundary layer. The ramp is notan easy task.
boundary layer thinnens at X - 45 in.. This is the
position where the lip shock is reflected on the ramp. The mass flow that can be removed by a bleed hole of a

given diameter depends on the inclination of the hole,
the pressure ratio between intake and bleed plenum and

2.5.3.6 Throat Length and Subsonic Diffusor the local Mach number (Fig. 2.5.3.7-1). Inclination of
The shape of the terminal shock of the internal the hole gives minimum losses. For the stabilization of
compression can be quite different. Depending on the the terminal (normal) shock of the internal compression
Mach number in front of this shock and the boundary bleed holes normal to the intake wall must be applied.
layer thickness on the throat walls it can consist of a The total amount of bleed mass flow is a function of the
single shock (Ma-1.0) or a succession of shocks (called effective area of all bleed holes on an intake surface.
shock train) for higher Mach numbers, see sketch in However, there is not always the area available that
Figure 2.5.3.6-1. Within this shock system a turbulent would be needed. Also a large number of bleed holes
mixing process takes place that must be completed can lead to structural problems and weight increases.
within a constant area section otherwise losses in total
pressure will result. The shock train length is given in Figure 2.5.3.7-2 lists some of the aspects connected
Figure 2.5.3.6-1 as a function of boundary layer with bleed for the Stnger project.
thickness and upstream Mach number. In addition total
pressure losses due to insufficient constant area section
length are also specified. As can be seen the total 2.5.3.8 Intake Control
pressure losses are much larger in case the throat Intake control is highly configuration-specific.
section is too short. A throat section of 6 to 10 times the Therefore only general ideas (for a two-dimensional
duct height can contribute considerably to the length intake like that for Sanger) can be presented here.
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be touched in chapter 2.5.2. The effects of energy losses
Control of the external compression mode requires that due to radiation and cooling on the intake flow can only
the external ramps are positioned such that the shock be estimated in the mean. The usual assumption of
losses and the spillage are not larger than anticipated constant total temperature in the intake flow becomes
and the lip area is large enough to swallow the mass more and more unrealistic with increasing Mach
flow demanded by the engine. The internal ramps have number.
to be positioned such that the intake throat is at the
intake lip and the intake duct forms a subsonic diffusor Shock/boundary layer interactions: Ramp shock and
with small losses. Control systems for this mode are reflected shock/boundary layer interactions are the next
well known from the development of fighter aircraft. phenomena bothering the intake designer. There exist

several criteria for incipient shock induced boundary
In the mixed compression mode not only the correct layer separations. The more simpler ones are functions
ramp positions and lip area have to be arranged but also of local Mach number and turning angle only. They are
the throat height that optimizes the internal supported by test data up to Ma _ 4.0. More
compression without unstart (fig. 2.5.3.8-1). In addition sophisticated ones include the flow conditions of the
the position of the terminal shock has to be controlled boundary layers. However, especially during the design
to assure pressure recovery and prevent unstart. The phase the state of the boundary layers are never known.
position of the terminal shock (for a given intake So the engineer has to rely on the simpler and not so
geometry) is defined by the back-pressure of the intake accurate ones. It is interesting to note that for incipient
diffusor. This pressure can be varied by the amount of separation the pressure rise across a ramp shock and
fuel injection and/or the size of the nozzle throat area. across a shock reflection are equivalent (Ref. 2.34).
Therefore the control of the intake is highly connected Thus, the shock reflection is more prone to separation
to the control of the rest of the propulsion system. In due to its larger pressure jump which is twice the
addition the intake control has to establish the internal pressure jump of the single shock.
compression system and to initiate the restarting
procedure in case of an unstart. Cooling of the wall delays separation because of the

larger momentum fluxes in the boundary layer
Several systems have been proposed in the open (Ref. 2.35). According to Ref. 2.36 shock separated
literature (Refs.2.32, 2.33). They all must fulfill the flows can be classified as pure laminar, transitional or
requirements of simplicity, reliability and accuracy turbulent. Pure laminar separations are steady in a
under very severe working conditions of high supersonic stream and depict only a small Reynolds
temperatures, high pressures and high levels of noise number dependency (these become more likely with
and vibrations. Static wall pressures and/or total increasing Mach numbers). Transitional separations are
pressures in the flow are in general used as control generally unsteady and exhibit a marked Reynolds
variables. Final calibration of such a system can number dependency. Turbulent separations are
probably not be done in a windtunnel. So preliminary relatively steady compared with transitional separations
scale-model data will have to be validated during flight and depend only weakly on Reynolds number. If
testing. separations cannot be prevented transitional separations

conceal the biggest uncertainties for a successful intake

2.5.3.9 Sidewalls design because they can hardly be modelled neither in

Sidewalls are usually selected based on experience, the windtunnel nor in CFD.

Reducing sidewalls decreases friction drag, boundary
layer build-up, boundary layer/shock interactions and The question whether or not just a little" separation is
weight. However, due to the pressure difference permissible for the optimization of the intake (i.e.between the external ramp shocks and the freestream optimization of the vehicle) cannot be answered
side-spillage will be increased. Again a compromise because there is no way in quantifying the losses due tobetween performance, mass flow and weight has to be shock boundary layer interactions and separations. So itbetwen erfrmane, assflowandweiht hs t be is most likely that an intake design is too conservative
found. A sidewall from the hinge-point of the second os that an ia dg s conservativeor that it is not conservative enough and does not work.
ramp to the leading edge of the cowl from the Final proof of concept is only possible during flight
aerodynamic stand-point seems to be close to an
optimum solution. testing of the vehicle.

Corner flows/gJancing shock: Corners are predominant
2.6 Some Selected Topics in two-dimensional intakes. However, even in

axisymmetric intakes corners can be found at the struts
that hold the center-body. These strut-corners are

2.6.1 Aerodynamic Phenomena Affecting Intake usually located in the subsonic flow behind the terminal
Performance shock of the internal shock system. So with sufficient

Forebody flow: Figure 2.6.1-1 gives some of the rounding of the strut leading edges and the corners

aerothermodynamic phenomena one is confronted with losses can be kept small.

during the hypersonic intake design. Starting on the top

left the aerothermodynamics of the forebody has already
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The corner flows in two-dimensional intakes are
supersonic and are usually modelled as flows around The optimization is done by minimizing an objective
fins on a flat plate or a ramp (e.g. Refs. 2.37 to 2.39). function. The flow codes used in references 2.41 and
They are closely connected to the glancing shock 2.42 have been an Euler and a laminar PNS code.
problem. 3D separations both on the ramp and on the Performing a three-dimensional viscous optimization
sidewall lead to the formation of vortices which (today) seems to be an extremly costly adventure but
transport boundary layer and high energy core air into even the optimization of detail aspects of a hypersonic
the corner. This flow produces peak heating values intake (e.g. the ratio of the (inviscid) external to
similar to shock reflection flows, internal compression) could help the designer

considerably.
In an intake this type of a flow occurs either between
the first ramp and the intake sidewalls or between the
cowl and the sidewalls. On the first ramp the sidewall 2.6.4 Structural Aspects
boundary layer is either very thin due to its short To lons ide the iagntake ou are pndlength, or, if e.g. fuselage boundary layer is swallowed pressure loads inside the intake values are given in
by the intake the ramp (fin) boundary layer is much Figure 2.6.4-1 for HYTEX. Temperatures as high as

thicker than that on the sidewall. The corner flow on all 1800 0C and pressures ofA 6 bars can be present in thefollwin raps ill iffr fom his ode du to subsonic diffusor. A structure that can withstand suchfollow ing ram ps wi ll diff er from this m odel due to hi h l a s w t o t oo m c de r ai ns nd i h
additional shocks and pressure jumps. Only the high loads without too much deformations and with
calculation of the complete duct flow could give a minimum weight must carefully be selected. For the

complete description of the flow physics inside the pressure relief of the ramps the ramp cavity must be

intake. pressurized. The pressure difference on the cowl tip can
become large. Because at the higher flight Mach

For the cowl side the boundary layers of these numbers the external ramp shocks are very close to or

modelling tests are closer to reality. However, the cowl at the cowl the cowl tip is very critical concerning

is not a plane but a curved surface. Therefore, there will deformations. Ramp actuators available today must be
be pressure gradients in flow direction. Also the flow cooled or insulated.

along the cowl is not an external flow. It takes place
inside an intake duct, i.e. it is a confined flow. The Other aspects applicable for Singer are collected in

pressure gradient along the cowl is influenced by the Figure 2.6.4-2. Although no strong temporal

flow on the opposing ramp side. Sofar no investigations temperature gradients are to be expected the local

concerning blowing at the corner came to the attention temperature gradients can be quite high. Deformations

of the author. With such an investigation one could of the flat surfaces can alter the intake flow and

model intentional leakage flow between the ramps and critically influence the capture and throat area. Gaps

the sidewalls. Using cold gases for this leakage flow and steps in the intake skin are dangerous because of

could ease the heating problem of the ramp seals, confined flow effects (shock reflections). The effect of
forebody deformation on pre-compression must be
known and included in the intake control laws. In

2.6.2 Confined Flows addition to have a clearly defined intake on-set flow the
In intakes shock boundary layer interactions cannot be intake should be rigidly attached to the forebody.
considered as two-dimensional flow effects. They
depend on the confinement parameter 6/w, i.e. the ratio A light-weight flight structure will not be able to
of the boundary layer thickness to the duct width sustain intake unstart loads. So the control system must
(Ref 2.40). For large values, i.e. for thick boundary be designed such that no unstart will occur. How
layers, the separation on the bottom of the duct becomes atmospheric disturbances that could lead to intake
highly three-dimensional (fig. 2.6.2-1) whereas for unstart will be discovered and quantified is a still open
smaller values at least part of the separation is nearly problem.
two-dimensional. The separation is accompanied by
longitudinal vortices. The introduction of an additional 3. Afterbody design
important parameter makes the prediction of the danger The "ideal" afterbody would be just a thrust producing
of separations and the quantification of their losses even nozzle. The process of expansion in such a nozzle is
more complicated. shown in figure 2.1-1. Because the combustion takes

place at nearly constant pressure the maximum nozzle

2.6.3 Optimization pressure ratio (from station 7t to 9) is determined by the
Always looking for new topics to work on the CFD pressure ratio realized by the intake.
community started to impliment optimization methods.
The first step in this direction are still somewhat The flow at station 7 is subsonic for a propulsion
limited (fig. 2.6.3-1). However, there is a potential that system with an intake of the RAM type. It can be
should be used if it offers the possibility to reduce the produced by the combustion chamber of a RAMjet or a

efforts of designing the optimum intake for a turbojet with or without an afterburner. The task of the
hypersonic vehicle, nozzle is to expand this flow (i.e. accelerate it) as
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efficiently as possible to the conditions given at coefficient CFG increases whereas the magnitude of
station 9. peak CFG decreases with increasing A9 /A8 . For a

given operating condition the optimum nozzle

The flow conditions at station 9 are defined by the performance occurs at an area ratio that is smaller than

actual nozzle and afterbody flow, i.e. they can deviate that one for the peak thrust coefficient. Factors that

from the free stream flow conditions (station 0). influence the nozzle efficiency are summarized in

Therefore, for the understanding of the integration Figure 3.2-3.

problems of the afterbody/nozzle configuration of a
hypersonic vehicle it is necessary to look into the nozzle Subtracting external boattail drag produces another

design problem which has the afterbody flow as nozzle area ratio for maximum installed performance

boundary conditions. (Fig. 3.2-4). The external drag is increasing with
decreasing nozzle area ratio because for a fixed A8 the
boattail angle P is increasing. So, in general nozzles are

3.1 Nozzles for supersonic Mach numbers operating slightly underexpanded.
The Laval nozzle in Figure 3.1-1 accelerates the flow to
supersonic Mach numbers if the exit pressure PE is low According to Ref. 1.4 (and as shown in Figure 3.1-1) it
enough. Between the flow conditions d and f indicated is possible that during overexpanded operation the
in the left half of the figure there are flow conditions nozzle flow adjusts itself to the ambient pressure by
with separations inside the nozzle connected with compression that can lead to oblique shocks and
oblique shocks (shown on the right of the figure). These separations. This results in an increased static pressure
separations could be beneficial (compared with the non- compared to the unseparated nozzle flow. Depending
separated flow the oblique shocks exhibit increased on the actual nozzle design this can raise the nozzle
pressures) if the mixing losses do not become too large thrust coefficient (Fig. 3.2-5). Usually nozzles are not
(Ref 1.5) However, the stability of the shock/boundary designed for conditions like this. Therefore there is
layer/separation interactions cannot be guaranteed. little or no experience that would help answering the

questions about the stability and the predictability of
Nozzles of this type with a convergent/divergent area such flows. Engineers coping with nozzle flows try to
distribution are in use in many aircraft flying avoid separations and shocks.
supersonically. Figure 3.1-2 gives several axi-
symmetric examples of which three vary the nozzle
area by moving parts of the nozzle surface whereas in 3.3 Nozzles for high Mach numbers
one example the area variation is accomplished by The nozzles shown sofar have been designed for
moving a plug in axial direction, subsonic and supersonic flight Mach numbers. If the

flight Mach number is extended over todays range the
nozzle pressure ratio and therefore the desired nozzle

3.2 Basic Nozzle Parameters and Nozzle area ratio increase drastically (fig. 3.3-1). Because of
Performance the additional low Mach number requirements this

The thrust coefficient CFG is a measure of the nozzle means large, heavy, complicated variable nozzles. In
efficiency (Fig. 3.2-1). It is the ratio of the thrust Figure 3.3-1 the area variation for both the exit and the
achieved to the thrust that could be produced by an throat of a hypersonic nozzle is given. In this typical
isentropic expansion from the same flow conditions at example the exit area of a fully expanding nozzle must
station 7 to p. This coefficient includes all losses be variable between half and six times the intake
because of friction, angularity, expansion and mass capture area. Compared with current nozzle designs
flow leakage. When such a nozzle is installed into a both the pressure and temperature loads are increased.
flight vehicle the drag on the external nozzle walls Two conclusions can be drawn from the data presented
depends on the nozzle expansion ratio A9/A8 This in the figure. Axisymmetric nozzles can no longer be
drag is usually included into the engine performance. realized for Mach numbers beyond Ma = 4.0. For
Traditionally the engine manufacturer quotes the weight and size (drag) reasons fully expanding nozzles
difference between this installed thrust and the Ram are not practical at high Mach numbers.
drag (implications due to book-keeping are disregarded
here for simplicity). 3.4 SERN Nozzles

In order to save weight and frontal area parts of the
The internal nozzle performance for a convergent/- "ideal" axisymmetric (or in two-dimensions symmetric)
divergent axisymmetric nozzle is recapitulated in nozzle are cut-off. Resulting losses are taken into
Figure 3.2-2. For a given expansion ratio A9/A8 nozzle account. The resulting nozzles are called SERN (single
thrust coefficient CFG has a maximum at that nozzle expansion ramp nozzle). Two candidates are depicted
pressure ratio PT7/PO for which P9 = P0 (CFGpeak). At in Figure 3.4-1. One is a two-dimensional solution
this condition the losses are mainly angularity and utilizing flat ramps to vary the throat and expansion
friction losses and depend on the nozzle geometry only. area. The other uses an axi-symmetric plug nozzle that
For pressure ratios less or larger than this optimum one is also followed by a two-dimensional expansion ramp.
overexpansion or underexpansion losses occur In the following only the two-dimensional SERN
respectively. The pressure ratio Pt7/PO for the peak
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nozzle is considered which is the baseline nozzle of In Figure 3.6-1 the thrust coefficient and the thrust
Stnger. vector angle is given as a function of Mach number.

Whereas at high Mach numbers the performance is

3.5 Design of Minimum Length SERN quite good and the thrust vector angle is relatively

Because flow losses are minimum in an isentropic flow small at Ma,- 1.2 there is a sharp decrease in thrust
it is obvious to design a nozzle such that its flow is as connected with large negative thrust vector angles that
close to this ideal situation as possible. Also, the produce nose-up moments for the vehicle.
method of characteristics (MOC) can be utilized during
the design of the SERN nozzle (Refs. 3.3, 3.26, 3.27). To understand this effect it is best to look into some
The method to find the minimum length and the CFD results. In Figure 3.6-2 the Mach number
geometry for such a nozzle can best be explained with distribution calculated with a 2D Euler method for
the help of the upper sketch in Figure 3.5-1. For a given Ma = 5.6 is represented in colours. The pressure
sonic on-set flow under arbitrary flow angle and sharp distribution along the nozzle walls (ramp and cowl
corners at points a and d the shape of the nozzle has to side) is plotted in Figure 3.6-3. As can be seen the
be found such that the outflow of the nozzle is pressures inside the nozzle are not too much different
horizontal and at points f and c the pressure in the jet is on both sides. The pressure coefficient on the expansion
equal to the free-stream pressure at that stations. The ramp is nearly zero and positive. Considering for the
upper sketch in Figure 3.5-1 shows the characteristics determination of the thrust vector and its direction a
of the general case. The shortest nozzle is found when control volume at the throat and from there along the
the geometry of the upper and lower nozzle walls are expansion ramp and the cowl flap one has to assume
such that point e and f collapse and the jet pressure is that the direction of the thrust force is defined solely by
equal to the free-stream pressure. Then the geometry the flow direction in the throat. Even adding the
would reach from point a to c and from point d to e/f. pressures on the external cowl (installed thrust by book-

keeping definition) changes the magnitude and
This design procedure has to be run through for many direction of the thrust vector only slightly (fig. 3.6-4).
operating conditions along the flight path of the Both vectors pass the vehicle's center of gravity by a
hypersonic vehicle. Then a decision has to be made small distance thus producing a very small nose-down
which design point will determine the actual nozzle moment that has to be balanced by the external
geometry and how the variability of the nozzle has to be aerodynamics.
accomplished such that at other operating points the
nozzle performance is still near optimum. This
selection procedure for the nozzle ramps is similar to At Ma = 1.2 the nozzle geometry is chosen such that it
the one for the geometry of the supersonic diffusor for operates in an overexpanded mode (fig. 3.6-5). There is
the intake (see chapter 2.5.3.5) except that for the a shock starting at the trailing edge of the cowl flap.
intake shocks are created by purpose whereas in the This shock does not touch the expansion ramp. At the
nozzle shocks are tried to be prevented as good as expansion ramp the nozzle flow is continually
possible. accelerated with pressures reducing. At the end of the

expansion ramp two shocks, one in the jet and one in
Because in an actual SERN design the nozzle length the free-stream, are formed because both flows have to
(weight) or the nozzle height can still be too large it turn into the free-stream flow direction. The pressure
would be of interest to further shorten this minimum distribution along the nozzle walls are plotted in
length nozzle. That this is possible can be recognized in Figure 3.6-6. Shortly downstream of the throat both the
Figure 3.5-2. There it is shown that this specific nozzle pressure coefficients of the ramp and cowl side become
can be shortened to a quarter of its length without negative. The pressure forces on the lower and upper
sacrificing too much axial gross thrust. However, the nozzle contours again nearly cancel each other. But, on
net installed thrust is very sensitive to thrust coefficient the expansion ramp there are pressures acting which
changes. Fig. 3.5-3 makes it clear that at Ma • 7.0 a I produce nose-up moments. The thrust vectors (installed
% change in thrust coefficient can result in about 4% and uninstalled) and their relative position to the
net installed thrust. This is somewhat larger than the vehicle's center of gravity are depicted in Figure 3.6-7.
change in net installed thrust due to a change of intake The large nose-up moments can clearly be visualized.
mass flow by 1% (e.g. by bleed).

The nozzle could have been operated in an
The inviscid design of the SERN has to be corrected for underexpanded mode too. In order to obtain this mode
all losses not considered, e.g. also friction and leakage the expansion ratio has to be reduced by turning the
losses. Theses losses are difficult to estimate and are cowl flap towards the expansion ramp. As a by-product
usually found by experiment. Sofar only generic type one ends up with a nearly blunt external cowl
SERN nozzle tests are reported on in the open literature (fig. 3.6-8). The expansion in the jet flow at the trailing
(e.g. Ref. 3.31) edge of the cowl flap can clearly be seen in the Euler

result. This expansion reduces the pressure on the
expansion ramp. The negative pressure coefficient

3.6 Operation Problems Connected with SERN values towards the end of the expansion ramp (fig
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3.6-9) are not as large in magnitude than those of pressure injection and an oblique shock is formed in the
Figure 3.6-6. The thrust vector angle of this jet. The subsonic injection flow is further decelerated
nozzle/afterbody configuration (fig. 3.6-10) is only by due to the increasing area between expansion ramp and
about 1.5 degrees more positive than that one of figure jet which results in even higher pressures along the
3.6-7. The angle of the installed thrust vector is even expansion ramp. This way the total thrust vector angle
more negative. The main difference between these two is reduced from nearly -24 (fig. 3.6-7) to about zero
solutions is the turning of the flow in the throat of the degrees.
underexpanded case which the overexpanded case does
not have. In addition to the turning of the throat flow In the lower half of Figure3.7-3 the secondary air is
which counter balances the increased pressures on the injected supersonically at a pressure that is lower than
expansion ramp (compared to the overexpanded case) the jet pressure at the injection station. The jet expands
the negative pressure coefficients on the blunt external locally thus reducing the area of the injection stream
cowl flap reduce the thrust and push the thrust vector to which is decelerated until it goes subsonic through a
larger negative values. From this it follows that the normal shock. Again the pressures on the expansion
transonic pitch problem of the SERN cannot be solved ramp are higher with than without injection. The total
by geometry variation alone, thrust vector angle reduces to -7.5 degrees. The position

of the normal shock in the injection stream is highly
depending on the pressure at the upper end of the

3.7 Proposals for the Solution of the Transonic boattail. This pressure is a function of the external flow

There are ways around the problem of the SERN nozzle turning imposed by the jet. Thus it varies with angle of

at transonic Mach numbers. However all methods attack (fig. 3.7-4). For a large angle of attack this
pressure is high and the position of the normal shock is

available in the open literatur are more or less still in close to the injection location. For smaller angles of

the research stage. Final proof of reliable application attack the pressure is lower and the position of the

and the production of a necessary data base have not althck is somewhat moe dostrem the

beennormal shock is somewhat more downstream. The
resulting thrust vectors are also shown in Figure 3.7-4.

The method that suggests itself would be the use of A third method tries to remove the influence of the
reversed bleed. In Ref. 3.10 such a method has been blunt external cowl flap (fig. 3.6-8) on the thrust vector
proposed. By the use of active and/or passive bleed a and its angle. Due to the expansion of the external flow
separation is induced at the rear end of the expansion the pressures on this external surface are very low.
ramp (fig. 3.7-1). In some cases the separation leads to They depend on the Mach number and the turning
vortices which reduce the favorable pressure on the angle. Because of separation they are limited in
expansion ramp again. Depending on the shape of the
sidewalls a strong influence of the external flow seems pressures are lowest for Ma = 1.2/1.5.
to exist. A short and a scarfed sidewall have been
investigated although the test conditions have not been It has been proposed to increase these low pressures so
representative. The flow on the expansion ramp is very much that their negative contributions to the thrust
similar to the flow with separations in overexpanded vector and angle are diminished. Because the pressure
axi-symmetric nozzles (see chapter 3.2 and Figure 3.2- on the external cowl flap determines the operating
5). A bleeding system including compressors for the mode of the nozzle an additional optimization is
necessary bleed air has been designed. necessary. If the pressure becomes too high the nozzle

The second method comprises the injection of air flow is overexpanded with oblique shocks in the jet. For
an underexpanded operation the jet pressure has to be

through a slot downstream of the nozzle throat. The air larger than the pressure on the external ramp. So with
to be used is intake bleed and fuselage boundary layer
airincreasing external cowl pressures the expansion ratio

Figure 3.7-2 this air is injected with subsonic Mach of the nozzle has to be decreased with further losses. In

numbers and is accelerated by the jet flow to just the case of underexpanded flow the Mach line from the
sumbersoandic M ach celberate y the rear ofo the e nsin trailing edge of the cowl determines whether external
supersonic Mach number at the rear of the expansion combustion will influence parts of the expansion ramp
ramp. The change in thrust vector angle of the

afterbody of Figure 3.6-8 due to this method can be or the external cowl surface only (fig. 3.7-6).

derived by comparing the data with and without Figure 3.7-7 shows the calculated particle traces and
injection. There is an improvement at Ma = 1.2 but for center-line pressure distributions for an external
Ma > 2.0 the thrust vector angle is increasing to +10 hydrogen burning experiment Particle traces on the
degrees. Both results do not seem to be satisfactory. surface and Mach contours in the exit cross-section

demonstrate the flow redistribution due to the hydrogenDifferent results have been produced for the combustion (fig. 3.7-8).

overexpanded nozzle of Figure 3.6-5. In the upper half

of Figure 3.7-3 the secondary air is injected with Figure 3.7-9 presents the results of a rough estimation
subsonic Mach number and a pressure higher than the of the effect of external hydrogen combustion on the
jet pressure. The jet is deflected due to this high
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S•nger afterbody. No optimization has been cover is not very sensitive to the length of it (fig. 3.9-2).
accomplished yet. Therefore the length can be selected by weight

considerations. There will be an interaction between the
3.8 The Plug SERN wake flow of the remaining base and the thick fuselage

boundary layer. This will make the flow at the end of
This type of afterbody configuration has been looked the expansion ramp highly non-uniform.
into during work for the experimental vehicle HYTEX.
This a two engine vehicle therefore larger three- Between the 5 engines 4 partition walls will be needed.
dimensional flow effects were to be expected. One These walls will have a finite thickness and therefore
possible geometry of this afterbody is drawn in expansions and shocks will occur at the trailing edges
Figure 3.8-1. With some imagination one can see that of these walls. These shocks will interact with the
due to the circular exit of the closed part of the plug expansion ramp boundary layer and could lead to
nozzle additional base areas are formed (connected with separations. The measured lines of constant pitot
drag and heat loads) that have to be faired into the pressures from a model test simulating 4 engines in
shape of the expansion ramp. This makes the definition Figure 3.9-3 clearly depict these crossing shocks ("B").
of an expansion ramp shape without inflection points
and!or corners a rather difficult task. The expansion The effect of sidewalls can best be appreciated by
ramp has been cut-off on the sides in order to save visualizing the differences between an afterbody
weight, without and with sidewalls. In Figure 3.9-4 a three-

dimensional sketch of the aflerbody flow features and a
Two-dimensional and three-dimensional Euler cross-section through the jet plume are reproduced. The
calculations have been performed the results of which nozzle flow is underexpanded. As can be seen in the 3D
are plotted in Figures 3.8-2 and 3.8-3. As can be seen figure there is an area where the jet flow is completely
there are shocks on the plug occuring in the two-dimensional up to the first Math line of the
underexpanded example at Ma = 1.2 and in the expansion fan originating at the endpoints of the
overexpanded example at Ma = 3.5 (fig. 3.8-2). The sidewalls of the closed nozzle. The location of this
three-dimensional underexpanded calculation at Ma = Math line is a function of Mach number only. The5.6 reveals the shock which is due to the interaction of expansion fan starts a strong outward curving of the
the axi-symmetric flows of the two engines (fig. 3.8-3). flow (fig. 3.9-5). The flow is no longer 2D but 3-

dimensional. A shock is created ("Internal shock")
Compared to the two-dimensional configuration the when the jet flow is turned back by the free-stream
plug nozzle should offer the advantage of reduced flow. There is another shock in the free-stream flowweight and probably less leakage. However, only ("Jet shock") created by the turning of the free-stream
extensive structural and experimental/numerical flow due to the underexpanded jet. Between the two shocks
investigations could make the trades e.g. between the shear layer between jet and free-stream is located.
weight and performance reliable enough for the The internal shock which is "sitting" on the expansion
selection of one of these configurations. ramp is producing a cross-flow separation there

whereas the jet shock separates the external (fuselage)
3.9 Three-dimensional Afterbody Effects model boundary layer. This afterbody flow is
The propulsion system integrated into the Stinger accompanied by at least two vortices on each side (like
fuselage is shown in Figure 3.9-1. The overall width of in fig. 3.9-6).. From these flow features it is clear that
the 5 expansion ramps is about 12 meters. This gives an thrust and thrust vector angles can only approximately
impression of the size of the vehicle, be estimated with two-dimensional methods.

Clearly it cannot be expected that there is a constant Adding sidewalls like on Stinger the situation changes
pressure at the trailing edges of the lower cowl flap, the the underexpanded flow somewhat. The limiting Mach
expansion ramp and the sidewalls. The downwash of line which bounds the two-dimensional flow area on the
the wing, the flow due to wing flap settings and even to expansion ramp now starts at the trailing edge of the
the stabilizer will change the flow boundary conditions cowl flap, runs along the sidewall and then along the
for the jet flow. On the sidewalls and on the top surface expansion ramp (fig. 3.9-7). Compared with the case
of the fuselage there will be a thick turbulent boundary without sidewalls the two-dimensional flow area is
layer whereas on the bottom the boundary layer will not enlarged its higher pressures delivering more thrust
be as thick due to its shorter length. However, on the (and nose-down moments). The three-dimensional flow
bottom a separation on the blunt external cowl flap can become rather complex depending on the nozzle
occurs, pressure ratio and the external flow conditions. Cross-

flow shocks at the rear ends of the sidewalls and
On the top of the fuselage the second stage is sitting, expansion ramp can start separations and vortical
The base area of this stage will need a cover (which is flows. It cannot be predicted without experiment or
not shown here) until stage separation in order to CFD whether the thrust or thrust angle will be
reduce drag. An optimum boattail angle for the stage increased or decreased by these flows. In the
would be about 3 degrees. The pressure drag of the unseparated flow situation the internal shock is no

longer resting on the expansion ramp surface but starts
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just downstream of the trailing edge of the sidewalls. nozzle/afterbody in the figure) is not negligible. Also,
The jet shock most likely does separate the fuselage the Ram drag, that is the free-stream momentum of the
boundary layer on all sides. intake air stream tube, is growing considerably with

increasing Mach number. So the installed net thrust
becomes a small difference between two large numbers,

4. Integration Aspects i.e. the ideal nozzle gross thrust and the ram drag. At
Figure 4-1 gives an example what consequences the the high flight Mach numbers small estimation errors
close integration of the intake with the forebody does in these two variables can make large differences in the
have. Here an intake has been designed for the short installed net thrust.
blunt forebody shown. Because a higher propulsion
preformance was wanted it was decided to increase the In chapter 2 moments due to the intake have not been
precompression of the forebody by turning it by about 5 considered whereas in chapter 3 moments have been an
degrees. For drag reasons the forebody was made more important aspect of the SERN nozzle operation.
slender too. Now, if one would just turn the existing Figure 4-4 gives the explanation for this. In this figure
intake by also 5 degrees the bottom of the intake lip the forces according to the book-keeping are given for
would move down so much that the maximum cross- the intake and the afterbody at possible flight conditions
section of the vehicle would increase by about a quarter at Ma = 1.2 and Ma = 5.6. (The center fuselage has
of its original value. Most likely this would not improve been omitted in the figure.) As can be seen the intake
the performance of the vehicle. However, an intake force has nearly no moment with respect to the center
especially designed for the decreased Mach number of of gravity for Ma = 1.2 whereas the afterbody force does
the new forebody would not only swallow more mass have a large moment. At Ma = 5.6 the moments of the
flow through the same capture area during the shock- intake and afterbody nearly cancel each other. The
on-lip operation but would also swallow more mass combined moments of the propulsion system are plotted
flow during the off-design operation due to the reduced in Figure 4-5 together with the moments of the
turning of the external ramps. The consequence out of airframe. The moments of the vehicle indicate large
this is that for every change of a component of the 1.0 that have to be
vehicle design changes for other components can ensue. nedoby mming.

This makes the design of highly integrated vehicles so

tedious (and expensive).
5. Development and Verification

One of the most important things before the design of a For the development and the design verification of an
propulsion system should start is the definition of a air-breathing propulsion there are three tools that are
book-keeping system. This is necessary to make sure indispensible: the windtunnel, numerical fluid
that all forces acting on the vehicle are accounted for dynamics (CFD) and flight testing of experimental
only once. Also, with a book-keeping system the vehicles. The strategy for the development and
responsibilities for the design and performance verification of a hypersonic vehicle will be covered in a
estimations of the components are fixed. In Figure 4-2 separate paper. Here only some aspects will be touched.
one possible candidate for a book-keeping system is
defined. (Others can be found in the literature, e.g. 5.1 Windtunnel testing
Refs.3.29 and 3.30). Here all the forces acting on the In Germany we did intake and afterbody model testing
hatched and cross-hatched stream-tube including the in the TMK at the DLR in Cologne. Its test range is
forces on the intake cowl and afterbody flap are given in Figure 5.1-1. The tunnel can run without
accounted for in the propulsion deck. All the other heating the air up to Ma = 4.5. With heating we did
forces acting on the vehicle are accounted for in the testing up to Ma = 5.2. Because of the limited test
aerodynamic deck. This book-keeping method has the section size testing of small-scale models is possible
advantage that all forces which are thrust depending are only. However, the small scale and the cold windtunnel
separated from the aerodynamic forces which do not air flow allow to test at nearly exact Reynolds numbers.
depend on thrust. One important aspect that makes This is especially important where turbulent flows have
some difficulties at hypersonic Mach numbers is the to be modeled.
fact that the book-keeping must also be defined such
that all forces can be measured separately in different The generic afterbody model of Figure 5.1-2 has been
models, i.e. five component aerodynamic model, intake tested in this windtunnel up to Mach numbers of
model, afterbody model. E.g., one difficulty with the Ma = 4.5. The tests have been conducted for various
aerodynamic model is the correct representation of the combinations of primary and secondary nozzle pressure
intake flow and its measurement because of the ratios and angles of attack. Figure 5.1-3 shows a
generally small size of the model which is due to the comparison for this generic afterbody model between a
windtunnels available. 2D Euler result and the Schlieren photo of the test in

the TMK. The Mach number has been Ma = 3.5 for thisConsidering the complete propulsion performance testpoint. The wall pressure distributions of both the

Figure 4-3 gives an impression of the relative tests and the calculations agreed quite well. In the

magnitude of different propulsion components. As can test and the calculation capthe

be seen the drag of a blunt external cowl flap (called figure it can be seen that the calculation captures all
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important flow features that can be recognized in the Larger propulsion units cannot be tested at hypersonic
Schlieren picture. Mach numbers today. Also testing of forebody/intake or

complete afterbody models is limited to extremly small
The intake model ETM3M in Figure 5.1-4 has been models if it is possible at all. The problems and
tested not only in the TMK but also in the SVS2 limitations of windtunnel testing both for Sanger and
windtunnel at TsAGI, Moscow. This is a small-scale an experimental vehicle are roughly sketched in
model of the intake for a hydrogen RAMjet propulsion Figure 5.1-8. Windtunnel testing for Sanger will be
unit that has been designed within the German restricted to small scale-testing of components. These
Hypersonic Technology Programm. The design for this tests must be supplemented by CFD and flight testing of
intake was based on the development work for experimental vehicles as necessary.
hypersonic intakes accomplished at Dasa and at the
DLR in Cologne. For the definition of the intake
geometry extensive 2D Navier-Stokes calculations have 5.2 Computational Fluid Dynamics
been conducted to investigate the separation behaviour CFD results have been extensively used in this paper toof dffeentsuprsonc dffuor eomerie. Tese visualize the flows. Very often inviscid methods have toof different supersonic diffusor geom etries. These be a pi d ue t th h gh c ss o v erS k s
calculations also verified that the internal compression be applied due to the high costs of Navier-Stokes
of the intake would start with the final design geometry methods. This can only be done in situations whenand at the actual windtunnel flow conditions. The viscosity is not dominant in the flow. The example of

andat he ctul windunnl fow ondtios. he an afterbody with secondary injection at a Mach
testing of the isolated intake model was very successful. amferbod wt seodr in jectionsat a hnumber of Ma = 1.2 in Figure 5.2-1 demonstrates the
The performance predicted was exceeded. The highest g

test Mach number at the DLR has been Ma = 5.2 and influence viscosity can have. In this figure an Euler and

Ma = 6.0 at TsAGI. a Navier-Stokes solution are presented for the same
geometry and flow conditions. The Euler solution

For the testing of larger intakes or even of complete produces all flow features like expansion fans, shear

propulsion units combustion-heated windtunnels are layers and shocks as does the Navier-Stokes solution.

available, e.g. the APTU facility of the AEDC in The main difference is in the interaction effects

Tullahoma in Tennessee, USA (fig. 5.1-5). In these between the shocks and the boundary layers. E.g., both
the shocks on the trailing edges of the expansion rampwindtunnels high enthalpy flows are produced by the tesok ntetaln de fteepninrmwindtunnesthigh ofben methanpl ae phrodced. byThe and the external cowl flap respectively move up-stream

burned oxygen has to be added after the combustionh due to this interaction in the Navier-Stokes solution.
burnd oyge hasto e aded fte th comuston. Because the boundary layers are very thin inside the

These facilities allow free-jet testing inside evacuated nozzle the fownthre is not seren in the

test cabins. This way the low static pressures at high nozzle the flow there is not so much different in the two

altitudes can be simulated. The size of the models that CFD solutions.

can be tested depends on the size of the Mach rhombus In intake calculations it is still not possible to receive
of the windtunnel nozzle. The maximum Mach number absolute performance data from CFD calculations The
generally is Ma _< 8.0. In the APTU the maximum total state-of-the-art has been demonstrated in AGARD
temperature is Tt; 1100K. Because of the combustion working group 13 (Ref 2.43). From that work one
products the test conditions may be limited by the result is presented in Figure 5.2-2. It shows the pitot
formation of water or ice. pressure distribution in a cross-section of the P8 intake

which is a two-dimensional NASA intake that has been
An intake of a capture area 48x48 cm has been tested at Ma = 7.4. The results clearly demonstrate
designed by Dasa for testing inside the APTU. These quite a difference between the many CFD methods.
tests were to model the flow conditions of an Especially the shock of the internal compression is not
experimental hypersonic vehicle as close as possible. as sharp as it should be. It seems that besides the

The highest Mach number would have been Ma = 5.8. numerpcas proul ems thal besideling

Figure 5.1-6 shows a three-dimensional view of the geometry details can make large differences in the

intake inside the test section of the APTU. On the left results. This test case revealed another problem of the
one can see the windtunnel nozzle and on the right the validation procedure for numerical methods. The CFD
diffusor which produces the high altitude conditions. In pitot pressures are consistently larger than the
the side view of Figure 5.1-7 the complete RAMjet measured data. This is due to inaccuracies of the test
propulsion unit consisting of intake combustion conditions.
chamber and SERN nozzle can be recognized. The
hydrogen combustion chamber together with the SER.N Figure 5.2-3 gives a summary of what calculations have
nozzle have been tested successfully in the connected been conducted at Dasa in the German Hypersonic
pipe test facility at Dasa-RI in Ottbrunn. The design of Technology am For the derman ofih

the ullscae inakeis eary copleed.Its Technology Programm. For the determination of the
the full-scale intake is nearly completed. Its precompression of forebodies Euler, Euler plus
performance has been verified by the model tests boundary layer and Navier-Stokes methods have been
described above. It would be very easy and only of low applied. Intake flows have been calculated by two- and
risc to continue the original plans and conduct the three-dimensional Euler methods (Refs. 2.44, 2.45,
planned hydrogen RAMjet testing. 2.46). The afterbody flows were modeled by a two-

dimensional Euler method only. The next necessary
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step would have been to perform and verify three- 1.4 G.C. Oates
dimensional Euler and Navier-Stokes calculations of Aircraft Propulsion Systems Technology and
forebody/intake and complete afterbody flows. Design

AIAA Education Series, ISBN 0-930403-24-X
The potentials and deficits of CFD as presented in 1.5 J.V. Foa
Figure 5.2-4 do not need to be explained here. In Elements of Flight Propulsion
summary it can be said that CFD is - applied John Wiley&Sons, Inc., 1960
reasonably - the best analysis and diagnostic tool 2.1 J. Seddon, E.L. Goldsmith
available. It is very much needed in the hands of the Intake Aerodynamics
designer and should not be restricted to application W. Collins Sons&Co. Ltd, London, 1985
within research institutions only. ISBN 0-00-383048-9

2.2 J. J. Mahoney

6. Concluding Remarks Inlets for Supersonic Missiles6. Cocludig RemrkAIAA Education Series, 1990
Because of the high integration a hypersonic vehicle ISB 0-930403-79-7

has to be optimized in a close cooporation of propulsion 2.3 W. Koschel

and aircraft engineers (fig. 6-1). The integration Lufatmende Hyperschallantriebe

problems to be solved during this optimization are not 3. Sace Course, Stuttrt,19

new. They are different and more complex because of 3.USpaceCr St t1

the large Mach number range of a hypersonic vehicle. 2.4 D.L. Kors
2.4 D.L. Kors

Design Considerations for Combined AirAerothermodynamnics is one of the important design Breathing-Rocket Propulsion Systems

drivers for a hypersonic vehicle. Because the ag -Rocket paper 12

aerodynamic tools available, e.g. windtunnel testing, 2.5 E. Tjonneland

have limitations a strategy that combines windtunnel The DesinD

testing, CFD and flight testing of experimental vehicles Supersonic Transport Intake System

promises success in the design of hypersonic aircraft TherBoein Cmany, Seate SA
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Intake Drag: drag due to flow spillage around the
(Spillage) intake whenever Ao/A, , 1.0

Byoass/Bleed Drag: drag due to momentum losses in C -

the flow 2" z

Diverter Drag: momentum losses, boundary layer -

separations and shocks

Diverter Fuselage /

A A supercritical <

Asprii Control F 2 Cowl Force -

Volume F_

A0  A0 • subcritical

o•Aspilll ••d•

Intake Drag

Fie, 2.4.4-1 U

Less outward deflection of the flow E W

- smaller cowl wave drag , ON O 0S 3['1 E
0l 

0

- less turning back of the flow - ,

- less normal forces on external compression 'T
surfaces (pressure loads, pitching moments) XIA I
smaller frontal area

C

2. Longer supersonic compression section 1/
-increasedintakeweight 

Cu

-- increased reflected shock/I 0l -Yti ." ,

boundary layer interactions I - 0

- more complex bleed system T - I 0 -

sophisticated control system to prevent unstart i .- _

- effects pitching moments of vehicle a) ( D--
(shift of engine) E ...-

- larger cooling surfaces (no radiation) E l ••. • o.-n "o

- ~
E" > (D

Effects of Increased Internal Compression 0 E• 0 >o .
in Mixed Compression Intake CL 0- E

Ref. 2.15 Fig. 2.5.1-2 +% z
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5ramp M-2,5 Ble emnlSok 5

72ouncdary Layer A go

'ram" M.=5.6
Mixed Inviscid flow: Method of characteristics

51.p (shocks, bleed model)

Viscous flow: Boundary layer finite difference code
-Small frontal area and small external axial forces (bleed)

require small Slip
Shock/Boundary layer

-Important is flow turning angle at lip: Sramp - SlpInteraction: Control volume approach

Extenal ompessin mde: lipýt 5amp(Conservation of momentum and mass)

Mie opeso oeAim: Calculate boundary layer development
a) Turbo: high Tj equal shock strength Aooroach: -Calculate inviscid flow for Aeft,b) RAM: max 5 ramp -A large Slip determine 5* and Ageom

-Attached lip shock -Calculate inviscid flow for Ageom,
determine 8* and Aeff,

-No boundary layer separation at shock reflection recalculate inviscid flow for Aeff

Conflictina reouirement: Shortcomings. - Subsonic flow stops MOO calculation
0 Slip large - no boundary layer separation - Man power and skill for smoothing
* Sli small - high pressure recovery and patching of solutions

External and Mixed Compression Modes Simplified Calculation Approach of Flow
of a Variable Hypersonic Intake in Supersonic Diffusor

Fig. 2.5.3.4-1 Fig. 2.5.3.5-1
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Ref. 2.2 Fig. 2..3.6-1
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"* Control moveable ramp positions and throat height,
i.e. mass flow entering intake lip plane Z5 ::zi.

" Control position of terminal shock,
i.e. pressure recovery and prevention of unstart U)y

"* Control start - unstart condition of intake, -

i.e. :nitiate starting procedure in case of unstart

Reauirements:

simplicity

-accuracyI
-working conditions: high temperatures

high pressures J-0 U
high noise levels and vibrations I 0--- .
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0 Hypersonic Vehicles require a joint optimization
of vehicle and propulsion

N Integration aspects are not new boundary
conditions for the design of Intakes and
afterbodles/nozzles - they are different

0 Aerothermodynamics is one of the Important
design drivers

* Aerodynamic tools available have limited
applicability

N Development and verification of hypersonic
vehicle (SAnger) can be accomplished by the
use of wind tunnels, CFD and flight testing of
experimental vehicle(s).

Concluding Remarks

Fig. 6-1

N(C VKI 16
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INLET and PROPULSION INTEGRATION OF
SCRAM PROPELLED VEHICLES

by
Dr. Louis A. Povinelli*

NASA Lewis Research Center
Cleveland, Ohio USA

SUMMARY

The material to be presented in these two lectures begins with cycle
considerations of the turbojet engine combined with a ramjet engine
to provide thrust over the range of Mach 0 to 5. We will then
examine in some detail the aerodynamic behavior that occurs in the
inlet operating near the peak speed. Following that, we shall view a
numerical simulation through a baseline scramijet engine, starting at
the entrance to the inlet, proceeding into the combustor and through
the nozzle. In the next segment, we examine a combined rocket and
ramjet propulsion system. Analysis and test results will be examined
with a view toward evaluation of the concept as a practical device.
Two other inlets will then be reviewed; a Mach 12 inlet and a Mach
18 configuration. Finally, we close our lectures with a discussion of
the Detonation Wave engine, and inspect the physical and chemical
behavior obtained from numerical simulation. A few final remarks
will be made regarding the application of CFD for hypersonic
propulsion components.

*Acting Chief, Internal Fluid Mechanics Division

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genýse,

Belgium from 15-19 April 1996 and published in R-813.
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LECTURE 1

Conceptual Aircraft
Turbojet/Ramjet Combined Cycle

The lecture begins with the idea of an advanced aircraft capable of
operating over a flight range from takeoff to Mach 5. The proposed
propulsion device is an over-under turbojet/ramjet. At takeoff and
up to approximately Mach 3, the power would be provided by the
turbojet. Transition to ramjet power and close-off of the turbojet
duct would provide propulsion up to somewhere in the Mach 6
range. Such a concept was proposed by Watts et al (ref 1) and briefly
discussed by Weir et al (ref 2). Figs 1 and 2, from ref 2, illustrate the
concept. Some time later, Trefny and Benson (ref 3) have performed
a rudimentary cycle analysis which showed that the integration of a
turbojet with a single throat ramjet is feasible. We begin by viewing
the proposed installation scheme of Trefny and Benson, shown in
their fig 1. As envisioned in ref 1, a turbojet or a row of turbojets is
installed in a bay above the ramjet passage. Aerodynamic isolation of
the turbojet exhaust stream from the ramjet stream occurs through
an ejector action. Operation at low speed relies only on the turbojet,
mid-range speed relies on the ramjet with subsonic combustion, and
high speed would utilize a scramjet mode. During the ramjet mode,
hydrogen is burned and a thermal throat is formed. Control of the
thermal choke location is required. In the scramjet mode, the
spraybar is removed and wall injection of the fuel is used. Trefny
and Benson chose to bias the design of the integrated system towards
high efficiency so as to maximize range. The 10 to 1 contraction on
the inlet is sized for approximately Mach 8. Various assumptions
made in their analysis will be discussed. The final outcome of their
work is shown in fig 10; where the thrust per unit mass is plotted
versus free stream Mach number.The minimum thrust appears at
Mach 1.3 where the spill drag is at a maximum. Only a small change
is observed at Mach 3 where the turbojet inlet and nozzle flaps are
closed, the inlet starts and the conversion to a hydrogen ramjet is
complete. An alternate concept which attempts to eliminate the
ejector total pressure losses at low speed was also investigated. Fig
11 shows the position of the ejector flap, and figs 12 through 15
show the results. It was concluded that the benefits associated with a
fixed geometry would outweigh the loss in specific impulse. Control
of the thermal throat turns out be a critical factor in the operation of
this combined cycle. The net specific thrust of the system is
maximized when the ejector operates at its critical point. This would
necessitate a prescribed variation in thermal throat location with
flight Mach number. Finally, some comments on supersonic
combustion requirements and turbojet weight restrictions round out
this portion of the lecture.



9-3

Inlet Testing/Analysis for Mach 5

We now proceed to a discussion of the inlet needed for this type of
combined propulsion system. Our primary focus is on the
aerodynamic performance at the cruise condition. A long term multi-
year effort was carried out in this study, involving many
participants. The effort was recently summarized in a presentation
by Weir (ref 4) and the figures used herein are from that
presentation. Further information related to this work can be found
in references 5 through 16. One of the first three dimensional viscous
computations were carried out by Benson (ref 5). His computations
showed that the ramp shock waves generated on an inlet surface will
interact with the sidewall boundary layers to create a region of lower
pressure. The aerodynamics leading to the pressure loss were found
to be caused by the movement of fluid within the boundary layer
which generate intense secondary flows in the region near the cowl
inlet surface. Figure 20 shows the resulting loss in total pressure
near the cowl surface, as well as a separation point. Subsequent
testing was carried out in a supersonic wind tunnel with a wedge
generated shock. Flow tracing showed the strong three dimensional
flows that can occur. The corresponding computation for the tunnel
flow reveals transverse components of velocity that can cause
substantial losses due to shock wave-boundary layer interactions.
Anderson (ref 11) then performed a series of calculations for a
candidate Mach 5 inlet designed with the method of characteristics.
His computations confirmed the previous studies in that significant
regions of low pressure were found at the cowl entrance corners.
This result led to additional tunnel testing with a small model of a
proposed Mach 5 inlet. The model was a duplicate of that to be tested
at full scale. Experimental results identified regions of flow migration
in the boundary layer toward the sidewall on the surface of the final
ramp and up the sidewalls in the vicinity of the cowl lip as predicted
by the computational analysis. A full scale Mach 5 mixed
compression inlet was then fabricated to be tested over the range
from Mach 2.7 to 5.0. The inlet had a series of ramps generated
oblique shock waves external to the cowl. An oblique shock from the
cowl leading edge reflects from the ramp surface and terminates in a
normal shock downstream of the inlet throat. Operation in the wind
tunnel was such that a Mach number of 4.1 occurred on the first
ramp. The inlet incorporated variable geometry with a collapsible
ramp and had variable bleed on the cowl, sidewalls and ramp. A
bleed of 0.5 percent was removed on the ramp upstream of the
shoulder. Additional bleed from the cowl and sidewalls was
approximately 8.8 percent of the capture mass flow. Pressure probes
and rakes were mounted throughout the inlet. A 0.5 inch (1.27 cm)
strip of grit was applied near the leading edge to ensure that the
boundary layer ingested by the inlet was turbulent. Viscous flow
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calculations were carried out using the PARC3D code. The
computations show that the same low Mach regions occurred and
were swept into the inlet. Particles released into the computation
grid also revealed strong secondary flow regions as well as a roll-up
of the flow on the sidewalls. Corner probe experimental data were
compared to computed results from the SCRAM3D, PARC and PEPSI
codes. Comparisons of the data and analysis were subject to question
since probe orientation relative to the local flow direction was not
not completely known. Laser sheet experiments were then carried
out and the regions of secondary flow were verified in the large scale
inlet. In an attempt to eliminate the secondary from entering the
inlet, the cowl surface was cut or notched. It was found that this
change eliminated the secondary flow from the inlet. Various laser
sheet orientations will be shown. An alternative concept was tried
utilizing a scoop at both ends of the cowl lip. As a result of this Mach
5 study, an extensive data base has been generated and calibration
of CFD codes has taken place. Although bleed was not effective in
relieving the secondary flows, cut backs on the cowl lip were found
to be effective. The results lead to some practical ways to avoid the
regions of high pressure loss.

Numerical Simulation of a Baseline Engine

Now, we shall turn our attention to an analysis of a baseline or
generic scramjet engine system. What we are interested in
performing is a complete Reynold's average Navier-Stokes solution
through the entire engine. To illustrate this solution, we shall view a
14 minute video. The initial computations are for the Mach 5 inlet
discussed in the last section. We then examine the combustor which
has 4 normal hydrogen injection ports. The nature of the reacting
flow field is described using both normal injection, followed by
vorticity enhancing injectors; a concept introduced bat Lewis (ref
12). Finally, we examined the nozzle flow field and its three
dimensional behavior as expansion takes place. The video then
moves to a complete engine simulation at a flight Mach number of
3.44. The flow is followed through the entire engine flow path from
the inlet to the nozzle exhaust. This video completes our first lecture.
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ARRANGEMENT FOR HYPERSONIC INLETS
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LECTURE 2

Rocket/Ramjet Analysis and Test

In this portion of the lecture we shall consider a different approach
to achieving hypersonic flight; namely by use of a combined rocket
and ramjet cycle. This particular concept avoids the penalty
associated with the turbojet/ramjet cycle wherein the turbojet is
carried to orbit in a non-functioning manner. The rocket based
combined cycle has the advantage of a high thrust to weight of a
rocket combined with the high specific impulse of the ramjet. This
system is capable of going from sea static to hypersonic speeds.
Recently, Escher (ref 13) discussed the rocket based combined cycle
and its benefit relative to gross vehicle mass fraction. Clearly, this
integrated system outperforms an all rocket powered single stage to
orbit vehicle, as displayed in the accompanying figure. A similar
concept of a strut type scramjet has been explored at Lewis by
Povinelli (ref 14). In that work, the drag of a number of struts
arranged within a combustion module was measured at chamber
Mach numbers of 2, 2.5 and 3. The effect of leading edge radius,
position of maximum thicknes, thickness ratio, sweep angle, and strut
length was determined. Forward sweep was also studied. Fuel
injection was simulated using helium and concentration
measurements were made at the combustor exit. Spacing between
struts was shown to optimized at 10 jet diameters (ref 14). More
recently,the strutjet engine has been explored at NASA Lewis
Research Center by Fernandez et al (ref 15 ). As shown in the figure,
the engine tested at Lewis uses small rocket chambers embedded
within the struts of the ramjet. Again, as we discussed in our first
lecture, ramjet operation starts at about Mach 3. Prior to that, the
system uses the fuel rich rocket exhaust to pump air through the
engine. Additional fuel is added as required. And, again, transition to
a supersonic combustion ramjet begins at Mach 6. Construction of
such an engine is underway and will be tested at Mach 6 and 7.
Proper conditions for simulating flight conditions and enthalpy levels
will be produced in a large hypersonic tunnel facility. The same
facility was used in the late 60's and early 70's to test the Hypersonic
Ramjet Engine at Mach 5,6 and 7. In the current LeRC model the
rockets use MMH and RFNA, and JP-10 is used as the ramjet fuel (ref
15). Some of the engine features will be discussed from the
viewpoint of inlet behavior and engine start. The system was
backpressured with a moveable plug. Preliminary testing has been
performed in a small tunnel facility. No combustion was present for



9-14

this phase of the testing. The primary purpose was to establish the
starting characteristics as a function of Mach number for three
different strut configurations. A self starting fixed geometry inlet
with reasonable performance was desired. Measurements of the pitot
pressure were made at the base of the struts. Mach numbers, total
pressures and mass flow were determined at various Reynold
numbers. In the initial phase, concern existed regarding inlet
performance and operability. The subscale inlet model was run to
determine optimum strut geometry, boundary layer diversion and to
establish the cross-sectional area distribution at the base of the
struts. The inlet was also simulated numerically using a full Navier-
Stokes analysis code, NPARC (ref 16). The computations were used to
to obtain a complete flow field analysis as well as the integrated inlet
performance. The calculations were made for Mach 5 and 6 flight
speed for both super-critical and near critical operating conditions.
The analyses were also used to establish pre-test performance and
operability predictions for subsequent testing in a major hypersonic
facility.
The uncooled model is shown in the photograph and described in the
subsequent figures. The inlet was run with the leading edge of the
top surface flush with a precompression plate or, alternatively, below
the surface in order to divert the boundary layer. Three different
struts designs were used, and configuration was found to have the
most desirable features. The captured mass flow was found to be
level at M4.8 to 6. Typical static pressure and Mach contour plots for
MS will be discussed for a variety of backpressure conditions.The
overall performance was also determined. It was found in the Mach
5 case, the inlet unstarted before the local Mach number behind the
strut became sonic. In the Mach 6 case, the inlet unstarted after the
strut Mach number became sonic.
Comparison of the pitot pressure contours at the strut base obtained
experimentally compared reasonably with the Navier Stokes
calculations. Further comparisons will be presented and discussed.

Analysis of Mach 12 and Mach 18 Inlets

The lecture reference material for these two inlets are found in the
attached reprint of an AGARD presentation by this author (ref 17).•
See attached reprint entitled Computational Modeling and Validation
for Hypersonic Inlets. In the interest of time, we shall refer to the
Mach 18 results as indicative of shock structure associated with strut
type inlets, and in the case of the Mach 12, we see further evidence
of the strong secondary flow physics described in the first lecture.
The results for both of these inlets are compared to Navier- Stokes
solutions in order to establish the level of fidelity in current
simulation methodology.

* see Appendix A
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Detonation Wave Engine

The idea of a detonation wave engine has been described in
numerous articles. Menees et al (ref 18), for example, described the
operation of an oblique detonation wave engine wherein oblique
shock waves are used to mix, burn and combust the air-fuel mixture
in thin zones. Evaluation of the concept and a demonstration has not
been uneqivocally carried out. In a similar vein, Hertberg and his co-
workers (ref 19) have investigated the idea of a ram accelerator.
Their experiments, which have been modeled by Yungster (ref 20)
have been carried out using projectiles in an expansion tube. In one
such approach, an expansion tube is used for investigating ram-
accelerator type phenomena. Many issues such as boundary layer
growth, startup transients and operating pressures prevent the tube
from duplicating the conditions in a ram accelerator. Also the short
test time may be insufficient to fully establish the reacting flow field.
We will discuss the results obtained by Yungster (ref 20) using a
time accurate code who studied two situations. In the first one, an
axisymmetric projectile, composed of two 30 degree half angle cones
and a straight section is computed at a flight Mach number of 4.8 in a
mixture of hydrogen with small amounts of oxygen and argon. The
time accurate solution shows that the dynamic behavior of the shock
front and boundary layer behavior leading up to ignition and the
resulting dynamics of the combustion process. A short video will be
used to illustrate this behavior. In the second case, the experiments
of Hertzberg et al are closely simulated. The resulting analysis will
show the rapid changes involved in the ram acceleration process and
the chemistry-flow interactions occurring. These results described
above will be summarized in the context of their applicability to a
detonation wave engine. A long standing personal bias regarding the
practicality of such an engine, which requires some pre-mixing of
fuel and air (thereby assuming away the major problem in scramjet
feasability) will be examined in light of available evidence.
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Closing Remarks on Numerical Simulations

The role of computation fluid dynamics in the development of
hypersonic vehicles has been accepted as a viable approach in a new
flight regime for which little useable information exists. Articles
highlighting the application of various computational methods
abound. This lecturer, along with his colleagues from Langley and
from Ames have published two general readership articles in
Aerospace America (ref 21, 22). More specifically, this author has
focused on the use of CFD tools for hypersonic propulsion (ref 23). In
this process of applying computational methods, it is important to
realize the limitations involved in the extrapolations, as well as the
deficiencies that exist in numerical methods at the present time. We
shall discuss current features of CFD codes that are applied to
propulsion system components and identify shortcomings in the
simulations with a strong emphasis on modeling. The relevant
material for this portion of the lecture is found in the attached
preprint entitled Advanced Computational Techniques for Hypersonic
Propulsion (ref 23).?
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Figure 2. - Rocket chambers and injector wedges on the base region of the two struts

REF 15, FERNANDEZ ET AL

Figure 3. - 40 % RBCC inlet model mounted on tunnel sidewvall

REF 15, FERNANDEZ FT AL
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COMPUTATIONAL MODELING AND VALIDATION FOR HYPERSONIC INLETS

Louis A. Povinelli
National Aeronautics and Space Administration

Lewis Research Center
21000 Brookpark Road

Cleveland, Ohio 44135 U.S.A.

SUMMARY

Hypersonic inlet research activity at NASA is reviewed. The basis for the paper
is the experimental tests performed with three inlets: the NASA Lewis Research Center
Mach 5, the McDonnell Douglas Mach 12, and the NASA Langley Mach 18. Both three-
dimensional PNS and NS codes have been used to compute the flow within the three inlets.
Modeling assumptions in the codes involve the turbulence model, the nature of the
boundary layer, shock wave-boundary layer interaction, and the flow spilled to the out-
side of the inlet. Use of the codes in conjunction with the experimental data are help-
ing to develop a clearer understanding of the inlet flow physics and to focus on the
modeling improvements required in order to arrive at validated codes.

INTRODUCTION

This paper presents a review of the hypersonic inlet activities at NASA. Generally,
the NASA work has covered the range from Mach 5 to 18. The research has been of a compu-
tational and experimental nature with a two-fold objective: (1) to develop an improved
understanding of the physics and chemistry of inlet flow fields and (2) to validate the
numerical codes used for high-speed inlets. The objectives result from the basic philos-
ophy developed for the National Aerospace Plane project; namely, that numerical codes can
be validated using ground test data and extrapolated to higher velocities. Since the
ground experimental data base is limited to Mach 8 and lower, extrapolation of the compu-
tational methods must be made from Mach 8 to the Mach number, approximately 16, where
airbreathing propulsion terminates.

A number of codes have been used to date within NASA for inlet flows. Code develop-
ment and modifications have taken place over the last several years and the emphasis
today is on the application to various inlets that have been tested. Those inlets
include the Mach 5 inlet at NASA Lewis Research Center, a General Dynamics Mach 12 con-
figuration and a Mach 18 NASA Langley inlet. Only a limited amount of data is available
for each configuration.

The numerical methods used have included a PNS code, the PARC NS code, the SCRAM3D
and CFL3D. Generally, the codes employ a Baldwin-Lomax turbulence model. Assumptions
are made regarding the state of the boundary layer and spillage has generally not been
computed. Thick upstream boundary layers are computed in some cases having a forward
extension surface. In this paper a comparison of the experimental and computational
results will be reviewed.

RESULTS

Mach 12 Generic Inlet

The simple rectangular inlet configuration shown in Fig. 1 was tested at Mach 12.26.
A flat plate of 30-in. length preceded the entrance to the inlet in order to simulate
the boundary layer growth on the forebody of a hypersonic aircraft. Compression wedges
form the top and bottom walls of the inlet and the contraction ratio was equal to 5.
Swept sidewalls which connect the upper and lower walls prevent compressed flow from
spilling over the inlet sides.

Computations were made with a three-dimensional PNS LBI implicit scheme (Ref. 1)
with grids of 80 by 60 by 750 on a Cray X-MP. This solver includes real gas effects
(Ref. 2) as well as dissociation and ionization modeling (Ref. 3). For this experiment,
however, the inlet air was only heated sufficiently to avoid condensation, and the real
gas modeling was not required. The issues that are of importance in this computation
are the assumptions regarding the state of the boundary layer, the turbulence model,
spillage of flow around the sideplates and shock boundary layer interaction. For the
PNS computation it was assumed that the boundary layer was turbulent starting on the
leading edge of the flat plate, the cowl leading edge and the sidewall leading edges.
The turbulence model used was a Baldwin-Lomax model and spillage was not considered.
Modeling of the shock boundary layer interaction involved the use of a flare approxima-
tion in order to allow the PNS to march through the region of flow separation. The
results of the PNS solution are shown in Fig. 2. Contour plots of constant Mach number
within the inlet are shown. The concentration of lines near the walls indicate the
boundary layers, while concentrated contours in the freestream indicate shock wave loca-
tions. The flow features seen are boundary layer buildup on the flat plate followed by
thickening on the sidewalls and ramp surface. Shocks generated by the compression wedges
are seen as horizontal lines, and the sidewall shocks are vertical lines.

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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Basically, the important physics occurring are that the low energy flow in the side-
wall boundary layer has been swept up the sidewall by the ramp shock, and then down the
sidewall by the cowl shock. Further downstream, the shock waves cross and are distorted
by interaction with the sidewall boundary layers and the expansion fan on the ramp sur-
face. Additional complex interactions then occur as the flow moves downstream. The PNS
solution fails when the ramp shock wave reflects from the cowl and strikes the ramp sur-
face, resulting in large corner separation of the low energy flow.

An alternate view of the three-dimensional flow is obtained with sidewall particle
tracing (Fig. 4). Interaction of the ramp and cowl shocks with the sidewall boundary
layer causes the particles to converge near the shock interaction point. The particles
are then displaced due to the vortex motion. Flow migration details are evident in this
computational simulation. As a sidenote, since the vortex persists downstream, it has
been proposed that enhanced fuel mixing could occur with judicious injector locations
downstream (Ref. 4).

Navier-Stokes computations have also been carried out for the generic inlet at NASA
Langley with CFL3D (Ref. 5). In this case, the boundary layers were assumed turbulent
on all surfaces from the leading edges. The turbulence model used was a Baldwin-Lomax
model and spillage over the sideplates was not considered. In the vicinity of the shock
boundary no special modeling was employed. Figure 5(a) shows the pressure distributions
for the ramp and centerline cowl surfaces. Figure 5(b) shows the side plane distribu-
tions. Comparison of the CFL3D results and the experimental data show good agreement,
particularly along the centerline where shock locations appear to be well resolved by
the code. The viscous interactions occurring along the side plane are not accurately
resolved. There is a significant underprediction of the pressure on the ramp side
(Fig. 5(b)). In addition, CFL3D was used to compute the heat transfer on the ramp and
cowl surfaces (Figs. 6(a) and (b)). The experimental peak heat fluxes are underpre-
dicted for the ramp centerline but well predicted for the cowl surface.

For the ramp and cowl side planes (Fig. 6(b)), the peak prediction is lower on the
ramp whereas the cowl side prediction is not qualitatively correct. Again, strong vis-
cous effects are predominating along the side walls of the inlet in agreement with the
complex behavior shown in Figs. 2 to 4. Further analysis of the Mach 12 inlet is under-
way at the NASA Centers and industry.

Mach 5 Inlet

A rectangular mixed compression inlet designed for Mach 5 operation and tested at
NASA Lewis is shown in Figs. 7(a) and (b) (Ref. 6). A series of ramps generate oblique
shock waves external to the cowl. An oblique shock from the cowl leading edge reflects
from the ramp surface and terminates in a normal shock downstream of the inlet throat.
Operation in the wind tunnel was such that a Mach number of 4.1 occurred on the first
ramp. The inlet incorporates variable geometry with collapsible ramp and variable bleed
exits on the cowl, sidewalls and ramps. Bleed of 0.5 percent was removed on the ramp
upstream of the shoulder. Additional bleed from the cowl and sidewalls was approximately
8.8 percent of the capture mass flow. Figure 8 shows the location of pressure rakes and
probes in the model. A 0.5-in. strip of grit was applied near the leading edges of the
ramp and sidewall to ensure that a fully turbulent boundary layer was ingested by the
inlet.

Navier-Stokes computations were carried out using the PARC3D solver (Ref. 7) on the
NAS Cray 2. Grid sizes of 151 by 81 by 41 were used with hyperbolic packing so that the
first point was at a y+ of 2. Bleed was simulated by imposing a constant mass flux
through the porous bleed surfaces based on the experimental data. The boundary layer was
assumed to be turbulent throughout, and the turbulence model was that of Baldwin-Lomax.
Flow spillage over the sideplates was also not computed in this case.

The computed ramp pressure results are compared with experimental data in Fig. 9.
The agreement of the computations with the data is very good throughout the computed
length of the inlet. Figure 10 shows the comparison for the cowl pressure distribution.
The disagreement of the results at an x/h of 4.2 is believed to be due to the fact
that one of the translating probe assemblies is located in the same region where the
four static pressure taps are located. Because the retracting probe does not completely
retract into the wall, additional shocks are generated which biased the data. Pitot
pressure profiles were compared with data at various locations along the inlet. Fig-
ure 11 shows the pressure profile from rake 3 which was located on the centerline and in
the region of the second ramp (Fig. 8). The agreement of data and computation is very
good. Along the sidewall, however, the agreement is much poorer, as shown in Fig. 12
for rake 7. The corner effects are not being adequately simulated. An improved turbu-
lence model may improve the comparison in these corner regions. Figure 13 shows the
pitot pressure comparison for rake 10 mounted at 45* from the corner of the cowl and
sidewall at station 59.6 from the start of the inlet. This region of the flow is domi-
nated by low energy vortical flow as seen in Fig. 14. Large variations in the pitot
pressure are seen as one moves from the corner into the stream. Measurements in these
regions are also very difficult.

The Mach 5 inlet was also analyzed using the SCRAM3D Navier-Stokes code by Rose
(Ref. 8). A Baldwin-Lomax turbulence was used, assuming turbulent boundary layers.
These results also reveal strong glancing shock wave-boundary layer interaction leading
to large regions of low momentum flow on the sidewalls. Rose carried out a number of
numerical experiments to control the vortex phenomena in the corner regions. Figure 16
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shows the baseline or no control case, followed by cowl cutback, cowl bleed and removal
of a part of the sidewall. These modifications were made near the inlet ramp shoulder.
It may be seen that these modifications were ineffective in eliminating the vortex
region. Even with the cutback sidewall, the low momentum fluid exists along the entire
sidewall. Some attenuation is seen along the cowl surface for that case. It is evident,
however, that the shock-boundary layer physics within a rectangular shaped inlet will
lead to pressure losses in the corner regions. However, if these regions can be utilized
in an "integrated design approach" (Ref. 4), then combustor/nozzle design may benefit
substantially. Further computations of the Mach 5 inlet with improved simulation of the
bleed zones is underway, as well as further analysis of the test data.

Mach 18 Sidewall Compression Inlet

A sidewall compression inlet has been designed and tested at NASA Langley by
Trexler. As seen in Fig. 17, the compression occurs on the sideplates. The experiments
were run at an entrance Mach number of 18 to 22 with and without a flat plate upstream to
simulate fuselage boundary layer buildup. The entering boundary layer was approximately
one-third the cowl height. Computations were made by Rose (Ref. 9) using the SCRAM3D
code. Laminar boundary layers were assumed on cowl and sidewalls, and a Baldwin-Lomax
turbulence model was used.

Figure 18 shows the Mach number contours along the vertical centerplane for an
entrance Mach number of 18.1. The contraction ratio was 4 and the.cowl leading edge is
located at the entrance to the constant area section. All of the convergence occurs
along the sidewalls, which generate a pair of shock waves that intersect on the vertical
centerplane. A large pressure rise is felt on the ramp surface. Further downstream, the
shocks interact with the sidewall boundary layers and reflect and intersect again on the
centerplane at the indicated position. A further rise in pressure causes ramp boundary
layer separation.

The Mach number contours on the horizontal centerplane are shown in Fig. 19. The
intersecting sidewall shocks and the intersecting reflected shocks are visible. Since
the sidewall shocks strike the sidewall well upstream of the shoulder, shock cancella-
tion is clearly not achieved. The reflected shock waves, however, are seen to cancel at
the shoulder. The strong viscous interaction effects are very evident at these flow
conditions.

Calculated Mach number contours are shown in Fig. 20 for both the horizontal and the
vertical center planes with an entrance boundary layer. The entrance plate reduces the
Mach number from the entrance value to about Mach 12. Separation of the boundary layer
on the ramp, caused by the sidewall shock waves, causes a large upstream influence. As
the ramp boundary layer thickens, an oblique shock occurs reducing the inlet flow to
Mach 8. Sidewall shocks and their intersection are seen in the horizontal centerplane.
The sidewall shock wave angle is substantially increased due to the reduced Mach number
entering the inlet. The ramp shock falls outside the cowl leading edge. Figure 21 shows
a comparison of the experimental and computed surface pressure distributions on the ramp
centerline, for the case where the cowl is moved forward. In this particular comparison,
the numerical code yields results which are higher than the measured data and also rises
faster than measured. Further data analysis and comparisons are underway at the present
time, which will lead to a more complete understanding of the flow in this class of
inlets.

CONCLUSIONS

Through the use of a variety of numerical simulations and experiments, the basic
flow features within rectangular hypersonic inlets are becoming better understood. Fast
running PNS solvers in combination with much longer running but more sophisticated
Navier-Stokes codes are providing a clearer picture of shock structure and boundary
layer behavior in inlets. Clearly, the flow fields are highly three-dimensional, vis-
cously dominated and contain significant flow separations. Shock wave-boundary layer
interactions persist down to the throat and beyond. As the propulsion community moves
towards the validation of these codes, a number of issues still remain which will impede
the application of the methods for the design of hypersonic inlets. Perhaps the first
concern is that regarding the nature of the boundary layer within the inlet. Although
attempts are made to ensure the presence of turbulent layers, for example, questions
still remain regarding the existence of transitional layers. Installation of hot film
gauges on the walls would provide the numerical analyst with the proper information to
use within his computer code; be it laminar, transitional or turbulent. An additional
issue is concerned with turbulence modeling and the ability of the Baldwin-Lomax model
in regions of glancing shock wave-boundary layer interaction. Current turbulence models
appear to yield good qualitative flow characteristics, but may be inadequate for quanti-
tative predictions. Alternate models are needed. A third concern deals with the neces-
sity of including the zone outside of the inlet in order to provide proper boundary
conditions for the computation. In spite of these concerns, the understanding and agree-
ment (i.e., on centerline) are very significant. The Mach 5 inlet presents the same con-
cerns but with the complication of bleed flow on all four surfaces. Modeling issues
related to turbulence, boundary layer transition and spillage are made more complex with
a distributed mass flux boundary condition. Again, it is remarkable that such good
agreement, with limited data, was achieved for that inlet. A great deal more effort will
be required to analyze the test data and develop the proper modeling for a bulk of the
data.
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The sidewall compression presents a unique approach to inlet design. Computations
of the three-dimensional flow field and associated shock structure provide us with a
great deal of physics. The limited data provides a basis for an improvement in current
modeling. Use of the experimental data and empirically derived correlations may serve
as a basis to produce improved viscous modeling. It is important to point out that in
all of these inlet tests, the tunnel flow was sufficiently low to avoid real gas effects.
Hence, the comparisons presented in the paper are only aerodynamic in nature. More sig-
nificant modeling issues will surface as test data is acquired in high-enthalpy flows.
Finally, the need to analyze variable geometry with transient disturbances will provide
a significant challenge.
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Figure 1. - Geneic inlet (ref. 5).

Figure 2. - Mach number contours, M = 12.25 (ref. 1).
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Figure 3. - Mach number contours viewed from aft (ref. 1).

Figure 4. - Sidewall particle tracing, M = 12.25 (ref. 1).
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Discussion
GARNERO

1) Can you give us the CPU time for one calculation, for example for the
Mach 12 Generic Inlet, with a three-dimensional PN 5 LBI implicit scheme and
CRAY X-MP?

2) Do you think that a Baldwin-Lomax Turbulence Model is sufficient to
compute internal aerodynamics in hypersonic inlets or do you plan to use more
complex models like K-E model for example?

AUTHOR'S REPLY
1) 3-D Parabolycal Navier-Stokes computations for the Mach 12 Generic

Inlet on a Cray X-MP typically take 45 CPU minutes, using a linearized block
implicit scheme. Navier-Stokes solutions for the same inlet take much more
time, i.e. 10 Hrs of CPU time.

2) The Baldwin-Lomax turbulence has been extensively used for inlet
computations. However, it has been found to have significant shortcomings.
Higher order turbulence closures have been investigated and are under study.
In addition, a program is in place with the objective of developping improved
turbulence and transition modeling for hypersonic flows.

KORZ
The glancing sidewall shocks and the resulting separation and secondary

flow would seem to have the potential for a significant input on modular
scramjets configurations. Would you comment and indicate if any evaluations of
this phenomenon have been carried through the entire scramjet flowfield,
including the combustor and nozzle?

AUTHOR'S REPLY
Sramjet modular configurations would utilize multiple sidewalls over the

span of the inlet. At each of the sidewalls, the potential for regimes of
secondary flow is present. Hence a considerable fraction of the flow area can
be affected by this phenomenon. At the present time, no data has been
presented which tracks the secondary flow through the combustor/nozzle in a
scramjet. There are measurements in a Mach 3.5 rectangular inlet, however,
which does show the persistence of the vortex through inlet, through a normal
shock and into a subsonic diffuser. The effect of this secondary flow on inlet
performance and inlet unstart must be evaluated. It is noted that the presence
of this flow feature may provide some benefit for enhanced mixing of fuel. It
has been suggested previously that injection of fuel into the vortical flow
region at some point within the aft portion of the inlet may lead to greater
fuel spreading and additional time for chemical reaction.
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ISABE 89-7106 ADVANCED COMPUTATIONAL TECHNIQUES FOR HYPERSONIC PROPULSION

Louis A. Povinelli*
National Aeronautics and Space Administration

Lewis Research Center
Cleveland, Ohio 44135

Abstract exists, can then be carried out. In theory, there-

fore, the procedure described would provide us with

CFD has played a major role in the resurgence ground simulation throughout the Mach number range

of hypersonic flight, on the premise that numeri- from takeoff to orbital velocities. It is crucial,
cal methods will allow us to perform simulations however, to realize the capabilities and the limi-

at conditions for which no ground test capability tations involved in the extrapolation process as

exists. Validation of CFD methods is being estab- well as the numerical methods at the present time.

lished using the experimental data base available, In this paper, the current features of the numeri-
Swhich is below Mach 8. It is important, however, cal methods available for analyzing the flow in

L to realize the limitations involved in the extrapo- multi-element hypersonic propulsion systems will
lation process as well as the deficiencies that be presented. Since this paper has as its focus

exist in numerical methods at the present time. the propulsion system, the aircraft configuration

Current features of CFD codes are examined for is only discussed relative to the propulsion flow

application to propulsion system components. The path. Only the integration effects of the fore-

shortcomings in simulation and modeling are identi- body and nozzle afterbody configuration will be

fled and discussed. addressed. Emphasis is placed on the inlet behav-
ior, combustor and nozzle characteristics includ-

Introduction ing ionization and dissociation effects, as well
as finite rate and equilibrium chemistry effects.

An overwhelming degree of reliance has been The critical limitations introduced by the need for
placed on computational fluid dynamics in the turbulence, boundary layer transition and chemical

achievement of hypersonic flight with a NASP-llke modeling are discussed; and the effect of various

vehicle (National Aero-Space Plane Program). This models is illustrated for the propulsion system

reliance covers the range of design activities; components. Shortcomings associated with the
from the design of the aircraft configuration to extrapolation to higher speeds are also presented.

the design of the integrated engine system. The Current and future activities, which are directed

belief that CFD can be used to predict all of the toward improving the modeling, are discussed.
relevant flow physics and chemistry, from aircraft These activities include elements such as direct

takeoff to orbital speeds and return, has been one numerical simulation, wall and shear layer turbu-

of the principal reasons for the resurgence of lence modeling and probability density functions

hypersonic research. 1  Computational methods do, in for reacting flows.
fact, provide us with the unique ability to perform
ground simulations at high Mach numbers for which Propulsion CFD Validation
no ground test capability exists. Above Mach num-
bers of approximately 8, ground test facilities do Hypersonic Propulsion System
not duplicate the relevant flight simulation param-
eter such as Mach number, Reynolds numbers, gas In order to demonstrate the ability of CFD

composition, and enthalpy level. Numerical analy- codes to perform propulsion system computations and
sis remains as the principal approach to the design to examine their strengths and their shortcomings,
of the aircraft and the propulsion system. It is a typical propulsion configuration must be chosen.

possible that some data could be obtained from In this paper, a combined ramjet/scramjet system
rocket test vehicles. These data would be limited, is assumed which has a common flow path. The low
however to such items as the state of the boundary speed or "accelerator" portion of the engine, which
layer, boundary layer transition location, length would provide sufficient speed for ramjet opera-

of the transition zone and surface heat transfer. tion, is not considered here. The assumed flight
Testing of a scramjet propulsion system on a rocket conditions would correspond to subsonic combustion
vehicle would present a major problem due to the ramjet operation from flight numbers of approxi-

fact that scaling of the combustion process is not mately Mach 3 up to approximately Mach 5.5, where

feasible. Therefore, a full sized propulsion mod- supersonic combustion operation would commence.

ule would be required as the test article on a Supersonic flow within the engine results in lower
rocket test vehicle. Such testing might be better temperatures and pressures, thereby reducing heat

approached through use of larger vehicles such fluxes and internal forces. The lower temperatures
as the Space Shuttle. However, it is currently also allow heat to be added from the fuel without

believed that the costs associated with the flight imposing high air dissociation losses. However,
testing described above would be extremely high. ignition and combustion of the fuel within the com-

CFD, therefore, remains as a viable alternative. bustor remains a major challenge. The idea of an
It must be pointed out that the philosophy regard- oblique detonation wave ramjet has been proposed,
ing CFD is based on the fact that an experimental wherein fuel is injected upstream (inlet) for pre-

data base exists below Mach 8. Those data provide mixing with air. The mixture is then ignited by a

the means for assessing the accuracy of the numeri- shock wave within the combustor. Detonation wave

cal methods, as well as for calibrating the codes. stability, completeness of combustion and premix-

Extrapolation to flight conditions, where no data ing feasibility issues must be solved to under-
stand this concept. In this paper, the detonation

"*Deputy Chief, Internal Fluid Mechanics engine computations are not considered. Our inves-

Division; Associate Fellow, AIAA. tigation, therefore, centers on the use of CFD for
This paper is declared a work of the U.S. Government and
is not subject to copyright protection in the United states.

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for

Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Gen~se,
Belgium from 15-19 April 1996 and published in R-813.
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an integrated airbreathing propulsion system oper- chemistry insofar as it affects the performance
ating at altitudes from near earth to the limits parameters cited earlier. If the physical/chemical
of the stratosphere. In the absence of specific phenomena do not affect the inlet performance or
ramjet/scramjet designs, a generic type propulsion loadings, it is safe to say that the designer would
system will be used which includes many of the not be particularly upset If such features were
features which are considered important in real missing in the numerical code.
systems. Those engine features which cannot be
analyzed, for example, complex combustor geome- The relevance of the preceding discussion to
tries, will be discussed as limitations of CFD for the issue of code validation/calibration is that
hypersonic propulsion systems. the extent of the validation process and the number

of effects to be accounted for are strongly depend-
The level of sophistication required in the ent on the magnitude of the individual effects on

numerical methods varies for each of the system inlet performance. Another way of stating it is
components. For the blunt forebody, a thin layer to ask which of the items In the list of physlcal/
Navier-Stokes code Is required at the nose to chemical phenomena must be modeled by the CFD'er
handle the strong viscous shock, followed by para- in order for the designer to have valid answers.
bolized Navier-Stokes method to the inlet. Around If none of the items can be ignored, then all of
Mach 7, the vehicle generates a high temperature, them must be included as the numerical codes are
high enthalpy flow field. The elevated tempera- exercised to develop sensitivities to the indivi-
tures in the boundary layers of the vehicle disso- dual modeling. One must realize that in addition
ciates the oxygen and nitrogen molecules Into their to the modeling required, there are also issues
respective atomic species which may also become related to the numerics and the math modeling.
ionized. The process can be catalyzed and enhanced These issues involve computational grid sensltlv-
further by vehicle surface contaminants. This dis- ity, the ability to capture discontinuities, sensi-
soclation process may lead to variations In local tivity to internal code parameters, the effect of
flow-field molecular weight, specific heat and numerical boundary conditions, and conservation of
transport properties with resultant associated mass, momentum, energy and species. Therefore,
changes in dynamic airflow, heat transfer and one must be concerned with numerical/mathematical
combustor kinetics. These effects cannot be accu- modeling as well as physical/chemical modeling.
rately modeled in ground test facilities. Prop- If these activities can be properly executed, then
erties of shock heated air and combustion gases one may proceed to the next stage, which includes
are needed for performance predictions. Three- the identification of critical experiments and com-
dimensional thin layer or Navier-Stokes are parison of the numerical results with experimental
required for the flow in the inlet with the pres- results. Although the experimental methods will
ence of multiple shocks and possible flow separa- not be discussed, it is equally important to estab-
tion and unsteadiness. The combustor requires a lish the validity and accuracy of the measured
Navier-Stokes solution including finite rate chem- data.
istry as does the nozzle flow field. It is obvi-
ous, therefore, that real gas effects, ionization, The discussion regarding code validation has
recombination, nonequilibrium effects, and wall been somewhat general to this point. To be more
catalyticity must be considered at various loca- specific, Table I shows the critical forebody
tions through the system. design or performance parameters, the quantities

that must be computed by the codes and the physics/
CFD Validation chemistry modeling requirements. The same informa-

tion is shown in Table 2 for the inlet, Table 3 for
As mentioned in the Introduction, CFD extrapo- the combustor and Table 4 for the nozzle. From the

lation is required for the design of the aircraft/ viewpoint of a researcher, it is believed that a
propulsion system at the higher Mach number range fundamental understanding of the physics and chem-
(M > 8). A critical activity, therefore, is asso- istry within any system must first be understood
ciated with validation/calibration of the numerical and then modeled. Its relative importance (and
techniques. To what extent or level of sophistica- perhaps some eventual control) must first be under-
tion is validation required? Must the numerical stood, before a massive sensitivity study (grid,
codes duplicate all of the physics and chemistry internal parameters) is carried out for every phys-
in the flow? Before answering these questions, ical or chemical phenomena known to exist in the
one must be aware of the manner in which codes component. It is proposed, therefore, for CFD val-
will be used in the design process. In the case idation, that both experimental and numerical
of the inlet, the designer is interested in cer- research should proceed from the basis of develop-
tain performance parameters such as the amount of ing understanding first, secondly, making judgments
mass captured, adiabatic kinetic energy efficiency, on the importance of various phenomena, and then
pressure recovery, heat load, spillage drag and performing numerical sensitivity studies.
exit profile. Ideally, then a designer can com-
pute, for a variety of possible inlet geometries The propulsion system components will be dis-
over a range of Mach numbers, all of the parameters cussed sequentially in the following sections of
cited above and, eventually, arrive at a fairly the paper. The items of special concern are
efficient inlet design. At this point, however, it unsteady flow behavior in the inlet, combustion-
is necessary to ask to what extent is the designer turbulence modeling in the combustor and shear
interested in the physical and chemical phenomena layer/boundary layer characteristics in nozzle flow.
occurring in the inlet, such as shock/boundary
layer interactions, secondary/corner flows, mass Numerical Methods for Inlet Flow
injection, transition, bleed, equilibrium chemis-
try, flow separation and unsteady flows due to Numerical Schemes
pressure oscillations and shock interactions? The
answer is perhaps quite straightforward. The Typical results for a high speed inlet will be
designer is interested in all of the physics and presented in this section. A fairly significant
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number of analyses have been carried out over the the walls indicates the boundary layer, while the
last several years at various laboratories (i.e. contour concentration in the freestream indicates
NASA Lewis, Langley, Rose Engr, APL/JHU). As a shock wave locations. The flow (right to left)
means of illustrating the current capability of features seen in the figure are boundary layer
inlet codes, we consider the results obtained by buildup on the flat plate followed by thickening on
Benson and co-workers 2 - 4 using both parabolized the side walls and ramp surface. Shocks generated
and Reynolds averaged Navier-Stokes solvers. The by the compression wedges are seen as horizontal
PNS code solves the system of equations for hyper- lines, and the sidewall shocks as vertical lines.
sonic or supersonic flow by the linearized block The shocks generated by the compression surface
implicit scheme of Briley and McDonald. 5 Since glance across the sidewall boundary layers, produc-
parabolized solvers have inherent limitations ing a thickening of the boundary in the vicinity
regarding separation regions, an approximation is of the shock, and thinning of the layer in the cor-
used to allow the code to march through small ners. Strong secondary flows are developed in the
areas of separated flow. The Reynolds averaged shock wave/boundary layer interaction. These
Navier-Stokes code (PARC3D) solves the basic equa- flows, in turn, affect the downstream inlet flow
tions in strong conservation form with the Beam- field. A more detailed view of the flow field Mach
Warming approximate factorization algorithm. 6  It number contours is seen in Fig. 3. In this view,
uses central differencing and Jameson type artifi- which looks upstream toward the inlet entrance, the
cial dissipation. 7 Originally developed by Pulliam ramp and cowl compression shock waves emanating
and Steger, 8 ARC was modified for propulsion analy- from the leading edges are clearly discernible, as
sis by Cooper 9 and accordingly named PARC. The well as the secondary flow developed in the cor-
simple rectangular inlet configuration shown in ners. The boundary layer growth on the wedges and
Fig. 1 was analyzed with the expectation that sidewalls has been highly distorted by interactions
experimental data would be available. A flat with the compression shocks. Benson et al. 4 des-
plate of 30 in. length preceded the entrance to cribe their computations in the following way,
the inlet in order to simulate the boundary layer which relates to the important physical processes
growth on the forebody of a hypersonic aircraft. occurring: "The low energy flow of the sidewall
Compression wedges form the top and bottom walls boundary layer has been swept up the sidewall by
of the inlet and the contraction ratio was equal the ramp shock and down the sidewall by the cowl
to 5. Swept sidewalls which connect the upper and shock. Near the sidewall where the secondary flows
lower walls prevent compressed flow from spilling collide, one sees a secondary shock as a vertical
over the inlet sides. Computations were made at line. As the flow proceeds downstream to the cen-
an entrance Mach number of 12.25. Various turbu- ter plane, the shock waves cross and are distorted
lence models were used in the solutions, including by interaction with the sidewall boundary layer and
those developed by McDonald-Camarata, Bushnell and the expansion fan on the ramp surface. At this
Beckwith and Baldwin-Lomax. Two-dimensional PNS station, the ramp shock is reflecting from the cowl
solutions were carried out using grids of 100 by surface and the cowl shock is seen as the upper
1000, and the three-dimensional cases used 80 by horizontal line. The lower white horizontal line
60 by 750. The two-dimensional Reynolds averaged corresponds to the edge of the ramp boundary layer.
Navier-Stokes solutions used 100 by 200 grids The vortices generated by the shock/boundary layer
whereas the three-dimensional solutions were car- interactions have pulled away from the sidewall
ried out on grids of 150 by 81 by 41.. Computations while interacting with each other. Proceeding to
were performed on the Cray X-MP and the Cray 2. the last plane on the left, the expansion generated
The PNS code described above has been modified by on the lower surface causes a strong pressure gra-
Liou1 0 to include real gas effects. In addition, dient from top to bottom. Low energy flow along
Yu et al. 1 1 have incorporated finite rate and the sidewall moves into the corner formed by the
local equilibrium approaches in the chemical reac- sidewall and the ramp surface. As the shock wave
tion model for dissociation and ionization of the created by the ramp and reflected from the cowl
inlet air. The finite rate approach involves the strikes the ramp surface, the low energy flow in
simultaneous solution of eleven species equations the corner separates. The PNS analysis cannot be
coupled with the fluid dynamics equations. In the made to proceed farther due to the magnitude of the
local equilibrium approach, a chemical equilibrium separation in the corner. At this last station,
package has been developed and incorporated into the flow is seen to be highly distorted with sepa-
the flow code to obtain chemical compositions ration in the lower corners, vortical flow near the
directly. Gas properties for the reaction product sidewalls and thick boundary layers on both the
species are calculated by methods of statistical ramp and cowl surfaces."
mechanics and fit to a polynomial form for spe-
cific tieat. An alternate visualization of the three-

dimensional flow is obtained with particle tracing,
Rose and Perkins 12 have used Kumar's explicit, as shown in Fig. 4. Computational particles were

time-accurate implementation of MacCormack's algo- placed along the sidewall of the inlet. Interac-
rithm for solving the full Navier-Stokes equations. tion of the ramp and cowl shocks with the sidewall
Grid sizes used for the computations were 201 in boundary layer causes the particles to converge
the streamwise direction, 61 in the compression near the shock interaction point. The particles
direction and 27 in the cross stream direction. are then displaced due to the vortex motion des-
Inlet surfaces were assumed to be nearly adiabatic cribed earlier. Flow migration details are clearly
with surface temperatures equal to stagnation depicted in this computational simulation. Since
temperatures. this vortex phenomenon persists downstream, it is

proposed that judicious fuel injector design and
Computed Inlet Results placement may lead to enhanced mixing of air and

fuel in the combustor.
Contour plots of constant Mach number within

the inlet, obtained with the PNS analysis are Computations performed by Rose are shown in
shown in Fig. 2. The concentration of lines near Fig. 5 for a rectangular inlet at Mach 5. The
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same features shown in the previous inlet are also boundary layer begins to transition from laminar
seen in the Mach 5 inlet, i.e., strong visCOUS to turbulent, as well as the length of the transi-
shock effects leading to large regions of vortex tion zone. The state of the boundary layer at
flow. Rose carried out a number of numerical hypersonic speeds is unknown, and relaminarization
experiments to control the vortex phenomena in the may occur in an unpredictable manner. Direct
corner regions. Figure 6 shows the baseline or no numerical simulation may provide an approach for
control case, followed by cowl cutback, cowl bleed transition modeling at high speeds.
and removal of a part of the sidewall. These modi-
fications were made near the inlet ramp shoulder. Reacting Flow Code
It may be seen that these modifications were
ineffective in eliminating the vortex region. Even Numerical Schemes
with the cutback sidewall, the low momentum fluid
exits along the entire sidewall. Some attenuation A representative code for the analysis of com-
is seen along the cowl surface for that case. It bustor flow fields is described in Ref. 15. The
is evident, however, that the shock-boundary layer three-dimensional code employs an implicit finite
physics within a rectangular shaped inlet will lead volume, lower-upper (LU) time marching method to
to pressure losses in the corner regions. However, solve the complete Navier-Stokes and species equa-
if these regions can be utilized in an "integrated tions in a fully-coupled and efficient manner. The
design approach," then combustor/nozzle design may hydrogen-air chemistry model Includes nine species
benefit substantially. and eighteen reaction steps. The code has been

demonstrated for normal hydrogen injection into
Improvements Required supersonic airstreams for nonreacting flow and also

compared to other numerical schemes. The LU code,
At the present time, the design of a low drag in its two-dimensional version, incorporates com-

highly efficient inlet has not been demonstrated. prehensive real gas property models to account for
It must be noted here that the geometries computed high temperature flows, and includes finite rate
are extremely simple and, to a large extent, the or equilibrium chemistry. The code, RPLUS, is
computations are concentrated on developing a fun- formulated based on elgenvalue upwinding. The
damental understanding of glancing shock/boundary scheme has the efficiency and robustness of an
layer behavior within an inlet. The results implicit scheme, with an operational count compara-
obtained yield a clear picture of the physics asso- ble to that of an explicit scheme. This feature
diated with the compression process. Observations of the code is of critical importance for three-
on high speed inlets verify that the secondary dimensional calculations of a large system of equa-
flow regions do in fact occur, as predicted by the tions for reacting flows. Vectorization of the
numerical code. So far, therefore, the numerical code is performed by a reorganization of the
results provide realistic answers. However, real indices of the grid points for parallel processing
Inlets are more complex in shape, may have movable planes.
geometry, will spill flow over a wide Mach number
range, will probably include bleed at low Mach Now, we consider the case of a simple or crude
number flight and blowing at the higher speeds. combustor which utilizes some hydrogen injection
In addition, some means for shock control and elim- from a single or double wall position into a Mach 4
ination of buzz and unstart will be required. A freestream (see Fig. 7). For the purpose of per-
design CFD code, then, would require a full three- forming computations, we assumed the temperature
dimensional, time accurate Navier-Stokes code capa- of the hydrogen was set at 700 K and the airstream
ble of handling spillage and mass addition or at 1300 K. The boundary conditions include no-slip
removal. Currently, these individual effects, such and adiabatic top wall, with gradients of variables
as spillage, have been computed for steady inlet in the streamwise direction assumed to be zero.
flows with simplified geometries. 1 3  However, Symmetry boundary conditions are assumed at both
incorporation of all of these features into a time side walls and bottom wall. Grid sizes required
accurate computer code will make efficient computa- for resolution of the jet interaction features
tions all but impossible. It is worth noting that were on the order of 60 by 40 by 40 (x,y,z) with
the simple geometry shown in Fig. I was tested and clustering in both x and z for jet resolution and
found to exhibit unsteady flow, again stressing y clustering for boundary layer resolution. It
the need for a time accurate solver. It is fur- should be re-emphasized that the case under consid-
ther noted that the issue of dispersive and dissi- eration represents only a small portion of a real-
pative errors associated with various time accurate istic combustor geometry. In other words, this
finite-difference numerical schemes with high grid rather large computation is only a "unit problem"
density is only now being rigorously addressed. 1 4  associated with one of the propulsion components.
Proper boundary condition treatment is also neces- The results obtained with this numerical code and
sary to avoid degrading the accuracy of numerical the grid discussed yield a great deal of the phys-
solutions. Pure acoustic radiation boundary condi- ics inherent in the injection process. Observa-
tions do not properly account for the effects of tions regarding jet interaction phenomena made over
unsteady vortex shedding, disturbance amplifica- the last 20 years are accurately replicated by the
tion caused by separation and the response due to code. It is noted that in the section entitled CFD
both vorticity oscillations and entropy waves. 1 4  Validation the ability to capture discontinuities

was mentioned as one of the important numerics
Up to this point, the discussion has centered issues. In that regard, the recent work by Shuen

on the geometric configuration of the inlet, and Liou1 6 was directed toward a flux splitting
There are also a number of problems associated algorithm for viscous flows with nonequilibrium
with understanding the fundamental flow physics chemistry. Upwind TVD differencing was used with
and our ability to model them. These physics are a Roe flux splitting scheme. Nonequilibrium,
associated with the transition of the boundary frozen chemistry and idea gas assumptions were used
layer and the nature of the turbulence modeling, in a sample calculation for the single jet injec-
Currently, there is no way to determine where the tion case described above.
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Computed Combustor Results the streamwise generation of vorticity has been
suggested 2 0 and addressed in a number of ways. 2 1 .22

Figures 8 and 9 show a typical Mach number Vorticity generation has been found successful for
and temperature contour on yz planes for various x jet engine exhaust flows 2 3 and is currently under
locations. Yu et al.15 describe their computa- study at many laboratories for supersonic streams.
tions in the following manner, which relates to Since most of the generation occurs through an
the important physical/chemical phenomena: "Just inviscid mechanism, 2 3 the concept should work
behind the injecting orifice, the Mach number con- equally well in supersonic streams. Since it has
tours show a strong bow shock very close to the been shown in the preceding section, Inlets, that
wall. Under the bow shock, the circular Mach num- a typical high speed inlet generates vortex flow,
ber contour indicates the existence of the barrel this flow phenomenon could be utilized as it
shock structures. The jet has been bent and flows passes downstream, to enhance combustor mixing.
almost parallel to the primary flow. The penetra- Vortex-shock interactions 2 4 and shock-shear la'ye
tion of the jet increases as the flow goes down- interactions 2 5 have also been postulated for the
stream. The shape of the jet also deforms as the purpose of enhanced mixing. However, these phenom-
flow goes downstream due to the presence of the ena have so far proven of limited value for the
streamwise vorticity in the lee of the injector, improvement of mixing.
The secondary motion formed by two counter-rotating
vortices gives the bent-over jet a kidney shape. The various phenomena described above are all
In the temperature contour plots, the hottest under continued investigation. Research on "explo-
region is along the wall because of the viscous sive growth" in shear layer stability underway at
dissipation in the high speed flow enhanced by the NASA Lewis26,27 may provide some assistance in this
combustion of the H2 and air. Away from the wall, problem. Regardless of the understanding which
by comparing the Mach number plots and the tempera- will develop over the next few years, the numeri-
ture plots, it is evident that the temperature cal analysis will require extensive computer capa-
increases after the bow shock. Further downstream bilities to handle the geometries which evolve.
a thin flame zone characterized by higher tempera- It is unlikely that simple combustor geometries
ture is developed. Vigorous chemical reaction will satisfy the requirement for this propulsion
occurs in the flame zone." Mach number contours system.
are also shown for the xy plane across the orifice
for both the single (Fig. 10) and double jet So far, we have discussed the combustor geome-
(Fig. 11) injection computation. Features near try to a great extent. There is, however, even a
the injection orifice(s) indicated the presence of greater problem associated with the fundamental
a barrel shock structure. Separation and reattach- phenomena of turbulent combustion and our ability
ment features upstream and downstream of the jets to model it. Although a great deal of research
are also clearly discernible. In the dual injec- has been carried out, the nature of the interac-
tion case, blockage caused by the first jet allows tion between the fluctuating flow field and the
the second jet to penetrate further into the free- chemical reaction steps or processes is not under-
stream due to stronger expansion. This behavior stood. Simple approaches related to the gross fea-
is consistent with the penetration correlation pub- tures of relatively ideal burner behavior have been
lished by Povinelli et al., 17 in that the free- made, such as flame propagation in turbulent mix-
stream momentum deficit approaching the jet is one tures. Those features studied have related to
of the parameters governing jet penetration, changes in flame speed due to increasing surface

area and increasing transport but have not specifi-
Improvements Required cally dealt with how the flow field modifies the

chemical reaction scheme. The proper modeling of
So far, we have shown that for flush, single turbulent flow reaction remains as a key require-

and-dual wall injection, numerical computations ment for the CFD of combustors.
provide realistic answers. The results, however,
cannot be extended for lengthy downstream dis- For, turbulent chemical reacting flows, the
tances with the grid resolution obtained around evaluation of the mean source (or sink) of the
the jets, due to computer limitations. Hopefully, chemical species due to chemical reactions repre-
once the jet regions are computed, one could pro- sents a major unsolved difficulty. The formation
ceed with different, coarser grids downstream. (or destruction) rates are nonlinear functions of
Some of the general flow field property distribu- temperature and species concentrations and thus
tions would need to be passed on to the new grid. knowledge of the mean-valued properties is insuffi-
We must further consider that wall jet penetration cient to evaluate the mean formation rate. For
is limited in terms of providing fuel distribution example, in finite rate chemistry models, the mean
in supersonic streams. Flush wall jet penetration formation rate calculated by using the mean-value
is on the order of 10 orifice diameters. 1 7 For temperature and species concentration in the Arrhe-
that reason, devices like struts which span the nius form will lead to errors up to three orders
combustor completely 1 8 or partially 1 9 are required of magnitude. Formally, the mean reaction rate
for distribution of fuel. The numerical codes could be obtained by decomposing the temperature.
must, then, be capable of multiple wall and strut density, and mass fractions appearing therein into
injection from many points on the solid surfaces. mean and fluctuating components, then taking the
With partial swept struts, a typical arrangement time (or Favre) average. The resulting equations
might include 20 injection ports from the ridye involve many second order moments which need to
line and trailing edge of each of six struts, 9 as be solved by extra transport equations or to be
well as selected combustor wall locations of a modeled. In this approach, the neglect of the cor-
comparable number. Clearly, our numerical ability relation greater than second order terms is unsat-
to perform this task is not possible. Other isfactory and leads to erroneous solutions, while
approaches to combustor design may be possible. the retention of the higher order term renders the
For example, the possibility of enhanced mixing by approach intractable. 28
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The most convenient way to circumvent this *of 7.3. The geometry chosen was that of a corre-
problem is to use probability density function sponding experimental configuration (Fig. 12).
(pdf) method. About the simplest and most popular The grid zones chosen for the numerical study are
approach Is to specify a two-parameter form of the shown in Fig. 13. The first grid is used for cal-
pdf in terms of mean and variance of the conserved culations up to the nozzle exit plane followed by
scalar. The transport equations are readily interpolation of data to the second grid. The
obtained from the conservation of mass and chemi- internal nozzle flow at the exit plane is modeled
cal species. By solving these two equations, the by specifying boundary layer profiles. The compu-
pdf at each location for the whole flowfield can ted Mach number contours in the symmetry plane and
be obtained. Next, if the correlation is known the two cross-flow planes are shown in Fig. 14,
between the conserved scalar and the chemical spe- with the forebody at 00, afterbody ramp in the noz-
cies concentration (which is usually calculated by zle block region at 150, and the long expansion
equilibrium method), then the distribution of the plate at 200. A complex interaction may be seen
chemical species concentration can be obtained by in the plume where the bow shock and the side edge
performing a straight forward integration. This vortex come together. Also, the ramp shock gener-
method strongly couples the turbulence and chemical ated on the windward ramp causes high pressure flow
reactions. However, the choice of the pdf form and to move to the leeward region. Figure 15 shows the
the usage of equilibrium assumption inevitably lead predicted particle traces on the ramp expansion
to errors in predicted results. There are more surface. In the words of Ruffin, the results are
complex approaches along the same line, for example, discussed in terms of the physical processes taking
the two-variable formalism adopted by Janicka and place: "Figure 15 (original in color) allows the
Kollmann 2 9 for the H2 /air flame. A single combined identification of several flow features near the
reaction progress variable was introduced to des- body surface. The turning of the oil traces corre-
cribe completeness of the three-body reactions while sponds to turning of the high pressure flow from
the two-body reactions are assumed to be in equl- the side edge of the ramp and above the nozzle
librium. Thus the joint pdf for mixture fraction block toward the low pressure expanded flow above
and reaction progress variable is needed to deter- the ramp. Other traces converge onto the separa-
mine the thermochemical state of the flowfield. 2 8  tion line of a vortex near the side edge of the

ramp. Additional traces correspond to a separation
Nozzle CFD Analysis bubble at the location just after the ramp angle

transitions from 150 to 200. Finally, the foot-
Numerical Schemes print of the shear layer is shown by the particle

traces near the far edge of the ramp. It should
In order to illustrate nozzle CFD capability, be noted that the predicted separation that occurs

a number of numerical schemes may be chosen. on the ramp may be induced by the assumption of
Ruffin et al. 3 0 have used a Reynolds averaged laminar flow. This feature may not be present in
Navier-Stokes solver which contains a LDU-ADI the experimental flow field, which will be turbu-
scheme with Roe averaging and MUSCL differencing. lent." It is noted here that Ruffin's computations
The algorithm is diagonal in structure and requires were carried out in order to provide information
minimal CPU per iteration. Laminar nonreacting relative to the design of a nozzle validation
computations of a nozzle exhaust flow field were experiment. The proposed experimental model is
made using two patched grids to model the geometry. fairly simple relative to an exhaust module of a
The first grid consisted of 20 by 99 by 35 grid NASP type vehicle. In spite of the simplicity of
points and the second grid contained 51 by 99 by the model, the computed results very clearly point
52 grid points. Baysal et al. 3 1 used two Navier- out the complexity of flow patterns that arise
Stokes numerical schemes to compute nozzle flows, under these conditions.
Both schemes were two-dimensional. One scheme was
an implicit, upwind solution and constant y, the In an effort to provide better definition of
second scheme was an explicit MacCormack and had the nozzle flow field features, use of adaptive
variable y. Baldwin-Lomax turbulence modeling gridding has been studied by Hsu. 3 3  Figure 16
was used, and the grid dimensions were 155 by 131. shows the Mach number contours and grid using a
Lal and Nelson 3 2 used the three-dimensional PARC regular grid (Fig. 16(a) and (b)) and using an
Navier-Stokes code to compute nonaxisymmetric noz- adaptive grid (Fig. 16(c) and (d)). These computa-
zle flows. The numerical scheme in PARC employs tions were carried out on a simple nozzle shape
three point central differencing uniformly through- using a 81 by 201 regular grid. Grid adaption was
out the flow field to approximate spatial deriva- carried out In the y direction only in the region
tives. Second and fourth order Jameson type above the cowl. Figure 16 shows that the use of
artificial dissipation is included. Diagonaliza- adaptive grid yields:a sharper shock and thinner
tion of the inviscid terms simplified the block boundary layer as well as diminishing the large
pentadiagonal system of equations to a scalar pen- region of shock induced boundary layer separation
tadiagonal system. The numerical scheme employs where the shock intersects the upper wall.
an ADI Beam and Warming approximate factorization.
In general, the boundary conditions assume mid- Baysal 3 1 also used adaptive gridding to com-
plane spanwise symmetry, with no slip velocity and pute the straight wall nozzle shown in Fig. 17.
adiabatic wall temperature. For the external far Again, the model is a fairly simple representation
field, quiescent air at normal conditions is of scramjet nozzle and afterbody. Results with
assumed and nozzle exit plane conditions are speci- the implicit code are shown in Fig. 18, for nonre-
fied. Streamwise flux gradients at the outflow acting air from the nozzle and an external Mach
boundary are assumed negligible, number of 6. The nozzle/external pressure ratio

was approximately 5. The shear layer can be seen
Nozzle Results originating at the cowl tip with an expansion, and

it is deflected upwards at about 130. Flow expan-
Three-dimensional laminar computations by sion proceeds down the ramp without separation.

Ruffin et al. 3 0 were made for a flight Mach number Computed values of the surface pressure on ramp
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nonexistent modeling for reacting separated flow. 8. Pulliam, T.H., and Steger, J.L., "Implicit
Numerical prediction of the state of the boundary Finite-Difference Simulations of Three-
layer is also not feasible. In addition, accurate Dimensional Compressible Flow," AIAA Journal,
heat transfer computations for the nozzle wall Vol. 18, No. 2, Feb. 1980, pp. 159-167.
have yet to be demonstrated over the range of oper-
ating conditions. In closing, it is important to 9. Cooper, G.K., Jordan, J.L., and Phares, W.J.,
note that real gas and thermal and chemical non- "Analysis Tool for Application to Ground Test-
equilibrium effects must be considered in all of ing of Highly Underexpanded Nozzles," AIAA
the propulsion system components at the appropri- Paper 87-2015, July 1987.
ate flight conditions.

10. Liou, M.-F., "Three Dimensional PNS Solutions
Advances in two other areas are required. The of Hypersonic Internal Flows with Equilibrium

first advance involves the further development of Chemistry," AIAA Paper 89-0002, Jan. 1989.
accurate and efficient numerical methods required
to improve solution accuracy with an attendant 11. Yu, S.-T., McBride, B.J., Hsieh, K.-C., and
reduction in computing time. The second advance Shuen, J.-S., "Numerical Simulation of Hyper-
relates to computer technology and includes issues sonic Inlet Flows with Equilibrium or Finite
of speed, storage, structure and graphics. Rate Chemistry," AIM Paper 88-0273, Jan. 1988.

It is not the intent of this paper to present 12. Rose, W.C., and Perkins, E.W., "Innovative
the opinion that a realistic computer simulation Boundary Layer Control Methods in High Speed
for a hypersonic vehicle poses an impossible task. Inlet Systems-Final Report," Contract NAS3-
Rather the intent is to assess, in as realistic a 25408, Sept. 9, 1988. (NASA CR in publication.)
fashion as possible, what is achievable with todays
knowledge, numerical codes and computers. The 13. Narayan, J., and Kumar, A., "A Numerical Study
progress in these areas has been remarkable over of Hypersonic Propulsion/Airframe Integration
the last decade and will continue to be so in the Problem," AIM Paper 89-0030, Jan. 1989.
future. It is with this understanding that this
author is confident that a complete simulation 14. Hsieh, K.-C., "An Assessment of Numerical Tech-
over the entire flight range will he possible some- niques for Unsteady Flow Calculations," AIAM
day. However, the progression of the simulations CFD Conference, Buffalo, New York, June 1989.
to the point where design type information can be
obtained, such as described earlier (Propulsion CFD 15. Yu, S.-T., Tsai, and Shuen, J.-S., "Three-
Validation section), can only occur If the valida- Dimensional Solution of Subsonic Reacting Flows
tion process is carried forward with more realistic with Finite Rate Chemistry," AIM Paper
propulsion geometries. 89-0391, Jan. 1989.
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show good agreement with measured data, Fig. 19. Flow separation at transonic speeds will
The next calculation by Baysal 3 1 was carried out cause significant drag losses. To date, no realis-
with the explicit code mentioned in the section tic simulation of the transonic regime has been
Numerical Schemes, which included variable y. The performed. Separation of the external cowl bound-
exhaust gas used was 50 percent F-12 and 50 percent ary layer and incorporation of means to prevent the

argon: the free stream Mach number was 6. Density separation also have not been simulated. Preven-
comparisons are shown in Fig. 20 and pressure con- tion methods could include burning or deployment
tours in Fig. 19. The expansion process proceeds of a wall section such as in the aftbody. As in
downstream and tne shear layer deflects upwards at the other components, turbulence and transition
about 150. The density is higher in the shear modeling remain as significant unknowns. Relami-
core, expanding back to its upstream value. Sepa- narization of the aftbody boundary layer is also a
ration on the external cowl surface occurs, extend- phenomenon which could occur. Heat transfer to
ing a significant distance upstream. the aftbody is also a computational issue which

requires a significant amount of attention.
The computations of Lai and Nelson3 2 were car-

ried out for the nozzle experimental geometry of Re Conclusions
and Leavitt. 3 4 The geometry is shown in Fig. 21,
and the nozzle exhaust grids used are shown in Based on the results presented in this paper,
Fig. 22. The spanwise grid distribution is shown it is evident that there are many portions or fea-
in Fig. 23. A three-dimensional computation was tures of a hypersonic propulsion system that have
carried out matching the nozzle operating condi- not been properly or accurately simulated by numer-
tions which exhaust into still air. Streamwise ical analyses. The inlet behavior and its perform-
contours for Mach number are shown at four differ- ance for both steady and unsteady operation have
ent spanwise positions in Fig. 24. Figure 24(a) been computed for fairly simple geometries, and
shows the contours at the nozzle mid-plane, and none of the computations incorporates all of the
Figs. 24(b) to (d) move progressively outward to physics which are known to occur. The design of a
the nozzle sidewall. Behavior of the shear layer high efficiency supersonic inlet, designed for a
formed on the three-dimensional surface of the jet relatively narrow Mach number range, is not a sim-
is clearly evident, as one scans Figs. 24 and 25 ple design matter. High recovery, reduced heat
which are the cross-sectional planes in the x or load, proper cowl lip design and low spillage drag
downstream direction. The shear layer is observed are all required while delivering usable exit pro-
to be highly three-dimensional in its structure file conditions to the combustor. In the spirit
with significant variations from top wall to bot- of a totally integrated propulsion system design,
tom wall to side wall. Comparisons of the com- the-features of the inlet flow field must be con-
puted wall pressure with experimental data, sidered as part of the combustor/nozzle design.
Fig. 26, show good agreement for both surfaces. Some thoughts on the utilization of inlet flow fea-

tures for combustor design were presented in this
Improvements Required paper. It is noted, finally, that unsteady inlet

behavior with mass addition and flow spillage must
In all of the cases described so far, the be properly simulated by numerical methods in order

nozzle entrance flow field was uniform and nonre- to establish a reliable design.
acting. In a scramjet module, the combustor and
nozzle are very closely coupled which means that In the combustor region, it is clear that only
nonuniformities in temperature, pressure and spe- crude design features have been modeled and com-
cies concentration will be present at the nozzle puted. Realistic geometries, incorporating struts,
entrance. The sensitivity of the nozzle configura- wedges and wall injection must be computed in order
tion to these nonuniformities has been a matter of to provide any design benefits. Aside from the
debate for some time. It has been proposed by this additional geometric complexity needed, the funda-
author that three-dimensional reacting nonuniform mental nature of turbulence-combustion interaction
profiles should be used in CFD codes to determine remains as a major unknown. The proper modeling
the performance sensitivity of the nozzle. In of the unsteady flow field, both random and deter-
this way, it would be possible to determine what ministic, with the combustion chemistry remains a
profiles are desirable at the nozzle entrance for major challenge. PDF modeling appears to be one
high performance. The knowledge of those profiles of the promising avenues to pursue in this regard.
would provide combustor designers with "targets"
or goals to achieve at the combustor exit plane in Nozzle flows are characterized by intricate
terms of pressure, temperature and concentrations, patterns of shock waves and shear layers. The
A start on providing an answer to this approach asymmetry of the nozzle, combined with the shear
has been initiated by Tsai and Yu3 5 who performed layer position, reflect the shocks in various
three-dimensional Navier-Stokes computations for a directions. Shear layer bending occurs at the
reacting hydrogen-air mixture as well as for frozen shock intersection locations. The shape and struc-
flow. Using a numerical scheme based on the LU ture of these features vary considerably over the
approach of Yoon and Jameson, 3 6 pressure, tempera- flight Mach number range with the attendant chang-
ture and Mach number distributions for both flow es in nozzle back pressure. Much remaining work
solutions have been compared as well as the OH, 0 needs to be performed on the expansion of reacting
and H mass fraction distributions. Calculation of gases with properly modeled entrance profiles of
the relative nozzle thrusts in a typical non axi- both flow stream aero properties and concentration
symmetric configuration is still required in order profiles. It has been suggested in this paper that
to support the proposal made by this author. The the efficient design of a hypersonic nozzle should
ability to compute multi-exhaust modules integra- proceed by exploring the best profiles for optimum
ted into a realistic aftbody with reacting flow nozzle performance. Those profiles then provide a
exhaust over a wide Mach number range has not yet goal for combustor exit conditions. Further defi-
been demonstrated. ciencies in the nozzle area are associated with
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,'t mcdeling for reacting separated flow. 8. Pulliam, T.H., and Steger, J.L., "Implicit
" u r!c•i :re~iction of the state of the boundary Finite-Difference Simulations of Three-
`aver i a~so not feasible. In addition, accurate Dimensional Compressible Flow," AIAA Journal,
"neat transfer computations for the nozzle wall Vol. 18, No. 2. Feb. 1980, pp. 159-167.
nave yet to te cemonstrated over the range of oper-
ating conditions. In closing. it is important to 9. Cooper. G.K., Jordan, J.L., and Phares, N.J.,
-o- : :naT real gas and thermal and chemical non- "Analysis Tool for Application to Ground Test-
e-.jilitrium effects must be considered In all of ing of Highly Underexpanded Nozzles." AIAA
nhe propulsion system components at the appropri- Paper 87-2015, July 1987.
ate flight conditions.

10. Liou. M.-F.. "Three Dimensional PNS Solutions
advances in two other areas are required. The of Hypersonic Internal Flows with Equilibrium

first advance involves the further development of Chemistry," AIAA Paper 89-0002, Jan. 1989.
accurate and efficient numerical methods required
to imorove solution accuracy with an attendant 11. Yu, S.-T., McBride, B.J., Hsieh. K.-C., and
reduction in computing time. The second advance Shuen, J.-S., "Numerical Simulation of Hyper-
relates to computer technology and includes issues sonic Inlet Flows with Equilibrium or Finite
of speed, storage, structure and graphics. Rate Chemistry," AIAA Paper 88-0273, Jan. 1988.

It is not the intent of this paper to present 12. Rose, W.C., and Perkins. E.M.. "Innovative
the opinion that a realistic computer simulation Boundary Layer Control Methods In High Speed
for a hypersonic vehicle poses an impossible task. Inlet Systems-Final Report," Contract NAS3-
Rathe- the intent is to assess, in as realistic a 25408. Sept. 9, 1988. (NASA CR in publication.)
fashion as possible, what is achievable with todays
knowledge, numerical codes and computers. The 13. Narayan, J., and Kumar, A., "A Numerical Study
progress in these areas has been remarkable over of Hypersonic Propulsion/Airframe Integration
the last decade and will continue to be so in the Problem," AIAA Paper 89-0030, Jan. 1989.
future. It Is with this understanding that this
author is confident that a complete simulation 14. Hsieh, K.-C., "An Assessment of Numerical Tech-
over the entire flight range will be ,possible some- niques for Unsteady Flow Calculations," AIAA
day. However, the progression of the simulations CFD Conference, Buffalo, New York, June 1989.
to the point where design type information can be
obtained, such as described earlier (Propulsion CFD 15. Yu. S.-T., Tsai, and Shuen, J.-S.. "Three-
Validation section), can only occur if the valida- Dimensional Solution of Subsonic Reacting Flows
tion process is carried forward with more realistic with Finite Rate Chemistry," AIAA Paper
propulsion geometries. 89-0391, Jan. 1989.
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Table 2. - Inlet Requirements

Table I. - Forebody Requirements Performance parameters
Mass capture

Performance parameters Kinetic energy efficiency
Lift Pressure recovery
Drag Heat load
Heat load Exit profiles to combustor
Inlet profiles

Computed variables required
Computed variables required Wall pressure

Pressure Skin friction
Skin friction Heat transfer
Heat transfer Exit profiles (u,v,r,T,Ci
Inlet Drofiles (u,v,w,p,T,Ci)
Integrals for performance Physical/chemical modeling requirements

Shock boundary layer Interactions
Physical/chemical modeling requirements Secondary/corner flows

Transition Mass injection
Turbulence Low Mach number bleed
Shock boundary layer interactions Flow separation
Vortical flow Shock induced unsteadiness
Entropy layer swallowing Turbulence, transition
Equilibrium, nonequilibrium chemistry Equilibrium chemistry
Wall catalyticity Flow unsteadiness
Low density flow

Table 3. - Combus:or Requirements Table 4. - Nozzle Requirements

Performance parameters
Thrust Performance parameters
Heat load Thrust
Combustion efficiency 4oment
Pressure losses Heat load
Structural load

Computed variables required
Computed variables required Wall pressure

Wall pressure Heat transfer
Heat transfer Skin friction
Skin friction
Exit profiles (u,vw.T,Ci) Physical/chemical modeling requirements

Finite rate chemistry
Physical/chemical modeling requirements Turbulence

Finite rate chemistry Shock interactions
Shock interactions Shear layers
Shear layers Secondary flows
Vortex/shock interactions Separation
Heat transfer Relaminarization
Injector interactions
Turbulence
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FIGURE 1. - EXPERIMNTAL MACH 12 INLET GEOMTRY (REF. 4).

FIGURE 2. - MACH NUMBER CONTOURS, = 12.25 (REF. 4).

FIGURE 4. - SIDEWALL PARTICLE TRACING, M 12.25 (REF. 4).

FIGURE 3, - MACH NUMBER CONTOURS VIEWED FROM AFT (REF. 4).
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911-12

NO CONTROL CUTBACK COWL COWL BLEED CUTBACK SIDEWALL

FIGURE 6. - COMPARISON OF EFFECT OF VARIOUS CONTROL METHODS ON MACH NUMBER CON-
TOURS NEAR RAMP SHOULDER (REF. 12).
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FIGURE 7. -FLOW CONIFIGURATIONIS (REF. 15).
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LOCATIONS FOR CASE 1 (REF. 15). LOCATIONS FOR CASE 1 (REF. 15).
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FIGURE 10. -MACH NUMBER CONTOUJR ON xy PLANE AT CENTER OF IN- FIGURE 11. -MACH NUMBER CONTOUJR ON Xy PLANE AT CENTER OF IN-

JECTIONE PORT FOR CASE 1 (REF. 15). JECTION PORT FOR CASE 2 (REF. 15).
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(a) SOLUTION ON A REGULAR GRID. (c) SOLUTION ON ANt ADAPTIVE GRID.

(b) NONADATIVE GRID FOR NOZZLE FLOW. (d) ADAPTIVE GRID FOR NOZZLE FLOW.

FIGURE 16. -MACH NUKOER COKTOURS AND GRIDS FOR A SCRALET NOZZLE (REI:. 33).

(a) SECTIONIAL VIEW.
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~K~}~)C• FLOW FENC

(b) ISOMTRIC VIEW.

FIGURE 17. -MODEL OF AFTERBODY WITH SCRA&UE EXHAUST
SIMULATION (REF. 31).
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FIGURE 20. -DENSITY CONTOURS FOR CASE 3 (REF. 31).
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(a) I1 . 0.

(a)! 50. x =4.485. (b) i65. x 5.372.

(c) 1 13, z 1.7. (c) i 75, x =6.221. Cd)i 85. x =7.513.

FIGURE 25. - SPANWISE MiACH NUMBER CONTOURS. CASE 1

(REF. 32).

(d) 125. z = 1.982.

FIGURE 24.- STREAMWPISE MACH NUMBER CONTrOURS, CASE 1
(REF. 32).
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FIGURE 26. - WALL PRESSURE DISTRIBUTIONS. CASE 1 (REF. 32).
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Missile Aerothermodynamics and Propulsion Integration

D. Pagan and R.-G. Lacau

AEROSPATIALE - Missiles

2 rue B6ranger, 92322 Chatillon Cedex, France

tools for high speed missile design will be illustrated on

SUMMARY several applications.

This lecture provides a general review of
aerothermodynamics and propulsion integration of 2. EMPLOYMENT OF HIGH VELOCITY
supersonic and hypersonic missiles. We focus on the major
design problems and the simulation means with their High velocity makes possible
potentials and deficits. Considered design problems are - to considerably increase the damage inflicted to the
external aerothermodynamics, including the specific target by direct hit,
problem of lateral jet control, and the ramjet/scramjet
propulsion integration. Simulation means cover - to successfully engage targets which have been

Computational Fluid Dynamics (CFD) tools as well as detected late and travel very fast (e.g. missiles),
ground test facilities. The last part of the lecture illustrates - to penetrate air-defence in combination with stealth
the feasibility to use CFD tools in the design process as a characteristics.
complementary approach to wind tunnels, propulsion
benches and flight tests. These three features gave birth to three families of

weapons: kinetic energy projectiles, short-range
supersonic/hypersonic missiles and medium to long range

1. INTRODUCTION supersonic/hypersonic missiles propelled by rocket or air-
breathing engines.

Forecast studies1 show that the current decline in world

defence spending will bottom out in the next few years so High kinetic energy can allow penetration of main battle
far as missiles are concerned, and generally -rise in the tank (MBT) armour. Kinetic energy (KE) projectiles have
1997-2002 period. There are two main reasons for that : been developed in this aim.

" world is unlikely to remain as peaceful as it was during KE projectiles acquire their high energy by very high
the cold war years and regional turmoil will tend to velocity (Mach 6 and more) given by gun launch and
hasten missile purchases, relatively high mass. Since their velocity decreases very fast

- although their diameter is kept small - their range is
" general defence budget in many regions and especially limited to several kilometres. Because of the gun launch

in Nato will induce a general trend towards they have a very small inner dead region. They consist of a
modernisation of major platforms rather than platform long rod penetrator of heavy-weight metal and some
replacement, and missiles offer to increase the combat aerodynamic appendages for drag reduction and
capabilities of many weapons without the need for the stabilisation 2 (see Figure 2). In some cases, simple
expense of replacing the system itself, guidance techniques are used to increase hit probability.

Generally missiles are divided into mission oriented Nowadays, muzzle velocity for tube artillery seems to reach

categories: air defence, air-to-air, air-to-surface, antiship, a maximum and these KE weapons will probably have

antitank and surface-to-surface missiles, difficulties to penetrate new MBT reactive or laminate
armours.

On figure 1 are plotted the geometries of some high speed Another way of accelerating a KE penetrator with
missiles. The large diversity in the geometries is a difficulty practically no recoil and to increase their diameter tofor aerodynamic conception. rcial orci n oices hi imtrt

engage modem MBTs is to use rocket propulsion. In
The aim of this lecture is to provide a review of high speed contrast to gunfired projectiles, the impact energy delivered
missile aerothermodynamics. We will first show high by the whole mass of the missile increases penetrativity.
velocity interest with examples of short , medium, long This idea is at the origin of a German-French High-Velocity
range supersonic/hypersonic missiles. Then we will review Missile (HVM) program3. In Germany, this program was
the major aerothermodynamic problems encountered in shift to short and very-short-range air-defence
high speed missile design with a special emphasis on ramjet (SHORADIVSHORAD) and French interest is mainly in
and scramjet propulsion integration. We will also present anti-helicopter missions.
simulation means which include computational methods
and ground test facilities. Finally the feasibility to use CFD

Paper presented at the AGARD FDP Special Course on "Aerothennodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genhse,

Belgium from 15-19 April 1996 and published in R-813.
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In this case the high-velocity interest is the ability to detect Gfn~ration). For higher cruise Mach numbers (6 to 8), from
late detected targets. For example, if a missile flying at sea level to several kilometres of altitude, scramjet
Mach 2.0 is detected at 12 kin, knowing that it takes about propulsion would be necessary. Such type of propulsion is
15 s to current air-defence systems between detection and still under development and no operational vehicle is
launch, engagement will begin at only 2 km of the launch presently equipped with it.
site ! To extend the intercept zone outwards, it is necessary
to reduce reaction time and to increase missile speed. A Higher Mach numbers and altitudes are in the domain of
compromise has to be found between flight time and space launchers and are beyond the scope of this lecture.
heating loads. Helicopter pop-up or last-ditch defence
against Tactical Ballistic Missiles (TBMs) poses similar 3. MAJOR DESIGN PROBLEMS
problems. In the HVM program, missile is accelerated to
Mach 6 in less than 1 second. The following critical aspects 3.1. Hypersonic Missiles Main Characteristics
have been identified:31 yesncMsiesMi hrceitc

We have previously seen that the Mach number domain for
- propulsion system (demonstrated by flight test), hypersonic missile is between 5 and 10. These Mach
- IR homing head heating, numbers are low in comparison with the Mach 36 of an
- high dynamic pressure, Apollo re-entry. So we do not have to deal with the same
- aerokinetic heating of lifting surfaces and ogive. physical phenomenons than for space vehicles. A first

particularity of hypersonic missiles is that these Mach
An other example is the Starstreak missile (antitank and numbers have to be reached as well as at low altitude as at
very-short-range air-defence missile) which uses exploding high altitude. An other one is that drag reduction is
penetrators. Three rods are mounted atop a rocket powered fundamental to save kinetic energy or to achieve medium to
missile. Separation occurs when propulsion stops. The three long range mission. Moreover, either they are surface-
rods stay in close formation until they hit the target. launched or aircraft-launched, missiles have to be

At medium to long range, high velocity will allow controllable at low supersonic speed (sometimes high

strengthened air-defence and air-defence penetrativity. To subsonic and transonic speeds). For these reasons,
acquire very high speed, the missile would be powered by a hypersonic missile design is closer to supersonic
rocket engine or by an airbreathing engine (high aerodynamics design than to specific hypersonic design.

performance ramjet or scramjet).

An example of medium range air-defence missile is the 3.2. What is Important for Hypersonic Missile
ASTER which allows to intercept various sets of threats Aerothermodynamics?
(aircrafts, highly supersonic manoeuvring missiles, tactical Anderson 4 sees five physical phenomena becoming more
ballistic missiles...). This missile is a two-stage solid important as Mach number increases.
propellant vehicle launched vertically. This concept results
from the necessity to have a very agile missile for y
interception, either because of a late target discrimination wave lies close to the surface and thin shock layer

or to counter manoeuvres of the hostile and to achieve in theory can be used.

any case a very short miss-distance. This is possible thanks * Entropy layer : different streamlines crossing the
to a high velocity, a very high manoeuvrability and a very detached shock created by a blunt nose experience
short guidance time constant (agility) provided by an different entropy increases, creating the so-called
innovative control system (PIF-PAF) which combines entropy layer. Hypersonic missile design will be a
aerodynamic control (PAF) and direct force control (PIF) compromise between drag reduction (small nose
using lateral thrusters at the centre of gravity of the missile. radius) and stagnation point heat flux reduction (large

An example of long range air-defence missile is the nose radius). For the lowest Mach numbers (5.0-6.0)

THAAD which provides a high altitude intercept capability and short flight time, sharp nose can be selected. For

by engaging and neutralising incoming ballistic missiles. It higher Mach number or longer flight time, a blunt
will be the first endo/exoatmospheric system for defence nose is necessary. In this case an entropy layer iswillbe he frstcreated and boundary layer outer-edge conditions have
against theatre ballistic missiles. THAAD is propelled by a
solid fuel rocket using thrust vector control for to be revised. The presence of an entropy layerincreases the values of heat-fluxes 5 and can affect the
manoeuvring. During the terminal phase, the forecone
separates from the missile body and terminal manoeuvring

is provided by a divert-and-attitude-control-system breathing vehicle.

(DACS). There are four divert thrusters near the top of the Viscous interaction : at high Mach numbers, boundary
kill vehicle and six smaller attitude control thrusters near layer thickness increases under the combined effects of
the base. The maximum Mach number of interception will temperature increase and density decrease within the
be about 9. boundary layer. This can have important effects on

For medium to long range air-defence penetration, ramjet pressure distributions (see figure 3), and lift, drag and

and scramjet missiles are well adapted. In this case, missiles stability are affected. Moreover, skin friction and heat

would have unconventional geometry for low drag and high fluxes are increased by viscous interactions. The

air intake integration. Ramjet missiles can reach high parameter that governs laminar viscous interactions is

altitudes (up to 35 kin) and cruise at high supersonic speeds X defined as :
(Mach 2 to 5). Examples of such missiles are: ASMP (Air X = M_3 Re-0 -5 C°.5  (1)
Sol Moyenne Portte, see § 3.4.2) and the new generation
supersonic anti-ship missile ANNG (Anti-Navire Nouvelle where
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C = Pw ltw / Pe lae (2) chapter is just to point out some of the most significant
Mach number effects on missile aerodynamics.

X < 3 weak interaction

X > 3 strong interaction 3.3. ]. Forces and Moments

Figure 4 shows a classical result of pressure For a simple body tail configuration, the evolution of CN
distribution over a flat plate obtained from with Mach number is given on figure 6. The centre of
experimental data. pressure varies with Mach number. Each component

contributes to this variation. As Mach number increases,

Stollery6 identified different viscous interaction CN for the body varies only slightly, and the centre of
parameters for turbulent flows and drew viscous effects pressure, moves aft slightly. CN for the tails decreases
on lift-to-drag ratio of different classes of vehicles (see (nearly inversely with Mach number) and the centre of
figure 5). Viscous effects are important on drag and pressure varies only slightly. As a result, the centre of
limited on lift. Consequently, maximum lift-to-drag pressure of such a body tail configuration moves forward
ratio decreases when viscous interaction increases, with increasing Mach number because of the lowered tail
During the design phase of an hypersonic missile it is force coefficient. This centre of pressure movement
important to examine the values of the interaction increases instability.

parameters. At high Mach numbers, stability can be obtained by use of
Among viscous effects, one of the most difficult is a conical flare as shown on figure 7. In this case, centre of
probably laminar-turbulent boundary layer transition pressure location is almost constant with Mach number. Of
on a forebody at hypersonic speed7. This transition is course, the flare increases drag and base pressure is
difficult to predict and can affect global aerodynamic modified.
coefficients, control efficiency, heat fluxes and overall Real gas effects have a slight effect on pitching moment,
air-intake total pressure recovery, but only second order effect on axial and normal forces14.

" High-temperature flows: in general, for this Machrange, vibrational effects are taken into account (when If viscous effects are neglected, one can make use of the
tangempeibratuisnal higectare thakn 8 tor aibunt nn concept of hypersonic similarity16 to evaluate pressuretemperature is higher than 800 K for air) but not dsrbtoso lne ois

chemical reactions or dissociations (02 dissociation distributions on slender bodies.

begins at 2 000 K). A good approximation is to take If T = D / L is the slenderness ratio, the principle of
into account the evolution of the specific heats with hypersonic similarity says that
temperature.

Of course aerodynamic heating (mainly convective C /T 2 =f (7, M t) (4)
heating) is an important feature of hypersonic missile
design. At the stagnation point, the heat flux varies for three dimensional flows we obtain:
inversely with the square root of the nose radius :
qw ý R-°-5 (3) CN / Tc = F M_ T, M , t / ,t) (5)

thus, to reduce stagnation heat flux, it is necessary to CD /I 2 = G -_, , (x/ t) (6)
increase nose radius, with effects on drag and entropy
layer. K = M T is the hypersonic similarity parameter.

" Low-density flows: at altitudes less than 60 km, air
can be considered as a continuous medium and This rule extends to supersonic flows if the similarity

Navier-Stokes equations with no-slip boundary parameter M_, is replaced by 'r (M - 1)05.
conditions are valid. At higher altitudes, the testparameterois the Knuidsen numer whtichis, the r stio o To illustrate the hypersonic similarity the evolution of theparam eter is the K nudsen num ber w hich is the ratio of r l t v r s u e d s rb t o n o i e n o e o
the mean free path of the particle at the given altitude relative pressure distribution on ogives and cones for
to a characteristic scale of the vehicle. For high different slenderness ratios 'r = l/E and constant values of

altitude interception of TBMs by endo-exoatmospheric the similarity parameter is given on figure 8. The three
interceptors different regimes are encountered during pressure distributions are almost perfectly superimposed.

the ascent phase, first continuum regime (Kn < 0.03), Drag evolution of bodies with Mach number is given on
then transition regime (0.03 < Kn < 0.2) where Navier- figure 9. Generally, minimum drag coefficient decreases
Stokes equations still holds but slip conditions have to with Mach number until Mach 3 and stays rather constant
be applied and finally, at higher altitude, the free between Mach 4 and 5. It appears that the cone-cylinder has
molecular regime where Boltzmann equations have to the lowest minimum drag for a Mach number higher than 3.
be solved. Drag reduction at hypersonic speeds is at the origin of

Keeping these phenomena in mind, we are going to look in waveriders 20 . They result from inviscid flow inverse design.
more details at the aerothermodynamics of Their name comes from the fact that, for most of them,
supersonic/hypersonic missiles. edges would ride on a shock wave as shown for the

simplest one, the caret wing, in figure 10. The general idea
of waveriders design is that forces generated by

3.3. Aerothermodynamics compression at hypersonic speed (lower side) are very large
A large number of excellent text books8' 9,10 , reviewsII and compared with suction generated by expansion. This is why
lectures 12' 1 3 already exist on this subject, the object of this
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they generally present upper surfaces aligned with free Nw is the normal force on the wing alone,
stream velocity. NW(B) is the normal force of the deflected wing in the

For the design Mach number, they present low-drag, high presence of the body (at 0 angle of attack),
lift, high lift-to-drag ratio and large internal volume.
Different geometries can be derived from different inviscid
flow fields, an example with propulsion integrated is also
given on figure 10. 3.3.3. Lateral Jet Control

Viscous effects can considerably affect waveriders lift-to- In some cases, aerodynamic control is not adequate:

drag ratio because of their large wetted surfaces. Moreover, - interception of sea-skimmers alternating 10 to 15 g of
the necessary bluntness of the leading edges (because of lateral acceleration at high frequency demands shorter
heating loads) will also decrease the lift-to-drag ratio. It is time constants,
why waverider design is now departing from inviscid
analytic flow fields solutions. - high altitude (e.g. THAAD) induces low dynamic

pressure and low efficiency.

3.3.2. Aerodynamic Control The use of a propulsive force at the missile centre of gravity

High agility combined with very short missile time overrides these two disadvantages. However, jet control at

constants are the basic requirement for reducing target miss the centre of gravity has certain constraints :
distance. - used as single mean of control, its operational

High manoeuvrability at high velocity and low altitude domain is limited in duration by its fuel consumption.

results of very high dynamic pressure and can be achieved In particular, with a gas generator associated to a

with low angles of attack and classical control surfaces, distribution system towards the nozzles, powder
consumption remains constant whichever the

For conventional geometries, the equivalent angle of attack manoeuvre,
concept is still very useful in helping to predict the normal
force and centre of pressure location of a fin in the presence - need for a very slight variation of the centre of
of a body and the amount of normal force carried over onto gravity,
the body 21 . - interferences with the external flow, near the nozzle

At moderate angle of attack, subsonic to moderate exit (local interactions) and on the rear part of the body
supersonic Mach numbers, the body lift interference or on the fins located downstream (downstream
parameter is: interactions). These interactions can considerably

reduce the lateral jet efficiency.

KB = NBOV) /Nw (7) For these reasons, purely force control is only suitable for

and the wing lift interference parameter is : very short range missiles or for terminal manoeuvring. Inthe latter case, it has to be associated with an aerodynamic

Kw= Nw(n) / Nw (8) control system (ASTER).

where : The lateral jet can also be located'at the rear part or at the
forward part of the body, to create a moment control, as in

Nw is the normal force on the wing alone, the case of tail or canard control. Missile time constant is
not as much reduced as in the case of force control. It only

NB3V) is the normal force on the body caused by the eliminates actuators bandwidth limitations. In this case,
presence of the wing (at 0 deflection) nozzles are distributed around the missile circumference.
NW(B) is the normal force of the wing in the presence Hot gases ever come from a common gas generator, or from
of the body (at 0 deflection). individual thrusters installed normally to the body axis

of te bdy (t 0deflctin).(ERINT).

Extensive measurements of all-movable fins normal force, Lclintel

root bending moment and fin hinge moment has been Local interactions (figure 13) are related to the jet obstacle

realised and added to the US Tri-service data base for high effect which, at supersonic speed, produces upstream of the

angle of attack and Mach numbers up to 4.5. Based on nozzle a detached shock and a separation of the boundary

these experiments extensions have been introduced in the layer forming a shock generating an overpressure zone. The

semi-empirical codes 22. separation area dimensions depend strongly on the
laminar/turbulent status of the boundary layer. For laminar

Figure 11 shows that between free stream Mach number 2 boundary layer encountered at high altitudes the separation
and 4.5 compressibility effects on Kw are noticeable, zone is much larger than in the turbulent case. Just

immediately downstream of the nozzle, the external flowIt is possible to correlate the efficiency results at different around the jet produces a depression zone.

free stream Mach numbers by making use of local Mach

number, dynamic pressure an upwash angle (the flow angle Downstream interactions (figure 14) are due to the highly
in a streamwise plane normal to the wing planform)lI. vortical character of the flow downstream of the jet. Far

from the exit section, the jet wake takes the form of two
The evolution of the resulting lift interference parameter : contra-rotating vortices resulting from the curvature of the

jet and its rounding by the external flow. Thus the speeds
kw=Nw(B)/Nw (9) induced by these vortical structures affect the lifting

where:
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surfaces located downstream, generally producing a loss of Pressure drag coefficient decreases slowly with Mach
lift and moments. number, friction drag coefficient stays constant.

The total sum of these interactions results in Pressure drag coefficient values can be compared to the

an interaction force which is added to the lateral value obtained by the Newtonian theory which gives 4 :

propulsive force, Cp = 2 sin 2 0 (10)

- disturbing pitch and roll moments.
where 0 is the half cone angle.

3.3.4. Mechanical and Heat Loads The pressure effort is normal to the wall, thus its

For a typical SHORAD mission at high velocity different contribution to the axial force is Cpsin 0
constraints have been identified :

- a high rate of acceleration induces high stress on the CD = Cp. sin 0 'Scone] Sref = 2 sin2

missile's propellant mass, structural components and In the present case, Newtonian theory gives CD = 0.031, a
equipments (approx. 200 - 400 g), value which is significantly lower than the numerical results

- a low structural mass to achieve a large velocity (0.037 at Mach 10).

increase (see eq. 14 below), On figure 16 is plotted the heat flux evolution (x = 0.6 m)

- combination of high velocity and low altitude results with Mach number. Heat flux depends on the

in high dynamic pressure and thermal stresses. thermodynamical hypothesis. Lower fluxes are obtained for
equilibrium air than for perfect gas. Heat flux is about

Thus, selecting the optimal speed would require very 1.7 MW/m 2 at Mach 5 and 3.5 MW/m 2 at Mach 6.
careful consideration of the cost/effectiveness ratio. For
example, increasing the missile's speed from Mach 5 to H

Mach 6 would not reduce significantly the total flight time
but would increase significantly the kinetic heating. CH 11 ! (p- u- Cp (Ti-Tw)) (12)

To reduce production costs, the objective is to make use of is given in table 2 at x = 0.6 m:
standard composite materials without special coatings. Only
some areas would have to be protected (nose, leading Mach Number
edges), and a careful thermal analysis is necessary.

To illustrate heat loads and drag evolution with Mach 4 5 6 7 10
number, flow around a typical conical nose (L/D = 4,
D = 150 mm) has been computed at 00 angle of attack with
a PNS code with perfect gas assumption (PG : 7 = 1.4) and
equilibrium air assumption (EG) for different Mach
numbers (4, 5, 6, 7 and 10). Stagnation conditions are taken equilibrium air 792 849 869 873 908
at sea level, and boundary layer is supposed to be fully Table 2 : Heatflux coefficient C. (x 104) on a LID = 4
turbulent, wall temperature is 800 K. cone at 0' angle of attack. x = 0.6 m. Tw = 800 K.

On figure 15 is plotted the axial force evolution with Mach As shown on figure 17 maximum temperature within the
number. It appears that the axial force does not depend on boundary layer is about 1000 K, supporting a posteriori the
the thermodynamical hypothesis: PG and EC curves are equilibrium air hypothesis.
exactly matching. It is a constant result that surface pressure
on cones is the same for a calorically perfect gas than for Similar results can be obtained on wedges representing
equilibrium air. Friction drag is roughly a third of total losangic wings.
drag. From these results, it comes out that for pressure

Drag coefficients (taking base area as reference area) are distributions, a classical perfect gas hypothesis is generally
given in table 1 adequate, but for heat fluxes better results are obtained with

the equilibrium air hypothesis.

Mach Number Time-dependant evolution of wall temperature along the
trajectory is evaluated at the preliminary design phase by

4 5 6 7 10 coupling semi-empirical formulas with a simple unsteady
- conduction computation within the wall. Wall

pressure drag 0.046 0.043 0.041 0.039 0.037 representation is ever one-dimensional or two-dimensional.
Body and wings are treated separately. The different
structural layers are represented by their density, thermal

friction drag 0.016 0.016 0.016 0.016 0.017 conductivity, specific heat and when necessary emissivity.

At each time step the inviscid flow is computed (if flight
total drag 0.062 0.059 0.057 0.055 0.054 conditions have changed), heat fluxes are evaluated making

- I -use of the preceding time-step wall temperatures and
Table I : Drag coefficient on a LID = 4 cone at 0' angle of conduction computation is advanced. Doing so,

attack (equilibrium air values) temperature evolution on and inside the whole body or

wing can be evaluated all along the trajectory.
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This unsteady approach is particularly important when limited. Air-breathing propulsion consists in turbojets,
dealing with the cone apex or the wing leading edges to ramjets, scramjets or pulsed detonation engines. All these
avoid overestimation of wall temperature. engines need air intakes and give rise to integration

difficulties.
In a more advanced design phase, heat fluxes are

determined for different wall temperatures by use of semi- Turbojets have high specific impulse (more than 3000 s)
empirical codes and, for some points of the flight domain, and can achieve long range missions. Their thrust can be
with Euler/boundary layer or PNS approaches (giving also easily modulated. The exhaust gases can be made stealthy
pressure distributions). These heat fluxes and pressure by dilution. Their technology is rather complex, and their
distributions tables are entered in a thermostructural global price is high. Turbojet powered missiles
analysis code and a precise determination of temperature manoeuvrability is low and velocity is limited to low
and constraints within the material can be realised, supersonic regime, they are mainly used for air-to-surface

stand-off missions or antiship missions.
When deterioration of certain parts of the missile (nose,

fins) under ablation, abrasion, sublimation or carbonisation Ramjets have rather high specific impulse (between 1000 s
cannot be avoided a more complex approach has to be used. and 1500 s) and can achieve medium to long range

m-issions. They can reach high altitudes (up to 35 kin) and
In case of IR homing, temperature and constraints in the cisei ats high super c spee d (2 t M k 6 h r

hemispherical IR sensor window can be determined using canibe asily ruled, and ea gases r thr

the same approach. Furthermore, the overall signal-to-noise sal On e oter and egrationsis ade ompex

ratio has to be determined taking into account the presence the need of accelerators and air-intakes. Due to the
of a detached shock wave, a hot gas layer and a non- simplicity of their components, production price is
uniform temperature distribution within the window, moderate. Ramjet powered missiles can be used for all

medium to long range missions (air-to-air, antiship, stand-

3.4. Propulsion Integration off air-to-surface, ...)

Scramjets, in which supersonic combustion takes place, are
3.4.1. The Different Propulsion Modes still under development and no vehicle is presently
Missile propulsion is either of rocket type or of air- equipped with this kind of propulsion. Nevertheless,
breathing type. scramjet is the only propulsion mode which will allow to

Rocket propulsion does not use the oxygen of air. It can be achieve medium to long range hypersonic missions.

used at all altitudes with almost constant thrust. High Advantages and drawbacks are rather the same than for

specific thrust (thrust over main section ratio) can be ramjets. Optimal flight regime is between Mach 5 and

achieved. Propellant is either solid, liquid or hybrid. Mach 12, and rather high specific impulse are awaited for
H2-scramjets (about 2000 s at Mach 10).

A solid rocket engine is characterised by the constructive
index mi/mp (inert mass other propellant mass ratio) which Pulsed detonation engines rely on detonation waves that

can be as low as 7 %, the nature of the propellant and the propagate through a premixed fuel/air mixture and produce

powder block geometry. Details on these characteristics are large chamber pressure. The rapid detonation process

beyond the scope of this lecture. Most of tactical missiles results in constant volume combustion with high operating

use solid rocket propulsion because of the following frequency, combustion pressure and thrust at subsonic and

advantages : easy integration, high thrust, jet deviation low supersonic regime. At present, no missile uses pulsed

control capability, high manoeuvrability and low price, detonation engine.

Specific impulse Isp is rather low: Figure 18 shows the evolution of specific impulse with
Mach number for rockets, turbojets, ramjets and scramjets.
The advantage of air-breathing propulsion on rocket

Isp = F/ ( g. mf) _250s (13) propulsion in terms of specific impulse is clearly seen.

where mf is the fuel mass flow. The specific impulse Furthermore, it appears that turbojets are well adapted to

represents the time taken by the combustion of 1 kg of subsonic and low supersonic missions and that ramjets are

propellant for a thrust of 1 daN. adapted to supersonic regime for Mach numbers varying
between 2 and 6. For higher Mach numbers, it appears that

The velocity increase (drag excluded) is given by : scramjets are more efficient.

On Figure 19 is represented the flight domain of the
different air-breathing propulsion systems in the (altitude,

showing the importance of the constructive index. Mach number) plane. It is shown that ramjet can cover most
of the mission requirements from Mach 2 to Mach 6 and

Thrust regulation is difficult and gases are not stealthy. from 0 to 35 km of altitude.
Solid rocket engines are used for all kind of missions
except long range atmospheric missions.

3.4.2. Ramjet Missiles
In general, liquid or hybrid rocket propulsion is not suitable We canjit tissiles

for tactical missiles, because of its complexity and the

problems caused by fuel storage. In the first one, the ramjet engine is positioned within a
nacelle outside the missile dart. Intakes are axisymmetric

Air-breathing propulsion uses the oxygen of air. Only and have good performance (low interference with fuselage
atmospheric missions can be achieved and thrust varies flowfield) but the missile is heavy and bulky and its drag is
with altitude. Specific thrust is low and angle of attack is
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high. Such missiles were developed in the 1950's : Bomarc A detailed one dimensional analysis of a ramjet can be
(US), Bloodhound (UK), Sirius CT 41 (F). found in Mahoney 23 . Let us recall here the main results.

In the second generation, the engine is integrated in the Using one dimensional steady analysis, the continuity
dart, with the intake placed in the nose and with equation leads to the conservation of mass flow between

jettisonable rocket booster located at the base. This sections 0 and 4:
configuration has several advantages as compactness and
good intake performance, but has also some drawbacks as m4 = Mo. (1 + f/ a) (15)
loss of volume for the payload and excessive length. The
main missiles developed are: Talos (US), Sea Dart (UK), where f/a is the fuel-to-air ratio,

Vega (F), Stataltex (F), and SA4 Ganef with the Introducing thecharacteristicspeed
particularity of having an annular intake located
downstream of the payload. C + 1) / 2) (y + 1) / (2(y- 1)). (r Ti 0.5 (16)

On figure 20, Bomarc and Talos 23 are compared. Bomarc
was a land-launched missile boosted by a parallel rocket the mass flow writes

engine. In this case, boost and sustain engine are
independent. Bomarc is about 14 m long and weight more m = Pi A, / C* (17)
than 6 500 kg at launch. Engines diameter is 0.7 m, leading and the mass flow conservation becomes
to a low specific thrust. These dimension were made
necessary for heat release purposes, because of the (18
unavailability of efficient thermal protection. Talos was Pi4/Pio=Ao/Z (MO) .C 4 /CO. (I +f/a)/ A4  (18)
ship launched. where

In the third generation, which represents today's integration
method, the air intakes are located on the sides of the E (M)= A(M) / A* (19)
fuselage and the rocket booster is integrated in the ramjet
combustion chamber. This configuration avoids any loss of I (M)= 1/M. ((2+ (7-1) M2)/(7+1)7+1)/(2(,-1)) (20)
volume and therefore is optimum. Examples of such
missiles are: ASMP (F) and ANNG (F/G) equipped with At this level, it is convenient to introduce some classical
two rectangular intakes, notations.

This third generation made ramjet-powered air-launched Mass flow ratio : E=A 0 /A 1
missiles feasible. The overall missile weight and volume
requirements for a given payload size are smaller and The mass flow ratio represents the mass flow entering the
specific thrust increases. For example ASMP length is air-intake nondimensionalised by the mass flow that would
5.3 m. Efficient thermal protection are available, allowing pass through the same section if it was placed in the
long range missions with a small engine diameter. ASMP is freestream at flight conditions ( E 1).
powered by a liquid fuelled ramjet with an integrated solid
propellant booster. Upon launch, the rocket accelerates the Air intake total pressure recovery : 102 = Pi 2 / Pi 0

missile to ramjet ignition speed. At burn out of the booster, The air intake total pressure recovery is a measure of the
the nozzle is ejected, the air intakes are opened and the efficiency of the compression.
kerosene is pumped in the combustion chamber. This
transition sequence is described on figure 21. Combustor total pressure recovery : 1124 = Pi 4 / Pi 2

ASMP was completely deployed in 1986 and French MoD The combustor total pressure recovery represents the total
undertook general studies to define what could be a pressure loss attributable to the combustor component.
successor, defined as a stealth air-to-ground missile carried
by Dassault Rafale fighter aircraft with several times the We have 110o2 < 1 and 1124•< 1.
range of the ASMP. Within this context AEROSPATIALE Using these notations equation 18 becomes
with help of ONERA proposed and studied a high velocity
liquid fuelled ramjet missile.

High lift-to-drag ratio configurations have also been studied
by ONERA 24 (figure 22). where:

3.4.3. Ramjet Performance F(Mo ,Z) = I / (Y (M0 ). Co*) (22)

A standard ramjet can be described by the sketch of depends only on flight conditions,
figure 23 : A1 / A4 depends only on geometry and,

- station 0 represents free stream conditions,
- station 1 is the inlet cowl lip station, C (Ti o,f/a) = C 4 ". (1 + f/a) / 1124 (23)
- station 2 is the end of the inlet component
- station 3 is the end of the combustor, represents the combustion process.
- station 4 is the exit nozzle throat,
-station 5 is the end of the exit nozzle. So, in the (1102 , F) plane, as shown on figure 24 one can

draw two families of curves. The first one is made of the
characteristic curves of the air-intake (depending on flight
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conditions) and the second is a family of straight lines total pressure recovery and the required engine mass flow.
coming from the origin (at a given Tio). On each of these Another function is to provide sufficiently uniform flow in
lines the equivalence ratio is constant. So air intake running the combustion chamber for a.good combustion process.
point is at the intersection of the air intake characteristic The achievement of these requirements is a very difficultcurve and of the combustion line.Thaciemnofteerqrmnsisaeydfiut

task, especially when air-intakes are installed on the
Making use of the momentum equation, thrust is fuselage, and therefore in a non uniform flowfield.

The number, shape and position of air-intakes are various
F =P5 A5 (I + "5 M5

2) - P0 A0 o Mo2 
- Po A5  (24) and their choice depend on performance requirements :

Thrust is nondimensionalised by dividing it by the product internal performance (thrust), external aerodynamics (drag,

of the reference area and the dynamic pressure to obtained lift to drag ratio), operational constraints and control (skid

the thrust coefficient: to turn or bank to turn).

.We distinguish (figure 26):
CF = F / (q0 AR) (25) single intake

CF = 2 / (70M0
2) . A5 /AR. (26) nose intake : e.g. Sea Dart, Talos,

(P5 1130 . 0+5M52 - high pressure recovery but very bad integration,
annular intake : e.g. SA4 Ganef,

- 2 Ao/ A5  better integration and lower performance (in

Introducing the precedent notations, one directly obtains : particular at incidence) because intake height is
small in comparison with forebody boundary layer

CF = 2 / (70M 0
2). A5 /AR (27) thickness,

chin intake: e.g. ASALM, SLAT,
()2)_l)) well suited for bank-to-turn flight control (well

('102 'T124 '1N.0(M5)3(Mo).(l+75 M5
2  1))adapted for long range missions), it uses the

-2 A1 /A 5 .e windward part of the forebody as a compression
ramp, integration is difficult,

where:
ventral intake

U3(M) =P/Pi = (l+(7-l)/2. M2)-y/(y- 1) (28) excellent solution, well suited to bank-to-turn
steering, favourable incidence effect (high altitude

and where 'IN is introduced to take into account for the cruise), good integration,

nozzle efficiency. top mounted intake :

Equations 21 and 27 describe entirely the engine limitations in incidence, good integration, the

performance. The thrust of a ramjet engine can be intake is hidden from ground based radars,

expressed nondimensionnally in terms of area ratios, two lateral intakes : e.g. ASMP, ANNG,
pressure ratios and Mach number functions.

a missile configuration with two lateral intakes is
The subsonic combustion ramjet engine is analogous to a well adapted for a bank to turn control. The intakes
closed channel with. two throats, where the second throat, are located diametrically opposed or inclined
the nozzle, has a larger area than the first throat, the inlet, to toward the bottom. The first case is better for mass
accommodate increases in entropy and temperature between flow and normal force, the second one is better for
the two throats. Variation in flow conditions can either be pressure recovery,
accomplished by variation in fuel flow rate at constant
geometry, or by variation of A4/A1. three intakes:

Optimum values of A4/A 1 strongly depend on Mach they can be identical (skid-to-turn control) or
number and thrust wanted, to reach them two approaches composed of two identical lateral intake and one
are possible (see figure 25) : different bottom intake (bank-to-turn control),

- using a nozzle with a variable sonic throat, * four intakes : e.g. KH3 1, ANS,

- using variable capture area inlet, well adapted to skid-to-turn control giving high
manoeuvrability. At high incidence, leeward intakes

Moreover, the air-intake importance is clearly shown: are less efficient. Lift-to-drag ratio is not optimal
thrust coefficient depends directly on air-intake total (two intakes give lift, and two induce drag).
pressure recovery.

The shape may be axisymmetric (full, half or quarter) or
rectangular (conventional, inverted or lateral) as shown on

3.4.4. Air Intake for Ramjet Missiles figure 27. Figure 28 presents a comparison of the principal
On this subject extensive information is available in some types of air intakes in a four intake configuration, assuming
good text books 23,25 and reviews 26,27,28. the entry areas and the diverter height to be identical.

The primary function of high speed air-intakes is to To compress the flow, multiwedge ramps are used. They
decelerate air to subsonic conditions (or lower supersonic may be completely external or mixed external-internal
conditions in case of a scramjet) with the highest possible (figure 29). For Mach numbers over about 3.0, mixed
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external-internal supersonic compression is a good process. Due to the operational constraints, air intakes are now
It allows to limit the turning of the external flow ahead the always in the fuselage flowfield. On conventional
cowl lip and so to avoid steep cowl angle and therefore geometries, the fuselage is circular. In case of a blunt nose,
high cowl wave drag. the detached bow shock generates a loss in total pressure

and limits intake performance. This effect increases withIn order to improve supersonic air-intake efficiency flight Mach number.

external boundary layer bleed is generally used in order to

evacuate as much forebody boundary layer as possible with The longitudinal location is a compromise between the flow
moderate increase of external drag. field around the fuselage, the diffuser length, the

aerodynamic stability of the missile and the attachment
Internal boundary layer bleed at intake throats catches a points on the fuselage.
small part of the intake mass flow. This bleed has two main
functions : On a circular body there are two interesting locations for

intakes:
- improve air-intake efficiency by decreasing viscous

losses i.e. boundary layer height at engine entry, around the ogival nose

- stabilise and smooth the flow at engine entry by advantages: undervelocity region, low boundary
reducing normal shock-boundary layer interaction at layer thickness,
critical point. drawbacks : long diffuser, forward location of

Internal bleed allows higher critical efficiency by delaying centre of pressure,
subcriticalrunning3°" 2 or 3 diameters downstream of ogive-cylinder
Axisymmetric intakes have maximum performance at 0 junction:
incidence with medium incidence sensitivity. Rectangular advantages : better integration
intakes have favourable incidence effects (figure 30), but
are highly sensitive to sideslip angle (figure 31). drawbacks: higher external bleed, sensitivity to

The internal performance of an air intake may be described incidence and sideslip.

at each flight conditions (Mach number, incidence and At high Mach number and altitude, it is possible to have
sideslip angles) by a single curve, the intake characteristic laminar boundary layer on the fuselage just in front of side
curve: mounted intakes. In this case, the boundary layer is very

sensitive to adverse pressure gradients and separation be
T02 = f () (29) generated and modify the flow field in front of the air

intake.
where E is either the total mass flow ratio or the engine
mass flow ratio (in case of an internal bleed). At incidence (see figure 34), there are two unfavourable

locations :
The point at which air intake operates on the characteristic
curve is governed by conditions at the downstream end of the leeward side with thick boundary layers and
the intake duct, that is, by the engine air flow demand. This vortices,

is known as the matched operating point. the lateral sides with their overvelocities and high

On the characteristic curve, we can distinguish different air- local incidences.

intake runnings : In the preliminary design phase, it is possible to evaluate

" supercritical running : the normal shock which the performance of a mounted intake using the following

separates supersonic from subsonic flows in the duct is approach.

downstream the cowl lip for external supersonic Given the fuselage flowfield, it is possible to evaluate in the
compression (ESC) or downstream the throat for intake capture area A1 the average Mach number <Ml >,
mixed supersonic compression (MSC) air intake, total pressure <Pi1 >, incidence <(x, > and sideslip angle <P3

"* critical running : the normal shock is located at the I>. Then the mounted intake (mi) performance can be
cowl lip for ESC or at the throat for MSC, obtained from wind-tunnel tests of isolated intakes (ii) by

the following formulas28 :

" subcritical running : the normal shock is upstream the

cowl lip for ESC and MSC (a normal shock located (<Pil>/Pio).(X(Mo)/1(<MJ>)) (30)
between the lip and the throat in case of MSC leads to em = .ii (
unstable flow).

13i= F(<M 1>, <cx 1 >, <I31>) (31)
Figure 32 (resp. 33) presents the two common forms of a

typical characteristic curve for an ESC (resp. MSC) intake
with internal boundary layer bleed. 'l0 2mi = 3 1

02ii - (<Pi > / Pi0) (32)

In addition to these performance data we need: '02ii = G(<MI>>, <U, >, <3 1 >) (33)

- internal pressure and heat fluxes distribution to Reasonable agreement with wind tunnel results is generally
ensure structural feasibility, observed.

-flow profile at intake exit in order to verify air In case of multiple intake configurations, overall mass flow
intake / engine compatibility, ratio is obtained by averaging, and overall pressure
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recovery is assumed to be equal to the minimum pressure air intake pressure recovery can reach 0.5 at Mach 7
recovery of the different mounted intakes. (see figure 36),

In a more advanced design phase, detailed numerical high temperature: evolution of ramjet thrust
computations and wind tunnel testing of mounted intakes coefficient with Mach number is given on figure 37.
are necessary. At Mach 10, temperature in a ramjet would be so high

that fuel would decompose rather than bum 4.

3.4.5. Future ramjet missiles To reach high velocities, the scramjet is more adapted. In a
In the future, ramjet missile configurations will have non- scramjet, the hypersonic free stream is slowed to supersonic
circular cross sections for an optimum integration of the air speed by an inlet compression. Fuel (usually H2) is injected
intakes in the fuselage flowfield, a low drag, a high lift to in the supersonic stream where it mixes and bums
drag ratio, a small radar cross-section and a good downstream of the injector strut. Burned gases expand
integration on carrier aircraft (figure 22). Their range can through a supersonic nozzle, producing thrust.
be significantly increased by use of high density fuel32  Furthermore, it seems accepted that scramjet combined with

other propulsion means will ensure the feasibility of
Fuel Kerosene Synthetic Boron slurry reusable airbreathing space launchers.

This latter argument motivated a French four year Research
and Technology Program for the Advanced Hypersonic
Propulsion (PREPHA), financed by DGA (D6lgation

Isp (M = 2) 1670s 1560s 1700s G6n6rale pour l'Armement), CNES (Centre National

d'Etudes Spatiales) and MRT (Ministbre de la Recherche et
d*Isp 1300s 1620s 2125 s Technologie), in which AEROSPATIALE, DASSAULT,

SEP, SNECMA and ONERA are studying and testing on

range 1 1.127 1.493 ground the scramjet technology 24,34.

The key point of this program is the ground test of the
Table 3 : Range evolution with fuel density CHAMOIS scramjet 35,36.

Very long range missions require improved insulation of
the combustion chamber. Two ways are possible: 3.4.7. Forebody, air-intake and afterbody of a scramjet

- structurally reinforced thermal protections protected propelled vehicle
from the flames by ceramic composite internal layer, The Mach number flight range estimated for scramjet

- air cooling at the wall. propulsion mode is from M=6 to M=12-15. The design of
the propulsive streamtube is classically divided from

Long duration ground tests have already established the upstream to downstream between forebody, inlet,
efficiency of the structurally reinforced protections in case combustor and nozzle (see figure 38). The main difference
of kerosene combustion. of this engine, compared to ramjet, is the way each

component is integrated to the previous one. Due to high
With air cooling, there is theoretically no range limitation, speed, compactness is necessary as it usually means drag

reduction but also weight limitation. Nevertheless, at high

With such ramjet missiles a cruise velocity of Mach 4.5 altitude and high Mach number, the engine must be fed
could be achieved. with high captured mass flow, thus arising the need for

large structures. This mass flow is usually captured by
many air inlets in parallel (for structural feasibility), which

3.4.6. Scramjet leads to rectangular (so-called two-dimensional) inlet
Missiles cruising at Mach 6 to 8 from sea level to several shape. Such a shape also authorises separate ground tests of
kilometres of altitude would be well suited to penetrate one of the inlets due to modularity of the concept.
strengthened air-defences for ground strikes, engage
airborne warning and control systems (AWACS) and be The function of scramjet air inlet is to provide the cleanest

used as reusable unmanned reconnaissance aerial vehicles possible flow to combustor with the highest total pressure

(URAVs). Work on hypersonic unmanned aerial vehicles at a prescribed Mach number. The main difference with

(UCAVs) is already underway in the US 33. ramjet inlet is that Mach number at combustor entrance is
supersonic. But this Mach number should be low enough to

For such missions, airbreathing vehicles are necessary. allow correct injection of propellant and complete ignition
before the flow has reached the end of the combustionAt first sight, there it is not impossible to reach high chamber. The highest total pressure is needed to ensure the

velocities with a ramjet : on a theoretical point of view, one most energetic flow. This criterion of efficiency is
has always interest to bun fuel at low speed (see figure 35) nevertheless not unique and several other criteria exist,
and it results that subsonic combustion is always better than based on static pressure, kinetic energy. Total pressure
supersonic one. losses are mainly due to shocks and viscous effects. In fact,

In fact, at hypersonic speed, slowing the air flow to due to potential thermal overheating and drag increase,
subsonic speed results in : there is usually no boundary layer bleed at the end of the

forebody. This high forebody-inlet integration is reinforced
* high total pressure loss : a ramjet air intake pressure by locating the air inlet on the windward side, so using the

recovery is lower than 0.2 at Mach 7 when a scramjet
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whole forebody for compression of the captured flow 37. side). Thrust prediction depends slightly on gas
This implies that: modelisation (thermal equilibrium frozen gas, chemical

equilibrium or reactive flow) and special attention has to be- the bow shock on the blunt forebody influences the paid to it for precise evaluation of T - D (thrust minus drag)
air inlet flow through entropy layer, balance.

- the boundary layer developing on the forebody is
entirely transmitted to the air inlet. 4. POTENTIALS AND DEFICITS OF SIMULATION

External compression ramp is a common feature but it is MEANS
usually coupled with internal compression through the cowl
(mixed compression), the struts and sometimes the lateral 4.1. Computational Simulation
walls in order to ensure satisfactory slowing down without Two types of computational methods are available: semi-
any major deviation of the flow. empirical methods and numerical methods.

Starting of the inlet is one of the major constraints in the
design phase if the inlet is supposed to work for a large 4.1.1. Semi-Empirical Methods
Mach number range : at the lower Mach number limit, Semi empirical methods are the simplest and the fastest
starting condition leads to low contraction ratio whereas, at methods to predict missile aerodynamics, thermal loads and
the upper limit, high contraction ratio is mandatory to two-dimensional air-intake performances. They only need a
satisfy combustor entry requirements (slowing down of the small amount of computer time and they are well suited to
flow). Apart from variable geometry where the captured calculate sets of different configurations for systematic
mass flow ratio is a function of the Mach number, air inlet design studies.
has to get started at the slowest flight conditions. This point
is very sensitive to the geometry of the internal streamtube : For external aerodynamics, most of the codes are based on
contraction ratio is a factor but lateral wall and cowl component build-up technique. They consist in determining
leading edges may also be shaped so as to favour starting 37. the contribution of each element of the missile (body, wing,

tail) and in evaluating the interactions between theses
Depending on the propellant injection mode, contraction in elements by introducing interference factors. These
a scramjet inlet may be partially due to struts obstruction. methods are based on approximate theoretical methods
In this case, struts position is the result of a compromise (slender body, shock expansion, linearised potential) and
between structural feasibility, injection constraints and on experimental and numerical data bases.
heterogeneity of the flow captured by the air inlet. For a
rectangular combustion chamber, struts may be positioned Different reviews of these methods are already
either horizontally or vertically. Apart from structural available39,40 ,41' 42. In cases where good data bases exist
resistance (which is better in the case of vertical struts) and and where theoretical methods can be applied, very good
technological feasibility of injection and cooling (in both predictions are possible.
cases), flow stratification at combustor entry has to be taken Geometries, most of semi-empirical codes can
into account for positioning the struts. Large entropy and cometries with of orica o codes
boundary layers develop on the upper side (due to bow compute conventional missiles with one or two series
shock and boundary layer on the forebody) and oblique of cruciform fins (wing-body, wing-body-tail, canard-
shocks reflects on the upper and lower sides (if no lateral wing-body) or even boosted missiles with 3 sets of
compression is considered). So, on the one hand, each lifting surfaces. Just a few of them can handle
horizontal strut will be fed by a quasi-uniform flow, each unconventional geometries 43 (elliptic cross sections,
flow being different from one another. On the other hand, square cross sections, air-intakes).
each vertical strut will see non uniform flow and this flow 0 Angle of attack: most of these codes are valid only for
will almost be the same for every strut. Different positions low to moderate angle of attack (300). Some of them
may also be adopted, leading to completely three- allow high angle of attack analysis (up to 90' or 1800).
dimensional configurations (strut leading edge not
perpendicular to engine axis, strut length lower than * Mach number: in general, these codes have been
combustor width) that may favour flow mixing but also developed for subsonic/supersonic use, some of them
starting of the air inlet, are valid up to Mach 5 or 8.

Air inlet-combustor coupling is not as evident as it is for In general, standard coefficients like normal force, stability,
ramjet engine: the flow is mainly supersonic (and one may and even drag (Fig. 39) and damping coefficients (Fig. 40)
imagine that air inlet influences combustion and not the can be predicted with a precision that is sufficient for
contrary), but coupling is important because combustion design purposes.
chamber is next to air inlet and supersonic combustion is Difficulties arise in the prediction quality for configurations
known to eventually induce pre-combustion shocks that far outside the data bases and for coefficients that are small
may influence upstream duct flow. An isolator function in comparison with interaction effects (control
may be prescribed to a portion of the duct between air inlet effectiveness, hinge moments, rolling moment, ... ).

and combustor. Large viscous effects may also induced
upstream influence of the struts through subsonic regions A very popular design tool for the investigation of
near the walls. More generally, coupling of the different unconventional hypersonic vehicles has been developed
elements in the scramjet propulsion mode is also induced and is in wide use throughout industry since the early
by compactness requirement of the engine. 1970s, the "Hypersonic Arbitrary Body Program"44. It has

been extended to supersonic regime (SHABP). It make use
A scramjet nozzle would be asymmetric with a short of simplified theories like:
interior flap (cowl side) and a longer expansion ramp (body
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- Newtonian method, Boltzmann equation, an integro-partial differential equation
- modified Newtonian method, for the molecular distribution function. The complexity of
- Newton-Busemann method, this equation is high and numerical solution are costly
- tangent-wedge or tangent-cone methods, (Monte Carlo methods).
- shock-expansion method. The Navier-Stokes equations are the most complete set of

If these methods are carefully selected, useful information equations modelling the evolution of a Newtonian fluid in a
can be obtain for preliminary design. continuum regime. Unfortunately, due to computer

limitations, Direct Navier-Stokes Simulation (DNS) are still
Some of these semi-empirical methods offer the possibility restricted to very simple geometries (flat plates or ducts) at
of computing heat fluxes for a given wall temperature. relatively low Reynolds number. Nevertheless, these DNSTables of fluxes vs. wall temperature can then be computations are essential for the progress of turbulence or

introduced in standard thermostructural analysis codes. In compustion aod ellng.

general, body and wing are treated separately. Pressure combustion modelling.

distribution is provided by second order shock-expansion A first approximation is to resort to time-average rapidly
methods. Heat fluxes for a given wall temperature are then fluctuating components. This yields to the Reynolds-
evaluated by making use of reference enthalpy method 45. Average Navier-Stokes equations (RANS) which require a

turbulence model to provide closure for the solution (andSemi-empirical methods are also used to predict two- combustion models in case of reactive flows). These

dimensional air-intake performance. They are base upon equations should be used for the most complex flows

shock wave theory for compression calculation and including large scale separations, with possibility of

experimental results for internal loss evaluation, intake unsteadiness. Such situatioseons , a missile are

efficiency and mass flow ratio entering the combustor can

be determined. - base flow,
- very high incidence flow (up to 90°),OCEAS code, developed by AEROSPATIALE, predicts - strong shock / boundary-layer interaction,

supersonic and hypersonic two-dimensional air-intake - strtng poinderm intion.

performance. - unstarting point determination.

A second step of approximation is to neglect the viscous
As the flow is supposed to be two-dimensional and planar, terms in the streamwise direction, this yields to the Thin-the amount of flow spilled sideways46,47 is not taken into Layer Navier-Stokes equations (TLNS). They are unsteady
account. equations. The slenderness of a missile body make them
OCEAS computes analytically, step by step, shock waves, attractive for computation of high incidence flow with
expansion waves, slip lines and their interactions, unsteady separation.

The total pressure recovery can be computed for different Making the hypothesis of steady phenomenon yields to the
normal shock wave location. Parabolized Navier-Stokes equations (PNS). These

Internal losses at the critical point are determined by use of equation only apply to supersonic flows.

an empirical function obtained by ONERA from the Neglecting viscous terms in two directions (parallel to the
compilation of experimental results from Mach 2.0 to 3.5 : wall) yields to Viscous Shock Layer (VSL) approximation,

often used to compute blunt noses regions.
1 / cosh ( (M - 1)!/ 3) (34) Let us come back to the RANS equations and make the

In supercritical regime, bleed mass flow Ebleed is calculated hypothesis that the viscous effects stay in a thin layer

as a function of the total pressure in the bleed and the throat around the vehicle. We are then authorised to separate the

section of the bleed. the engine mass flow is then deduced :

- an outer region, where all viscous effects are
=engine = EtotaI - Ebleed (35) neglected (Euler equations),

- a thin inner region where simplified viscous
Boundary layer effects are taken into account by wall equations are derived : the boundary layer equations.
displacement in an iterative process. Displacement
thickness is obtained by use of semi-empirical formulas45. An adequate coupling technique has to be used at the limit

of the two regions following the strength of the
viscid/inviscid interaction. Euler/boundary layer coupling

4.1.2. Numerical Methods technique does not apply in case of flow separation.
Numerical methods are essential to computeNumeica mehods are essntia to comute At a given design phase, and subsequently for a given
unconventional configurations like air-breathing missiles, Ataciven desin phas and susequently for
to determine load distributions for mechanical analysis, precision demand, it is important to use the nght code for
local flowfield properties (e.g. velocity profiles at an inlet the right application, and not to overestimate the need.
entry section or shear stresses for aeroacoustic methods), In external aerodynamics, semi-empirical tools will be very
thermal fluxes to provide the designer with fundamental efficient in determining forces and moments on a
information on the physical effects taking place in a conventional geometry.
complex flowfield (e.g. lateral jet interaction).

For a non-conventional supersonic missile at small to
According to the value of the Knudsen number the flow can moderate angle of attack, an Euler approach can give a very
range from the near collision-free molecular flow (Kn =1) accurate prediction of forces and moments. This approach
to the collision-dominated continuum flow (Kn << 1). The is particularly attractive, because an economic "space-
governing equation for all these flow ranges is the marching" technique can be applied. Run on the now
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available cheap and fast scalar processors, computation Aerothermochemistry
times have been drastically decreased, making possible to
compute several evolutions of aerodynamic coefficients in Two codes are also presented. The first one is a general
one single night. On the other hand, meshing bottleneck has purpose reactive code, the second one is specialised in
been by-passed by powerful multiblock mesh generator and nose-to-tail computations of hypersonic scramjet
use of overlapping or Chimera meshes 48. This conjunction propelled vehicles.

allowed to introduce CFD in the early missile design loop, MATHILDA has been developed by ONERA 52 with
at a cost compatible with the small budgets available in this contribution of AEROSPATIALE. It is a 3D Euler and
circumstances. Navier-Stokes code for multispecies reactive flows.

In a more advanced phase, Euler computations will be The numerical scheme is of Roe type and the implicit

adjusted with a few Navier-Stokes computations. In a algorithm is 3ADI. k-c turbulence model is available,

supersonic case without transversal separation, PNS with law of the wall or low Reynolds models.

approach will be used. Polynomial laws of (T) and Cp(T) are included.
Different combustion models have been introduced for

For internal aerodynamics and combustion chambers air-H 2 and/or air-kerosene combustion: two-step
computations, 3D unsteady Navier-Stokes equations in the global models, Eddy Break-Up (EBU) and Coherent
RANS form are needed in almost all cases. Euler equations Flame Model 53 (CFM) for turbulent combustion.
can be used in some cases for inlet computations. In the Structured mesh can be of multiblock, overlapping and
latter case, computation costs can be reduced by judicious Chimera type.
initialisation of the flow field and use of laws of the wall.

PNS2D is being used at AEROSPATIALE-Missiles in
Some years ago these different CFD approaches were a unified nose-to-tail strategy for scramjet two-
available in different numerical codes. Nowadays we dimensional propulsive streamtube computations. It
observe in many countries that numerical codes take the includes
form of large structures with common features (numerical
schemes, implicit algorithm, ...) and different physical - fitted bow shock (forebody and cowl external

modelisations. flow),
- k-c turbulence model with transition capability,

To illustrate these different approaches, several numerical - equilibrium air chemistiry,

codes are described below :
- Roe/TVD and central differencing non iterative

Aerothermodynamics implicit numerics,
- integrated gridding,

Two codes are presented. The first one is a general - 10 species/17 equations kinetic model for air-H 2
purpose code, the second one is specialised on combustion.
supersonic missile aerodynamics.

" FLU3M/MUSE 49,50 Euler/Navier-Stokes code has 4.2. Ground Facility Simulation
been developed by ONERA in collaboration with
AEROSPATIALE for 3D external/internal 4.2.1. Aerothermodynamics
transonic/supersonic flows. The following Experimental simulation is still today absolutely necessary
potentialities are now available : in spite of the important progress in numerical simulation.

- explicit or implicit algorithms, Classical supersonic aerodynamics (external and internal) is

- van Leer, Osher or Roe upwind schemes, determined in usual wind tunnels, and we will not go
- second order accuracy by MUSCL technique, further on this subject.
- unsteady or space-marching Euler, For hypersonic regime there are different ground test
- RA N S or PN S, installati on
- multiblock, overlapping or Chimera structured installation:
meshes 48, - cold hypersonic regime, with low enthalpy and
- perfect gas or equilibrium air, perfect gas conditions wind-tunnels,
- Baldwin-Lomax or Jones-Launder turbulence
models. - high enthalpy and generally low Reynolds number

wind tunnels.
" TORPEDO

51 was developed in co-operation between

AEROSPATIALE-Missiles, ENSAE and Following are several hypersonic facilities in France and

ONERAICERT. It solves 3D PNS equations by means Germany :
of a non-iterative implicit Roe-Osher-Chakravarthy ' The R5 wind tunnel 54 at ONERA Meudon is a
scheme. Upwinding is maintained in the subsonic Mach 10, Ti = 1100 K low Reynolds number facility
layer. Low memory size and CPU time requirement that operates in laminar flow simulating altitudes of
was one of its main objectives. Advanced turbulence about 60 km. There are no real gas effects and in this
modelling has been introduced in order to accurately way this tunnel can also be useful for CFD validation
predict longitudinal separation (algebraic and two- experiments on viscous interaction effects.
equation models in a two-layer approach, second-
moment closure models). * The F4 arc-jet wind tunnel 54 at ONERA Fauga-

Mauzac is a real gas facility with reduce stagnation
enthalpy. It has been designed to reach Hi / RTa = 200.
The static conditions in the test section are non-
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equilibrium with running time of about 80 ins, Two vast cells able to fire boosters with 600 kg of fuel
adequate for balance measurements, contain four test lines with altitude simulation equipment.

" The TH 255 heated driver shock-tunnel in Aachen has Air is provided in a blow-down mode. Pressure (0.2 to
test section conditions of non-equilibrium flow at 80 bar ) and mass flow (1 to 300 kg/s) are regulated. Air is
Mach 6 to Mach 15. either heated at constant temperature by an accumulation

"heater, or by hydrogen heaters if temperature regulation is
Thgen iEs freei piston drtivn sh7ock tunnel i needed. In the latter case 02 is injected downstream of the

heater in order to regenerate the air. Maximum temperature

Most of the hypersonic facilities have non-equilibrium flow is 1800 K. Fuel regulation (liquid or gas) is automatic.
in the test section. Three test modes are possible :
New instrumentation technologies have been developed - connected pipe mode to simulate complete
measurements of temperature and concentration using trajectories, with known inlet characteristics,
Electron Beam Fluorescence (EBF), LASER Induced
Fluorescence (LIF), Coherent Anti-Stokes Raman - semi-free jet mode to simulate constant Mach number
Scattering (CARS), pressure measurements using flight of a complete missile with inlets,
piezoelectric and piezoresistive transducers, pressure - free jet test for overall check and approximate
sensitive paints, holographic flow visualisation, liquid-
crystal and infra-red mapping of temperatures and heat measurement of T-Dbalance.
transfer rates. All the AEROSPATIALE ramjets and the CHAMOIS

Due to their limited flight domain, hypersonic missiles will scramjet model have been tested in this facility.

generally not need to be tested in hypersonic facilities
which have been designed for space vehicles. 4.3. In Flight Testing

On the other hand, production cost reduction will impose to The development of scramjet technology needs a large
realise hot structures with standard materials. These phase of flight experimentation because of the difficulties
installation can help to test these materials in realistic to simulate flight conditions on ground, and the extreme
conditions. sensitivity of the aeropropulsive balance.

AEROSPATIALE has designed and built the SIMOUN A first experiment has been carried on by the CIAM 57 on
plasma wind-tunnel for material testing. In order to provide an axisymmetric hydrogen engine.
high temperature air, an high power arc heater plasma
generator is used , placed just before the nozzle. The nozzle 5. RESULTS OF COMPUTATIONAL AND
ends into a free jet chamber where the model is mounted. EXPERIMENTAL STUDIES
Main characteristics are listed below

power supply system 6MW Due to the simulation limitations of test facilities,
stagnation pressure I to 14 bar hypersonic vehicle design depends on a strong interaction
stagnation enthalpy 3 to 11 MJikg between computational fluid dynamics, wind tunnel testing
mass flow rate 0.04 to 1 kg/s and in-flight testing (see figure 42).
run duration 1 500 s

5.1. External Aerothermodynamics
4.2.2. Ramjet and scramjet ground testing
Ramjet and scramjet ground-testing necessitates specific 5.1.1. Supersonic force-type flight control surface-to-air
facilities with performance characteristics related to those missile (ASTER)
of the missiles : It is a cruciform missile with four low aspect ratio wings

* Mach 2 to 6.5, and four control surfaces (figure 43). Force control is
achieved by means of jets emerging from the lateral sides of

* altitude from 0 to 35 kin, the wings. Global aerodynamic model is determined in two

* accelerations, climbing, diving and turns, phases

rated rtests. - determination of the aerodynamic model without jets,
Sintegrd rocket/ramjet - determination of jet interaction model.

AEROSPATIALE has built at Bourges-Subdray specific Due to the high number of wind-tunnel tests to cover all the
facilities (see figure 41). cases of jet interaction (Mach, incidence, roll angle,

These facilities are used for testing high-performance altitude), a combined wind-tunnel/CFD approach has been
missiles : used for the second phase.

- combustion (operating range, performance levels, .. On this configuration, it has been demonstrated that
- endurance (thermal protection, electronic equipment) inviscid two-species computations can give enough
- adjustment of transition between rocket mode and accurate results for forces and moment prediction 56. As an
ramjet mode, illustration, a two jet configuration is presented on
- synthesis tests (complete missile except warhead). figure 44.

Table 4 presents at Mach 3, incidence 100 comparisons
between experimental and numerically determined global
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coefficients 58. Results without jet are of good quality. With 5.2. 1. Intake in a uniform externalflowfield
jets, normal and side force coefficients are well predicted, After the fuselage flowfield has been computed, it is
as well as pitching moment. possible to determine average values in the inlet capture

area (usually we consider a transverse plane located at the

without jet with two jets apex of the first compression ramp), for Mach number, total
pressure, incidence and sideslip angles. Then, the intake
can be considered in this uniform flowfield as an isolated

CN/CNexp. -1 0.01 0.03 intake.

CY/CYexp. -I - 0.13 In this phase, the intake is considered 2D or axisymmetric.

Computation tools used are based on semi-empirical, Euler
(Xcp - Xcpxp.)/D 0.12 0.2 and Navier-Stokes methods.

Table 4 : Euler results on surface-to-air configuration To demonstrate the capabilities of these tools, we will
consider the two-dimensional intake presented in figure 49.

These results clearly set the capabilities of Euler This intake has two compression ramps and an internal
computations for complex transverse jet applications at boundary layer bleed, the free stream Mach number is 2.89.
moderate supersonic regime. In the present case, jets are During the wind tunnel test, the ramjet operation is
issued from wing leading edges, and local viscous simulated with an obstructer located at the end of the
interactions can be neglected, it follows that global forces diffuser.
and moment are correct.

Semi-empirical calculation. Figure 50 presents the
The same missile without jets has been computed in a PNS predicted characteristic curve. The comparison
approach in the same upstream conditions. Flow is assumed between experiment and computational results shows a
to be symmetric. Turbulent boundary layer was imposed in quite good agreement. However, the efficiency at the
computation as well as in the experiment on the ogive apex. critical point is underestimated. But, if we do not take
The Reynolds number (from wind-tunnel testing) is 0.9 106. into account the internal losses through the empirical

Total pressure contours in various missile sections function of eq. 34, we overestimate the efficiency at

(figure 45) demonstrate the influence of vortex this point.
development on lifting surfaces. Furthermore, body wall 0 Euler calculation. Although Euler equations do not
pressure in two sections (figure 46) evidence an take into account viscous effects, they allow to analyse
improvement due to viscous modelling. One may notice the flow in all the intake and to estimate mass flow
that good prediction was already given by Euler ratio, total pressure recovery and wall pressures.
computation as far as lifting surfaces are concerned (apart
from leading edge). To build a structured grid in the intake, it is necessary

to adopt multiblock strategy. The grid used contains
about 30 000 points and is divided into four domains

5.1.2. Supersonic airbreathing missiles (figure 49). The first one extends from the upstream
As illustrated in figure 47 (ANS missile), supersonic boundary to the cowl lip plane, the second one from
airbreathing missiles have unconventional geometries. In the cowl lip plane to the outer downstream boundary,
this case, forces and moments are determined by an Euler the third one from the cowl lip plane to the diffuser
computation, giving also local pressure distribution. end boundary, and the last one represents the boundary

For inlet integration, Euler computation is not adequate, layer bleed.

and a Navier-Stokes computation has to be carried out, as In computation, we can use two possibilities to
illustrated on figure 48. On this figure are compared space represent obstruction
marching Euler and PNS computations on a three calibre
ogive cylinder at Mach 2 and 8' angle of attack. On the - apply a static pressure in the downstream diffuser,
bottom graph is plotted the total pressure recovery of the - use a variable throat to fix the mass flow.
forebody <Pil / Pi0> for different roll location of a square The use of the first possibility is delicate 47. To avoid
inlet. It appears that pressure recovery is almost constant in divergence or unphysical solutions, one has to begin
case of the Euler computation, whereas a 6 % decrease computations with a low static pressure and to increase
occurs at 600 roll angle in case of PNS computation. it progressively. Furthermore, it is not possible to

reach the critical regime.

5.2. Ramjet Intake Flowfield Computation and Figure 51 presents the Mach number contours obtained
Performance Prediction with such a procedure. For this computation, the
Due to the complexity of intake geometries and flow fields, experimental static pressure has been applied
computations are usually split into two phases59. downstream of the internal bleed. The presented

solution corresponds to a critical regime. We can see
In the first one, intakes are computed alone, with an th xn comressond s t h c owl shocand

uniform upstream flowfield corresponding to the averaged the external compression shocks, the cowl shock and

flowfield entering the intake. This method is well suited for the downstream normal shock, near the internal

the preliminary design phase. But, this simplified method is boundary layer bleed entrance, which makes the

imperfect and in a second phase it becomes necessary to separation between the supersonic part and the

take into account the real non uniform flowfield entering subsonic part of the flow.

the air intake.
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Figure 52 presents the characteristic curve obtained experimental tests. The most important feature is the
with Euler computation. The comparison between location of the reflections of the cowl shock on the
experimental and computational results shows good centerbody and then on the upper side. PNS approaches
agreement on engine mass flow and pressure recovery, predict with a better accuracy shock location on both upper

and lower side. Flowfield visualisation shows a thick
Navier-Stokes equations allow to take into account boundary layer on the lower side so that viscous effects are
viscous effects like total pressure losses near the wall, of primary importance for shocks location. PNS pressure
shock-boundary layer interactions, vortical flow at levels are in qualitative agreement on the centerbody where
bleed entrance, ... strong viscous effects take place at shock reflection but

Figure 53 presents a comparison between Euler and quite good correlation with experiments is obtained on the
turbulent Navier-Stokes computations. We can see that cowl.
Navier-Stokes calculation provides a normal shock Three-dimensional Reynolds Averaged Navier-Stokes
located slightly upstream from the one obtained with computations are mandatory in order to take into account
the Euler computation. It is certainly due to the three dimensional effects
boundary layer displacement thickness in the diffuser
which reduces the available cross-section. - lateral compression,

- lateral boundary layers development and comer flows
(even for rectangular ducts),

5.2.2. Intake with a non-uniform externalflow field - various struts positions : not only horizontal but also
The previous method is approximate as it does not take into vertical or with swept leading edge,
account 3D effects due to forebody influence and also to - sideslip influence,
compression ramp finite width or intake lateral wall. In this - forebody influence.
case 3D air-intake computation with the real non-uniform
flow field around the fuselage is necessary. To perform As it is shown of figure 58, 2D and 3D Navier-Stokes
these computations, two ways are possible : computations of the same inlet have been realised. In the

symmetry plane, all computations are very close one to the
-compute the intake placed in a non uniform flow other. In this case, the three-dimensional effects which
field, affect the pressure distribution along the lateral walls do not

- compute together external and internal flow fields modify the flow in the symmetry plane.

(global computation).

Principle of the first method is exemplified on figure 54. 5.3.2. Scramjet inlet design
The advantages of this method is that only one external Design phase of a two-dimensional air inlet with struts is
computation is necessary at each flight point, whatever the demonstrated on figure 59. Shocks and expansion waves
geometry and the running point (supercritical or close to are first computed with OCEAS and design is conducted by
critical conditions) of the air-intake. The drawback is that the following guidelines :
strong interactions between internal and external flows are - starting of the inlet,
not taken into account (subcritical running, high sideslip - on design Mach number,
angle, ...). Figure 55 presents an application of such a - required conditions for injection.
method on the AEROSPATIALE ASMP type missile
configuration. The first two parameters depend on the flight envelop of the

The global computation applies to all operating conditions airbreathing scramjet vehicle.

from the supercritical to the subcritical one. Furthermore, it The following parameters are to be defined
allows to take into account the internal flow effects on
external aerodynamics, but it demands more CPU and - number, angle and length of compression ramps,
meshing time. An example is given on figure 56. - cowl ngle and location,- struts number and location.

An intermediate method is to interpolate the externalflowfield on boundaries which are located enough away Starting of the inlet may be analysed through simple quasi-
from tel intbe.nOvrlingwhich and lchieragid techniques aone dimensional approach6 but this criterion may be veryfrom the intake. Overlapping and Chimera grid techniques restrictive and do not account for viscous effects. In fact,make it very powerful. starting depends on the unsteady phase before established

Mach number is obtained, so it is very sensitive to initial
5.3. Scramjet intake Flowfield Computation and conditions: starting may strongly depend on the testing
Performance Prediction facility and computational analysis should be done through
In this section are presented the computation of an isolated unsteady Navier-Stokes solvers.
scramjet inlet tested by NASA, the design of an isolated Struts participate to flow compression. Their number and
inlet with struts and a forebody-inlet analysis 62 . position is a compromise between injection requirements,

structural feasibility and starting of the inlet.

5.3.1. NASA P8 inlet Various shapes are presented on figure 59. They lead to a
P8 air inlet was tested by NASA 63. It is an isolated compromise between low contraction ratio (necessary for
rectangular air inlet (figure 57), on design for freestream low Mach number inlet starting) and high pressure recovery
Mach number equal to 7.4. Two-dimensional Euler and (favourable to combustion rate and thrust).
PNS equations are solved for a transitional flow with
perfect gas hypothesis. Transition location was given by
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PNS computation was performed on the final version of the Self-ignition was obtained at the first test. Optimised shape
inlet so as to fine tune flow parameters. tests will be realised in 1996 and 1997. Improvements in

the measurement system are planned :
Two forebody-inlet configurations are now considered. The

first one is a sharp nose forebody with the following - optical window in the injection box,
freestream conditions (figure 60): - thrust measurement,

-Mach number = 15, - optimised location and eventual adding of heat flux
-incidence = 7'. sensors and pressure taps,

- use of several friction gages.

This test case is interesting for code validation. Many After the tests, a ID analysis is used as a way to estimate
interactions may be distinguished within the internal duct. the combustor efficiency.

The second case is made of a blunt forebody. Freestream As very complex physical phenomena take place inside the
conditions are (figure 61): combustion chamber, CFD analysis is used to complement

- Mach number = 12, to ID analysis. 2D and 3D reactive Navier-Stokes
- incidence = 40. computations are performed. Thick boundary layer at the

entrance of the injection box, air-viciation by water, as well
The inlet is designed first with OCEAS with a sharp as detailed features of the injection struts are taken into
forebody nose. Then, coupled VSL-PNS2D approaches account. The aim of these computations is to give an
allow us to account for nose bluntness (2 nose radii). The assessment of the main flow features, in order to check
resulting inlet performances (see table below) show in what design parameters, to prepare test sessions, and to explain
proportion nose bluntness deteriorates pressure recovery at experimental measurements, and understand self-ignition
combustor entry. The same geometry has been computed at process.
a freestream Mach number equal to 6, leading to the same
conclusion. Examples of 3D results are given on figures 63 and 64. In

this first shape the injection struts are very simple, using a
Mach number Pressure recovery combination of both transverse and tangential injections.

Ignition take place near the struts, at shock interaction
locations, as low temperature levels in the incoming air do

R=20 mm 4.50 0.22 not allow instantaneous ignition. Flow is highly stratified.
3D computation is necessary to take into account wall

R=40 mm 4.25 0.18 comer effects and initiation of eventual upstream shock
train at high equivalence ratio.

Table 5 Mean flow results at inlet exit section
Parametric study is facilitated by use of Chimera meshes, as

The above mentioned applications demonstrate the ability shown on figure 65. A simple combustion chamber mesh is
to design scramjet inlets through numerical approach. realised without any strut, then an adapted mesh is realised
However, further improvements of CFD tools are around the strut with refinement in the boundary layer and
necessary. Two main directions can be distinguished : near the hydrogen injection holes. Then both meshes are

"* need for more efficient three-dimensional viscous superimposed and a global computation is done. This

computations, method has three major advantages:

"* integration of air inlet design into a coherent - meshes are easier to generate,

numerical strategy for the whole propulsive - struts can be shift without remeshing,

streamtube. - local refinement do not spread.

Pressure and temperature contours are presented in figure

5.4. Scramjet combustion chamber 66.

AEROSPATIALE-Missiles has designed, build and test a
steel scramjet model called "CHAMOIS" in its Bourges 5.5. Scramjet nozzle
Subdray facility. Nozzle flow can be studied with three types of tools:

Its rectangular entrance area is about 0.05 m2. It is analytical codes based on characteristics method able to

equipped with wall measurement devices (80 pressure taps, give a preliminary nozzle geometry in the design phase,

10 heat flux sensors, 1 skin friction gage). Its objectives are Euler codes for the design phase with two-species flow

to estimate combustor efficiency, to compare different formulation, and 3D Navier-Stokes codes with chemistry to
injection systems, to understand, real size scramijet calculate 3D viscous and recombination effects.
phenomena and to validate numerical tools. Figure 67 shows a 2D Euler computation of a scramjet

The nominal air feeding conditions correspond to a Mach 6 nozzle with two species modelisation for internal/external
velocity flight at 60 kPa of dynamic pressure. Nominal flows confluence.

values at the entrance of the combustor are Mach 3.1,
stagnation pressure 3 MPa, stagnation temperature 1650 K, 5.6. Thrust Evaluation
and an air mass flow of 30 kg/s. It is the largest scramjet In order to predict vehicle thrust and to evaluate specific
combustor tested in Europe (see figures 41, 62). impulse we may use two types of tools:
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- 3D computational tools already mentioned, applied to developed in a balanced state, hypersonic vehicle systems,
the whole propulsive stream tube, component after in contrast, are severely lacking in ground test capabilities,
component, particularly at high Mach numbers. Current ground test
- global computational tools, facilities are not very adequate in performance, size and run

times, especially for the vehicle engineering development.
Global tools participate in the design phase of the project So, for these hypersonic systems, an ever larger dependence

and can give a rough estimate. They are two types : ID Sofothshyeoncytmanvrlrgrdpdne
andlytican gives aor roughestimate. Thyaretwo typ des: D must be placed upon computation and flight testing to

achieve confidence in system performance. Therefore, it is
for scramjets. important that CFD should be given continued emphasis

One-dimensional analytical codes, devoted to scramjets, and financial support to provide a bridge between the
calculate the performance of a two dimensional mixed- capabilities of the best ground test facilities, and the
compression scramjet inlet, a kerosene or hydrogen fuelled requirements for vehicle development and certification
combustor with staged injection of liquid or gaseous fuel, prior to first flight.
and a nozzle. They take into account real gas properties, The evolution of hypersonic testing methodology should be
viscous effects and shock-waves interactions, based upon the synergy made possible by integrating the

Nose-to-tail PNS2D codes compute the complete stream complementary capabilities of ground test facilities, CFD
tube from the nose to the nozzle end section with and flight tests (figure 42).
longitudinal hydrogen injection and internal/external flows
confluence. 6. CONCLUSION

Figure 68 shows an example of a 2D PNS nose-to-tail
calculation, for an AEROSPATIALE demonstrator. This Design of supersonic/hypersonic missiles implies the study
demonstrator would allow to validate the engine at speed of very complex flowfields, mainly when they are
near Mach 8, in order to combine ground tests and controlled by lateral jets or powered by ramjet or scramjet
numerical results. The concept is based on a simple engines.
architecture to reduce the cost of the vehicle and make it
reasonable in a short term. The concept uses a two- At the present time computational tools are able to predict

dimensional scramjet. Computational results shown are fairly well external and internal airbreathing missile

Mach number distribution for the internal and external aerothermodynamics. However progress must be made in

flows, the development of physical models to improve flow field
prediction when viscous and chemical effects are
predominant.

5.7. Experimental facilities and CFD as complementary CFD tools added to wind tunnel, propulsion bench and
tools flight test, allow to design and optimise faster and at a
The propulsion systems development of hypersonic lower cost supersonic/hypersonic airbreathing missiles.
airbreathing vehicles involving experimental tests and
theoretical evaluation require not merely an evolution of
current technology, but large technology steps. The Acknowledgements
deficiencies in hypersonic propulsion test and evaluation We specially thanks J.-V. Hachemin, V. Le Gallo, X.
methodology, including ground testing, CFD, and flight Montazel, D. Sitbon for their contribution to the
testing, are known, and the need for improving the computations.
traditional approach through the use of an integrated
computational/experimental evaluation methodology is real.

In the aerospace industry, CFD is recognised as a design
tool, and is commonly used in an interactive process to
select the best geometry among several before any model
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Figure 14 - Downstream interactions.
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SURFACE-LAUNCHED AIR-LAUNCHED
SURFACE TARGETS AIR TARGETS
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Figure 20 - U.S. missiles powered by boost rocket/sustain
ramjet engines 23.

MISSILE RELEASE

BOOSTER IGNITION

TRANSITION SEQUENCE

RAMJET IGNITION Figure 22 - High lift-to-drag ratio configuration 24 .

Figure 21 - French ramjet missile ASMP transition
sequence.
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Figure 23 - Schematic ramjet engine.
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Figure 24 - Ramjet operating point.
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Figure 25 - Switching between cruise and acceleration
regimes with variable inlet and/or nozzle.
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Figure 26 - Air-intake configurations.
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Figure 27 - Air-intake types26.
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Figure 28 - Comparison of different types of intakes in
four intake configurations 28.
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Figure 29 - External, internal and mixed supersonic
compression 29 .
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Figure 30 - Incidence effect on rectangular intakes28. Figure 31 - Sideslip angle effect on rectangular intakes28.
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Figure 32- Typical characteristic curves for external
compression intake with internal boundary layer bleed.
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Figure 33 - Typical characteristic curves for mixed
compression intake with internal boundary layer bleed.
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Figure 36 - Ramjet and scramjet air intakes pressure
recovery.
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Figure 41 - Ramjet and scramnjet ground-test facility at
AEROSPATIALE Missiles/CELERG.
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Figure 44 - Contours of Mach number. M = 3.0, cc = 100,

on the surface, in a plane located downstream of the
nozzles and in a plane located near the wing trailing edge.

Figure 45 - Turbulent computation of the surface-to-air
configuration. Total pressure contours.
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Figure 46 - Pressure distribution.
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Figure 47 -ANS airbreathing missile. Euler computation

for external aerodynamics.
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Figure 48 - Euler and PNS computation on a supersonic

ogive. Influence on inlet capture area total pressure at

different roll angles
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Figure 49 - Schematic drawing of the 2D air-intake.
Experimental geometry and mesh topology.
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Figure 50 - 2D air-intake performance. Comparison
between semi-empirical calculation (OCEAS) and
experiment.

Figure 51 - 2D air-intake Mach number contours. Culer

computation.
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Figure 52 - 2D air-intake performance. Comparison
between Euler and experiment.
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Figure 53 -2D air-intake Mach number contours. Euler
and Navier-Stokes computations.
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Figure 54 - Example of topology decomposition for a
structured internal-external multiblock grid.

Figure 55 -ASMP type configuration. Internal flowfield
computation taking into account non uniform external
flowfield.

Figure 56 - 3D forebody/intake configuration 6°,61. Surface
and symmetry plane grid. Euler static pressure contours.
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Figure 57 - 2DEue and 3DNSve-Soe computations ofnAAP
NSP8inlet. Upstream Mach number 7.4.
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Figure 59 - Generic isolated inlet design. Mach =5 and 7,
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Figure 60 - Generic sharp nose borebody-inlet. Mach 15.
Incidence 70,
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Figure 61 - Generic blunt nose forebody-inlet. Mach 12
and 6. Incidence 40.

injection struts

Figure 62 - CHAMOIS scramjet combustor in
AEROSPATIALE test facility.
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Figure 63 3D Navier-Stokes reactive com putations: total
temperature surface limiting combustion regions jutafeignition (CHAMOIS combustor).SJsafe

Figure 64 - 3D Navier-Stokes reactivecoptinstoatemperature contoursCAMI 
co mpustator)tta
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-- X'

Figure 65 - 2D Navier-Stokes reactive computation of a

generic scramjet : Chimera grid technique.
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Figure 66 - 2D Navier-Stokes reactive computation of a
generic scramjet : Chimera results.
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Figure 67 - 2D scramjet nozzle - Euler computation with
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Figure 68 - AEROSPATIALE scramjet powered flight test
vehicle. 2D PNS nose-to-tail computation.
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Stage Separation Aerothermodynamics
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transportation systems.
ABSTRACT: To achieve a significant cost reduction for future missions

into the orbit horizontal take-off and landing capabilities
Aerothermodynamic problems during the sequence of with airbreathing propulsion as well as completely
ascent flight are investigated. The flows for the reusable structures seem to be indispensable. Conceptual
pickaback configuration, the stage separation, the design studies have covered single stage to orbit (SSTO)
lower stage alone, inside of the trough of the lower and two stage to orbit (TSTO) systems. SSTO concepts
stage and the fin/winglet interaction are considered. are under investigation in the U.S. with NASP (National
The main attention will be drawn to the stage Aerospace Plane), in Great Britain with HOTOL
separation process. During hypersonic flight the upper (Horizontal Take-Off and Landing), in Japan with the
stage is separated from the lower stage which induces Aerospaceplane of the National Aerospace Laboratory.
thereby a highly complicated flow field in the gap In Europe some national programs favour two-stage
between the both stages, leading to aerodynamic and versions of horizontal take-off and landing space
thermal loads. From the flight mechanical point of transportation systems (TSTO). Some of these studies
view the aerodynamic coefficients have to be make use of conventional transport aircraft as carrier for
determined, whereas for structures and thermal the orbiter, e.g. the AN 225 / Interim HOTOL of British
protection purposes the local loads are of most Aerospace and the MAKS system of Russia. The
importance. separation of the upper and the lower stages is planned to
Several physical aspects are examined for the various take place at maximum flight level of the carrier aircraft
kinds of flows, i.e., wall radiation, turbulence, real at subsonic speeds.
gases, shock / boundary layer and shock / shock The most advanced concepts provide a first stage
interaction, flow separation and reattachment. The belonging to a new generation of hypersonic aircrafts, with
flowfields are analysed by employing numerical conventional take-off and landing capabilities, but with
simulation methods as well as windtunnel propulsion systems that enables the lower stages to operate
experiments. Inviscid and viscous numerical with hypersonic speeds at flight levels high above the
simulations are performed applying the Euler and the maximum ceiling of turbo-jet engines. Possible solutions
Navier-Stokes equations. The influence of the grid for such propulsion systems are given by integrated
fineness on the accuracy of the numerical results are turbo/ramjet or turbo/scramujet systems.
also object of consideration. Results of the above One of these above mentioned concepts is considered in
described flow cases will be presented and discussed the frame of Germany's Hypersonic Technology Program,
in very detail and the windtunnel data will be based on the idea of E. Sanger. Another one is the French
compared with the numerical results for validation STAR-H concept for which is planned to use a combined
reasons. turbo/scramjet propulsion system. According to Sanger's

concept upper and lower stage, both designed as high lift
1. INTRODUCTION over drag vehicles, climb up as a pickaback configuration

to an altitude of about 35 km and accelerate to a speed of
Most of todays space transportation systems are Mo = 6.6. Then, both stages separates and the upper
either not or only partially reusable. Although these stage continues the ascent to the orbit while the lower
systems represent reliable means of space stage flies back to its launch site like an aircraft. After the
transportation, the costs of delivering payloads into mission of the orbiter is accomplished it returns to earth
LEO are still to high. Partially reusable are the operating during re-entry and landing like the Space
vertically launched systems of the U.S. Space Shuttle.

Shuttle, the Russian Buran, the European Hermes and Many interesting aerothermodynamic problems occur
the Japanese Hope, where the orbiter is reusable and during this sequence of ascent flight. In this lecture we
the launch system expendable. will report about the findings of flow field behaviour for
Consequently, numerous activities over the world aim four different flight situations.

to develop concepts for completely reusable space

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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1.) the pickaback configuration during ascent up to In the flight situation 1.) we analyse the wall radiation

the altitude of stage separation maneuver on the wall temperature distribution which is very
important for the design of the thermal protection system

2.) the stage separation maneuver itself (TPS).
The most challenging task was the investigation of the

3.) the lower stage configuration after the stage flight situation 2.) where a two body system has to be
separation maneuver considered. The main objective was the revelation of the

general flow structure. The influences of the physical
4.) the flow inside the trough of the lower stage modelling, inviscid versus viscous, perfect gas versus real

gas and laminar versus turbulent flow are analyzed.

The main attention will be drawn to the second point, The investigation for the flight situation 3.) is devoted to
the aerothermodynamics of the stage separation the aerodynamic performance of the isolated lower stage,
maneuver. In principle the stage separation maneuver where in addition flow topologies on the leeward side and
will be carried out as follows. Using a strut determination of the heat fluxes are considered.
mechanism the upper stage is lifted to a certain Finally, the flight situation 4.) deals with the influence of
incidence angle and an appropriate gap width the design of the trough, where the upper stage is located
between the stages. Subsequently, the rocket during ascent .until separation, on the aerodynamic
propulsion system of the upper stage provides performance which is important for the trim behaviour and
sufficient thrust to gain enough lift for the separation the static stability of the hypersonic aircraft.
maneuver. The separation maneuver takes place.
Thereafter the lower stage returns to the launch site 2. MAJOR AERODYNAMIC DESIGN PROBLEMS
for horizontal landing and the completely reusable
upper stage flies into an orbit. After the mission of Generally, for the development of such a high
the orbiter is accomplished it returns to earth sophisticated launch system like TSTO a lot of
operating like the U.S. Shuttle. aerothermodynamic design problems occur. Besides the
Extensive numerical effort was spent for the ones listed above, the integration of the propulsion system
investigation of the above mentioned flow cases and including the air inlet, the combined propulsion system
the numerical results were compared and validated itself, the free expansion nozzle and the base flow are of
with experimental data where ever possible. particular importance for the trim and stability behaviour
Fig.1 gives an overview about the strategy of the and with that the controllability of the hypersonic aircraft
investigations and the special examinations of in the different Mach number ranges. All these effects
sensitivities performed. cannot be addressed in this paper.

Our interest is focused on the following topics.

Concept of Investigations
Configuration Level of modelisation Sensitivity study w.r.t Validation by experiments

pickaback: 3-D Navier-Stokes - adiabatic wall
hypersonic aircraft laminar, - adiabatic

plus shuttle like orbiter perfect gas - radiating wall

3- Eu- perfect gas
7l- equilibrium real gas

- grid finenessSStage separation

maneuver - WT-results at H2K

ln of DLR, Cologne

- laminar
3-D Navier-Stockes - turbulent

- grid fineness

Hypersonic aircraft 3-D Navier-Stokes WT-results at RWG of

with fprs a flaminar, DLR G6ttingen and

perfect gas H2K of DLG Cologne

HypersonicFairig. 3-DNavier-Sto os invS with trough laminar,grdfnes
modification perfect gas

Fig.1I Concept of investigation
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Fig.2 Typical ascent trajectory

2.1 Pickaback configuration 2.2 Flow field interactions during stage separation

During ascent the upper stage is transported by the During the separation maneuver (Fig.4) the stages are
lower stage in a pickaback configuration, i.e. the inclose proximity and the aerodynamic interaction between
orbiter is mounted on top of the hypersonic aircraft, the vehicles may cause significant effects on the
A typical ascent trajectory for a TSTO is shown in aerodynamic characteristics of each vehicle.
Fig.2, where also the operation ranges of the Unlike the standard separation of vehicles of different size
propulsion moduls are indicated. The pickaback in which only the flight conditions of the smaller stage are
configuration is delineated in Fig.3. Aerodynamic noticably perturbed, the separation of the two vehicles of
performance data along selected trajectory points comparable size can mutually impair the aerodyamics of
were determined by employing Euler and Navier- both stages. For this reason the analysis of the flowfields
Stokes methods. For the separation Mach number is extremly important for the flight mechanics of both
(Mo= 6.6) the influence of the wall radiation on the stages during the separation maneuver. So far, only little
wall temperature distribution is investigated, work has been published on the investigation of

supersonic / hypersonic separation maneuvers. In /I/ an

experimental analysis of the stage separation was
conducted at Machnumbers 3 and 6, where the
aerodynamic data obtained are input for the system of
equations of dynamic motion. A similar approach was
applied in /2/ in which slender body theory provides the
input data for the equation of dynamic motion. The most
recent experiments /3/ were focused on the analysis of the
flow behaviour at small gap widths between upper and

lower stages, where the main interferences should occur.

SANGER 
1

Fig.3 Pickaback configuration Fig.4 Separation configuration
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Fig.5 Lower stage configuration with trough

The aim of our simulation work was to identify the employing a Navier-Stokes method. An angle of attack
parameters of the flowfield which are sensitive with investigation has been performed in order to identify the
respect to the interaction between both stages. Some effects on the leeward side and to compare these results
of these are: the gap width, the relativ angle of attack, with windtunnel data.
the viscous effects, the real gas effects, the shock
boundary layer interactions, the shock and 2.4 Design of the trough
compression wave reflexions, etc..

The flight mechanics during the return-flight of the lower
2.3 Angle of attack sensitivity of the lower stage stage to the landing site, will be effected by the flow

inside the trough. The trough geometry is displayed also
After the upper stage is separated the lower stage in Fig.5. Therefore the flow field in the surroundings of
returns to the launch site. The lower stage is a long the trough was analyzed in detail and the influence of the
and slender blended wing-body configuration flying at trough geometry was examined. The outcome of this
high altitudes and hypersonic speeds (Fig. 5). investigation was that the pitching moment is the most
Therefore the flowfield around this configuration for sensitive quantity. The simulations were done by a
the given flight characteristic is dominated by viscous Navier-Stokes method where particular attention was paid
effects. Thick boundary layers develop and influence to the flow topology in the vicinity of the trough.
strongly the the aerodynamic coefficients and loads.
For this reason, an inviscid simulation of the 2.5 Fin / winglet interaction
flowfield is only helpful to get some informations on
the pressure distribution at the wall of the The integration of the upper stage on top of the lower
configuration and to understand the location and stage should not affect the control capability given by the
interaction of shock waves. The experience has fin of the lower stage in an unacceptable manner (see Fig.
evidenced that just the lift coefficient could be 3). Therefore the interaction between the winglet of the
predicted with some reasonable accuracy, while the upper stage and the fin of the lower stage was
other coefficients may be spurious. For an improved investigated. To do so, flow simulations were performed
determination of the aerdynamic loads and a on an isolated fin / winglet configuration (Fig. 6) which

prediction of the thermal loads a viscous analysis of was mounted on top of a delta wing. Different
the flow field is definitely necessary. Machnumbers, angles of yaw and relative positions of
The viscous flowfield around the complete configu- the fin to the winglet were considered. Since it was
ration including the vertical fins is calculated by expected that the main interference would occur through
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the shock waves generated at the upper stage winglet the viscous fluxes are given by E,, Fv, G, The viscous
and touching the lower stage fin, the investigation fluxes contain only those parts of the shear stress and the
was performed by applying an Euler method, heat conduction with pure derivatives in the ý, q7,; -

direction (TLNS approach). The Reynolds number with
Irespect to the reference values is defined by Re,

u., L /u• . From the thermodynamic point of view the
system of equations is closed by the equations of state
(for systems in thermodynamic equilibrium), where the
variables p, s are used as thermodynamically

Z independent andp, T, c (c speed of sound) as dependent
variables. The bulk viscosity is determined via Stokes

X hypothesis to formulate the simplified form of the shear
stress.

Fig.6 Fin / winglet configuration When perfect gas flows are investigated, the molecular
viscosity p is determined by applying Sutherland's law

3. NUMERICAL SIMULATION METHODS /12/. The thermal conductivity K is calculated under the
assumption of a constant Prandtl number Pr,, = y . cp /

The numerical simulation of the flow cases considered Kr, . In case of equilibrium real gas air flow the
and discussed above are performed by applying 3D thermodynamic and transport properties are taken from
Euler and 3D Navier-Stokes methods. Some Euler the fitting routines reported in /13/.
calculations were done with the finite difference The inflow and outflow boundary conditions are
method published in /3,4/. The Navier-Stokes determined by the characteristic relations of the one -
equations are integrated using the finite volume dimensional Euler equations. No-slip and adiabatic
approach. Two approximations are available where conditions are imposed on solid walls and undisturbed
one of them /5,6/ has the capabality to march in space flow is assumed for the far field. More details can be
using the time operator, which is similar from the found in /10,11,14/.
efficiency point of view to the parabolized Navier-
Stokes approach. We will now concentrate on the 3.2 Discretisation procedure
second method since most of the computations
discussed in this paper are carried out with this For completeness, the main ideas of the discretisation
prediction tool /7,8,9,10,11/. The main differences of method as they were outlined in /8,9,10/ are repeated
the strategy of approximation between the both below.
methods consist in the treatment and discretisation of The time derivative and the space derivatives are
the left hand side and the boundary conditions. discretised separately in order to obtain a steady state

independency of the time step. The numerical scheme is
3.1 Governing equations implicit in time and is solved by employing Newton's

method for the new time step. When discretised in time
The non-dimensional form of the time-dependent and expanded in Aq, not in AQ, one gets the following
Navier-Stokes equations in three dimensions is semi-discrete version of the TNLS equations. The
considered. In generalized, body-fitted coordinates quantity q is given by q = J . (Lu,v,w,H =(e+p)/•)r

these read

Qt- Eý + Fj + G( - Qq A '•~sJ-1 + rLn+X,s=
' + F + G,(=0Qn+l,s + Q rn 1

0e~l(Ev,• + - ± Gvc) = 0 _ l at j- 1 + rRn+l,s + (1 - r)R }

where Q = (a, Lu, 0V, Lw, e )T using e = L (e + R Eý + F0 + G( - Re-l(E,, + F,, + G,,()
0.5 (u 2 + V 2 + w 2 )) is the vector of the conservative

variables, o denotes the density, u, v, w the cartesian
velocity components and e, p the specific internal
engergy and the pressure. J = 9 (4,r/,) / 9 (x,y,z) is
the Jacobian of the transformation from the cartesian Re-'((A.Aq), + (BAq), + (CAq)()
frame of reference (x,y,z) to the generalized
coordinate system (ý, rq,4, where ý is the streamwise
direction, q/ is the direction normal to the wall and The indices n and s define the time and the iteration
i corresponds to the circumferential direction. The level, respectively. Setting r = 1 provides an 0 (A t)
quantities E, F, G represent the inviscid fluxes, while scheme, whereas for r = 1/2 the TNLS equations are
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approximated second order accurate in time. The expressed by central differences .in which second
quantities Z = A, B, C are the flux matrices of the derivatives are treated as differences across cell faces of
convective part of the equations while the flux first derivative terms. The derivatives of the inviscid
matrices of the viscous part are denoted by Z, = A fluxes are approximated by a symmetric TVD scheme in
, B, C, . The linearization with respect to q instead the sense of /15,16/. At the cell face F,,,+2

of Q is used to ensure efficiency and robustness of the the general flux M ,,+/2 is formulated as
scheme also in the hypersonic regime. Since the
density changes dramatically in hypersonic flows due
to shock waves and strong expansions the matrices Mrn+1/2

become stiff owing to the reciprocal occurrence of the
density in the elements. Additionally, low density ½{M(Qrn+l, 1rn+1/ 2 ) + AI(Qm, I'm+1 / 2 )-
values impair the robustness and the maximum
possible time step which generally deteriorates the (P-IRNO(AN))m+i/ 2 ('r+/ 2 -

convergence of the scheme. For that reason the

number of terms containing the factor Lo' should be aN N N
reduced which is possible by expanding the flux S(am1/2' arn+1/2, m+3/2/l

matrices with respect to q. Furthermore using such an
expansion the matrices Z, are less costly to compute
than 0 (E, , F, , G,) / (5Q, since Z, contains more where a four argument minmod limiter
zero elements than the other one. The matrices 9Q /
0q Z and Z, will not be given here. They can be S(--12oN1 ONm )/2 = mimniod(aN 1 /2,
found in /8, 9, 10/. The TNLS equations are solved

using a finite volume method, i.e., flow variables are N N 1 NN

defined at cell centers and coordinates at cell vertices. am+1/2, rm+3/2' 4 (m-1/2 ± Om+l/2))
Using a general notation for the spatial discretization
the discrete problem reads

is applied to the difference in the Riemann invariants

Q l+ls j-1 rn+l N -s-

'At + lsM+1/2 (RN$ -1/-) ( QMn)

Qn+l,s _ Qn J_1 rR+l,s + (1-

and the entropy correction function VI(f)
R8 =. 5E+5,7F+6(G-Re-'(5•E,+5,F,+5¢G,) IlIl>

~ 0fi If I >

L8 -5(AAq) + tb,(BAq) + 6((CAq) - O

with a small positive parameter F is used.
Re]' (3 ( AAq) + % ( BAq) + /5b ( C ,Aq)) To accomplish a sensitive limiting the Riemann invariants

are scaled by (p = c2R lo , where the square of the speed
of sound is defined by

The symbol 5,, M with M = E, F, G, o = ý,il,ý and
m :ijk is understood as o5,kf = M.i,, 2 - M4.,- .. e 2

where the constant subscripts along the co - line are 'P p2 ,
dropped. The approximative solution of the TLNS _02p -[ - -1(u2+
equations in the steady and the unsteady case is aVP ( -

2 + W2 ))
determined only by the right hand side, that is by the
R, expression. Therefore the spatial approximation of with
the L, - term on the left hand side can be chosen to
develop an efficient algorithm to invert the solution
matrix in every time step.

3.3 Spatial discretisation of the explicit operator

The spatial accuracy of the numerical scheme is
determined by the formulation of the inviscid and The matrices RN, (RN)-' are the right and left eigenvector
viscous fluxes at the cell faces. The viscous terms are matrices of the flux matrices N = 9M / (5Q and AN,,+-/2



11-7

represents the eigenvalue matrix compact form to admit a reasonable discussion of the
solution method. Omitting the indices n and s of the

AN + diag(79•, 19L, 29W,,, equation of the discrete problem and using the notation
m+1/2 (T. + T.,+)JAq = T. Aq. + Tm., Aq,,+ , one has

7, + CRI/AWI, 19L - CRIALW) (Tijk + Ti+ljk + Tij+lk + Tijk+1 +

8,9 is the contravariant velocity. Unless otherwise Ti-ljk + Tij-1k + Tijk-1) Aq = RHSijk
stated, the variables at cell interfaces are computed as
Roe-averages /17/. This discrestisation results in a where the matrices Tok contain all the coefficients of the
second order accurate approximation of the steady cell volume (jk) and RHS0J represents the right- hand
state operator. side of the discrete problem. One of the main goals for

the choice of the solution method is to attain best
3.4 Spatial discretisation of the implicit operator possible convergence and simplicity for vectorization.

Therefore a symmetric point Gauss-Seidel relaxation
The implicit operator is in total first order accurate in scheme with red-black pattern is selected.
space. Again central differences are applied to the
second derivatives. As for the explicit operator the
inviscid fluxes are formulated by the balance across TiJkAqiJk =
the cell 5,. (Z Aq) = (Z Aq).+,112 - (Z Aq),.1,,2 and
(Z Aq)m+,, is given by RHSijk - (Ti-ljk + Tij-1k + Tijk-l)Aq

TijkZ-.qijk = RHSi'jk - (Ti-ijk + Tij-lk
(Z/q),+/=2  {Z(Qm+l, 1m+1/ 2 ) /qm+l + R( +

Z(Qrn, I r+1/2) AqM - + Tijk-1 )Aq - (Ti+ljk + Tij+lk + Tijk+l )Aqf+l's

(QqXPV)(AP)(XP)-l)m+1 / 2 (/Aqm+a - Aqm)} Subsequently, the vector of solution Q"+"'+' is updated
via

Since P = (9Q/9q)-' Z = (c9Q/1q)89M/e9q and N
- 9M/9Q are siminlar matrices they have the same

eigenvalues with AN = A' .The left and right
eigenvector matrices XP and (XP)' of the matrices P Because only steady-state solutions are sought first
can be found in /8,9,10/ . To reduce the order accuracy of the time discretisation is sufficient
computational costs and to strengthen the main which is realized by seeting r = 1 in the equations of
diagonal of the solution matrix the difference the discret problem. Additionally, only one inner iteration
Z(Qm,F,+1i2 ) - Z(Q., F._112 ) is neglected that occurs step is executed to proceed from time level n to n+l
when the above defined equation for (Z Aq),,,4 1 2 is which may lead to a simplication of the superscripts of
inserted in 5,,, (Z Aq). Further the maximum the above equation by setting n+l,s+l-- -•n+l andn+l,s--
eigenvalue to determine kVPm,. = yv (A' .. ) is used n.The reciprocal value of the maximum residual, i.e., the
which results in right-hand side of the equation of the discrete problem

controls the time step. At the beginning of the

(ZAq)m+1 2  {Z(Qm+Irm+i/ 2 ) Aqn+1 - computation the time step is increased with decreasing
maximum residual. If, however, the time step is larger

(Q/I'V),-r)m+1/2 (Aqni+i - Aqm)} than Atm. = I then At is set equal to unity. Stepping from
level n to n+l the boundary conditions are treated
explicitly. That is, the boundary values are updated only

where I denotes the identity matrix. Arithmetic after the values at interior points have been iterated. As
averaging is applied to evaluate the variables at the a consequence the solution vector Q has all its
cell interfaces. components at the same order of accuracy only when the

iterations have converged.
3.5 Solution method

4. RESULTS
The discretisation described in the preceding
subsections results in a block-heptadiagonal system of As already mentioned in chapter 2. from the
equations when three-dimensional flow problems are aerothermodynamic point of view our interest was
considered. The discrete problem is rewritten in a focused on five specific topics where experimental and
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Fig.8 Grid for the Navier-Stokes computation around the pickaback configuration

numerical investigations have been carried out. We planes at x = 59m, 71m, 83m for an adiabatic non -
will start with the discussion of the aerothermo- radiating wall are depicted. The bow shock touches the
dynamics of the pickaback configuration. wing leading edge at approximately 71m which carries to

an increase of the aerodynamic and thermal loads in this
4.1 Pickaback configuration wing area. The heating of the vehicle under adiabatic

radiating wall boundary conditions with E = 0.85 is
During the ascent, the upper stage is transported in a displayed in Fig. 10. Non-radiating walls show much
pickaback configuration on top of the lower stage to higher thermal loads than radiating (see /14/).
an altitude of approximately 32km where then at the
end of a pull up maneuver the orbiter is separated
from the lower stage. The spacecraft is propelled by
a combined turbo - ramjet propulsion system, where
the turbojet accelerates the vehicle up to a
Machnumber of roughly 3.5 while after that the ramjet
operates until the separation process takes place (M.
= 6.8). Of course, a lot of aerothermodynamic
problems occur during this ascent and have to be
answered, but here we will focus our interest only on
the shock/boundary layer interaction in front of the
upper stage, the bow shock interaction at the wing a)
leading edge and the influence of the wall radiation
on the thermal loads for the separation Machnumber
Mý = 6.8 /14/.

b)

Fig. 8 Isobars in the plane of symmetry

The Navier-Stokes method proposed in /5/ with space
marching capability is used to calculate the flowfield
for an angle of attack a = 60 , Mo = 6.8 and a
Reynolds number Re = 1.8x108 based on the vehicle
length. The influence of the winglets and the fins and
their interaction is for reasons of simplicity not
considered here. The flowfield is resolved by 75 x 65
cells in crossflow sections and 45 planes in marching
direction (Fig. 7). The static pressure distribution in c)
the plane of symmetry in Fig. 8 illustrates the canopy
shock followed by an expansion on the leeward side Fig. 9 Isobars in crossflow planes;
of the upper stage. In Figs. 9a-c isobars in crossflow a) = 59m, b) = 71m, c) = 83m
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Fig. 10 Wall temperature distribution at an adiabatic radiating wall ((T/Tf)mi,, I -- 1.,7.,0.2).ia•,

((T/T.o)mij•.miA = 1.,10.3,0. 2) .. _..a•,,g; Ref. /14/

4.2 Flow field interaction during stage separation Grid generation and boundary conditions

Object of this investigation is the computation of the A CATIA imaging of the windtunnel model of the upper

steady flow field whilst the upper stage has a certain and the lower stage is shown in Fig. 11. According to the

distance from the lower stage during the separation experiments conducted no yaw angle is taken into

process /10,14,18/. In such a case strong flow field account, i.e., the flow is considered symmetric with

interactions occur. The computation of the complete respect to the spanwise direction, which means that all the

dynamic separation behaviour is beyond the scope of computations are performed just in the semi space. Since

this paper. For validation reasons the flow parameters
selected are exactly the ones of the experiments
performed at the H2K windtunnel of the DLR in
Cologne /19/, where the size of the model was 1:160.
The freestream conditions are: M. = 6, Re.

1.13xlO6, To= 242K, angle of attac'k of the lower upper

stage a= 00, gap width between upper and lower stage

stage at the trailing edge of the fuselage Az = 14 mm
(which corresponds to Az = 2.24m for the real inner - 'intrface

configuration). The relative angle of attack between mesh

upper and lower stage was varied within the range Aa lower

=0', 2, 4* . The following discussion addresses the stage ..

influence of outer

"* viscous effects by comparing Euler and Navier- mesh

Stokes solutions /10,14/,

"* real gas effects by comparing perfect and real gas

Euler solutions /20,21/,
"* turbulence effects by contrasting laminar and

turbulent Navier-Stokes solutions /11,18/,
"* grid effects by comparing coarse and fine grid Euler Fig. 12 Sketch of the two- block grid

and Navier-Stokes solutions /20/.
Further, the results obtained will be compared in very
detail with the experimental data of /19/.

Fig. 11 Windtunnel model of the two-stage system Fig. 13 Two-block grid in a cross sectional view
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the the total length of the lower stage, even in front of
the upper stage, where the surface of the upper stage
degenerates to an interface. In the laminar case the outer
mesh consists of 51 x 146 x 95 cells in the normal x

- streamwise x spanwise, while for the turbulent
calculations 61 x 146 x 110 cells are used. The inner
mesh has for the laminar case the size 40 x 146 x 35
cells and for the turbulent one 55 x 146 x 35 cells. The

-minimum normal stepsize in streamwise direction varies
S between 103 and 10.- for laminar flow and is kept

constant at 105 for turbulent flows. The complete grid
contains 911 770 cells for laminar flows and 1 260 710

Fig. 14 Two-block grid in the plane of symmetry cells for turbulent flows.
The influence of the grid is also considered by computing
the flow fields with a mesh where every other cell is
dropped.
The Figs. 13 - 15 give an idea about the structure of the
three dimensional two block mesh. The outermost

tboundary is located such that the bow shocks of the lower
and the upper stages are within this domain and to ensure
that the number of cells in the undisturbed area is as low
as possible. The cells are clustered near the walls and in
the nose region of the upper stage to allow for a proper
resolution of the strong gradients therein.
Most of the caculations were done for laminar and perfect

Fig.15 Surface mesh gas flow since these were the most likely conditions in
the windtunnel, but as already mentioned above the

the main interest consists in the comparison of the sensitivity to real gas and turbulent effects will also be
global aerodynamic coefficients of the windtunnel checked.
data with the numerical data of the upper stage, it is Freestream conditions are prescribed at the inflow and the
assumed that some simplifications of the shape and of far field boundary. At the outflow all the conservative
the flow field will not have any evident impact on variables are computed via the one dimensional
the magnitude of the global aerodynamic coefficients. characteristics of the Euler equations /22/. Symmetry
First the winglets of the upper stage are not conditions are used in the plane of symmetry. For the
considered, which keeps the mesh structure relatively Navier-Stokes computations adiabatic, zero normal
simple and second the wake flow is not calculated pressure gradient and no-slip conditions at the walls are
because the experimental quantities of the used, while for the Euler equations the normal velocity
aerodynamic coefficients are evaluated on the basis of component is set to zero and the pressure at the body is
a constant state in the wake (p = 0 ) due to the sting determined by a locally one dimensional approach.
/19/. Therefore the outflow boundary of the
computational domain coincides with the trailing
edge of the fuselage of the upper stage.
A two- block mesh is used. The outer O-H grid
covers the region between the outermost boundary,
the interface of the two blocks, and the lower and
uppper surfaces of the lower and upper stages. The
inner block resolves the gap between the upper and
the lower stages (Fig.12). This structure extends over

Fig. 16 Density contours at cross sections for Aa = 40
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Discussion of inviscid and viscous flow computations

An overall impression of the flow is evidenced by the

three dimensional plot of the density contours in Fig. 16
for a relative angle of attack Aoa = 4' (laminar flow). The
evolution of the bow shock waves, the boundary layer on
the upper surfaces of the lower stage (aircraft) and the
upper stage (space vehicle), and the shock / boundary

o = 2o layer interaction can be realized.

The results for the inviscid flow field computations for
Aa = 0, 20, 4' are displayed in Fig.17, where
"Machnumber contours in the plane of symmetry are
drawn. Downstream of the nose on the windward side of

the lower stage no remarkable change of the flow
variables occur due to the little deflection of the shape.
The flow accelerates only in the nose and the tail region.
On the upper part of the aircraft this behaviour is

- completely changed, because due to the larger deflection

angle a shock wave is produced. This shock wave
interacts with the bow shock of the space vehicle in the
symmetry plane in the proximity of the nose of the upper
stage (Fig. 17, Aa = 0' ). Further downstream this
interaction occurs farther away from the symmetry plane
(Fig.20, Aia = 00), whereby the strength of the bow

Fig. 17 Mach number contours in the plane of
symmetry at Aa = 0', 20, 40 (inviscid flow) Ao= 0'

= 0'

A 2'

A.4'

Fig. 18 Mach number contours in the plane of Fig. 19 Schlieren photographs of the windtunnel tests in
symmetry at Aa = 0', 2', 40 (viscous flow) H2K /19/
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An 0A= 2o An 4'

Fig.20 Density contours in crossflow planes (inviscid flow); X/L = 2.55 or X 68.42m at Ac= 0', 20, 40

,h,

A= 0° AL 2' c, 4'

Fig. 21 Quasi- streamlines in crossflow planes (inviscid flow); X/L = 1.95 or X = 52.3m (top), X/L = 2.55
or X = 68.42m (bottom) at AcL = 00, 20, 40

shock wave of the lower stage is so little that no depending of Aza. For increasing Acx the shock
evident impact on the shape of the bow shock of the impingement point on the upper surface of the aircraft
upper stage can be observed. For increased Act the is clearly shifted downstream because of the relatively
location of the interaction point of the both bow small gap width Az = 14mm (Fig.17). For this reason
shocks moves from leeward down to the windward the reflected shock wave impinges upon the lower
side (Fig. 17, Aa = 4°). Generally, the variation of the surface of the space vehicle for Aa = 00, whereas for
relative angle of attack Aa has an impact on the Aa = 40 no shock - surface interaction takes place,
flowfield of the aircraft only in the surroundings of altough the shock angle of the reflected shock at Aa
the gap. The flow pattern within the gap is = 40 is larger than that at Aa = 0' (Fig.17).
characterized by strong expansions and shock In the viscous case the development of the boundary
reflections. Before the bow shock of the upper stage layer along the surfaces of the lower and the upper
impinges upon the leeward side of the aircraft it is stages is evident (Fig. 18), which leads to a slightly
weakened by the expansion waves generated by the stronger bow shock wave of the lower stage.
edge of the trough. The first impingement of the Furthermore the strong expansion at the edge of the
compression wave on the surface of the lower stage trough does no longer exist. Within the gap the
occurs in the symmetry plane (Fig.17, Aa = 00 ). influence of the viscous effects compared to the
Further downstream the shock impingement location inviscid ones will grow with decreasing relative angle
moves in spanwise direction where the trace forms a of attack Aa. As in the inviscid case, the location of
C-like shape insight of the trough. The reflected shock the bow shock interaction slides from the leeward side
interacts with the windward side of the upper stage to the windward side of the space vehicle with
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Ao 00 2o= Aa24

Fig.22 Density contours in crossflow planes (viscous flow); X/L = 2.55 or X - 68.42m at AOL = 00, 20, 40

-= 1 /16,.

,cX o =0 ° A n 2 * A ct =4 '

Fig. 23 Quasi- streamlines in crossflow planes (viscous flow); X/L = 1.95 or X = 52.3m (top), X/L = 2.55
or X = 68.42m (bottom) at Act = 00, 20, 40

vehicle somewhat outside of the bow shock area of
increasing Aa. However, at Aa = 40 this interaction the lower stage. It seems from the tendency that the
takes place a bit closer to the tip of the nose of the numerical result is more reliable and that in the
space vehicle compared to the inviscid case. The bow experiment the angle of attack of the lower stage at
shock reflection of the upper stage in the trough area was not equal to zero. As far as the flow pattern
of the lower stage happens somewhat more upstream inside of the gap is concerned, the correspondance
than in the inviscid case, which leads to the effect between the Navier-Stokes results and the experiments
that still in the Aa = 40 case the lower side of the seems to be somewhat better due to the slightly
space vehicle is slightly affected (Fig. 18). smaller shock angle of the reflected shock wave than
A qualitative comparison of the numerical results with in the inviscid solution.
experiments is presented by the Schlieren Photographs Fig. 20 shows for inviscid flow the dependence of the
of Fig. 19 for Aa = 00, 20, 40 and the Machnumber shape and the locarion of the reflected shock wave
contours for the inviscid (Fig. 17) and viscous (Fig. 18) inside the gap on Aa for a cross section X = 68.42m.
flow field predictions. Note that in the photographs At Aa = 00 the shock wave has already touched the
the shock boundary layer interaction within the trough space vehicle's lower surface and the impingement
is covered by the sidewalls, whereas the sidewalls are trace away from the symmetry plane, whereas for Aa
not shown in the numerical results. The location of = 20 the compression wave just approaches this lower
the interaction of the both bow shocks are in good surface. For Aa = 40 the entire shock wave is just
agreement for Aa = 00, 2°, while for Aa = 40 the reflected from the trough area of the lower stage.
Schlieren Photograph shows the nose of the space In contrast to that the viscous flow (Fig. 22) evidence
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/t"1

SX/L=.62 X/L=2.65'

X/L = 1.62 X/L 2.65

Fig. 24 Wall streamlines on the upper surface of the aircraft (left), and the lower surface of the space
vehicle (right)

that for Ac = 00 the shock wave is mostly swallowed lower surface of the space vehicle (Fig. 24). In Fig. 25
by the viscous forces. For Aa = 20 the shock is a partial view of the wall streamlines in the trough
relatively close to the windward side of the space regime of the aircraft for Aux = 0', 20, 40 is given.
vehicle and its spanwise extension is confined by the
boundary layer.
To get a deeper insight into the complex gap flow
between upper and lower stage quasi-streamline plots
in crossflow planes are considered. For the cross flow
planes X = 52.3m and X = 68.42m Fig. 21 shows the
inviscid results, while in Fig. 23 the viscous results 0
are displayed. Note that the quasi-streamlines evidence
only the flow direction, they do not give any
information about the magnitude of the velocity. In
the inviscid prediction no vortex pair can be observed
within the trough. For Aa = 00 the bow shock of the
space vehicle and the expansion at the edge of the
trough already interact, for higher Ala, however, the
interference sets in further downstream (Fig. 21 top). _-
The difference in the reflected shock positions as a
function of Aza can clearly be identified in the cross
sectionX = 68.42m (Fig.21 bottom), where for Aa = - .A.=2o

20 and 40 the reflected shock waves still approach the
windward side of the space vehicle, while for Aa = 0'
the shock has already impinged the space vehicle's
lower side.
Turning now to the viscous flow a vortex pair that
lies inside the trough can be identified at X = 52.3m
(Fig. 23 top) in contrast to the inviscid results. At Aa-
= 00 and 20 the bow shock of the space vehicle and
the vortices interfere with each other. For the higher
relative angle of attack Aa = 40 the interaction has
not yet started. For the cross sections X = 68.42m 410 4'

(Fig. 23 bottom) no remarkable differences occur
compared to the inviscid results. Again no shock
boundary layer interaction at the windward side of the
space vehicle can be observed for Act = 40 , whereas
at Act = 2° there is an incipient interference between
the shock and the boundary layer leading to the
production of two small vortices at the space vehicle's /ll = 1.59 X/L 2.65

lower surface.
For further analysis of the gap flow wall streamlines Fig. 25 Wall streamlines on the upper surface of the
are plotted on the upper surface of the aircraft and the aircraft at Aox = 00, 20, 40
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Aa =0° ' 2' Aa 4'

X/L 2.36 X/L = 2.65

Fig. 26 Wall streamlines on the lower surface of the space vehicle at AOL = 0', 20, 40

The downstream shift of the separation region at space vehicle at the upper surface of the aircraft
higher Aa values caused by the x-shift of the shock- affects the windward side of the space vehicle only
boundary layer interaction can clearly be realized. The for low Act and Az values. This is illustrated by the
wall streamlines demonstrate that for variing Aa wall streamlines on the windward side of the space
values the separation and reattachment locations are vehicle shown in Fig. 26. At Aa = 0° the reverse flow
functions of span. This means, when considered in region in streamwise direction and the spanwise
streamwise direction, the reverse flow is smallest in vortices are encompassed by the C-like shape
the symmetry plane. In spanwise direction the separation line. The separation bubble is vanished for
separation region is generally confined by the edge of Aa = 2' and only the vortex pair is retained, and for
the trough. This is also true for the vortex pair Aa = 40 the wall streamlines indicate that barely any
upstream of the separation regime. Further interference occurs. For the considered gap with of
downstream these vortices overflow the edges of the Az = 14 mm it is concluded that the larger the relative
trough caused by the interaction of the bow shock of angle of attack the less the the impact of the lower
the space vehicle with the boundary layer of the stage on the aerodynamic characteristics of the upper
aircraft. stage.
As mentioned above, the reflected bow shock of the Since a strong interest exists in the aerodynamic

coefficients of the space vehicle, the measured 119/
and predicted data are compared in Fig. 27. At all

0.04 relative angles of attack the lift and pitching moment
coefficients of the experiments and inviscid as well as

0.02 - zviscous calculations agree quite well. Of course, the
1Z drag coefficient cd,) ( i.e., (fb) means forebody with
U base pressure p=O ) is not well predicted by the

0.00 • 0.02 inviscid approach. For that the Navier-Stokes results
have to be considered. Generally, the discrepancy

S-0.01 between the experimental and theoretical values is
less than 5% . This means that lift and even pitching
moment can be sufficiently accurately predicted by

0.08 .0.00 solving the Euler equations, while the Navier-Stokes
equations are mandatory for the determination of the

0.04 drag. Especially with respect to the pitching moment
0 this result might completely change when the gap

v.is co Exeriments, width is reduced, since then the viscous forces became

inviscid computation n more dominant for the shock pattern.

-1.00 0.60 1.60 2.bo 3.60 4.00 5.00
Delta-Alpha Real gas effects

To investigate the influence of the real gas effects on
the solution an inviscid flow field caculation at Aa =

Fig. 27 Aerodynamic coefficients of the upper stage; 2' was performed. If, on the whole, real gas effects
comparison of experiment and numerical simulation appear, they occur in the nose regions of the upper
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Equations Grid size State of the gas Cd(fT) Cl Cm

Euler coarse perfect 0.02204 0.02790 0.00781

Euler fine perfect 0.02232 0.02814 0.00805

Euler fine real 0.02235 0.02838 0.00803

Navier-Stokes coarse perfect 0.02800 0.03198 0.00758

Navier-Stokes fine perfect 0.02903 0.02873 0.00750

Table 1: Aerodynamic coefficients of the space vehicle at Acx = 20

and the lower stages and along the surface of the Influence of grid fineness
upper stage. Using a perfect gas the stagnation point
temperature at a freestream Mach number M. = 6 is Besides the standard fine grid solutions (inviscid and
Toc = 1984 K and for an equilibrium real gas laminar case: 911 770 cells), coarse grid solutions
assumption T,,,, = 1888 K. This little difference (inviscid and laminr case: 179 250 cells) of the Euler
indicates that a perceptible influence of the real gas and Navier-Stokes equations at Aa = 2' are
effects on the flow field is unlikely. Plots of density established in order to reveal the influence of the grid
distributions on the surface of the space vehicle for fineness on the results. In Tab. 1 the aerodynamic
perfect and equilibrium real gas coincide completely coefficients are listed. Obviously, the Navier-Stokes
(see /21/). In Tab. 1 the aerodynamic coefficients for solutions are more susceptible to such a drastic mesh
the upper stage of a fine grid Euler solution for reduction than the Euler solution. But nevertheless the
perfect and equilibrium real gas is compared. The overall agreement of these integrated values is quite
differences between the numbers are so small that it good, except the value for the lift coefficient in the
is concluded that for this freestream conditions no Navier-Stokes solution.
noticeable real gas effects occur.

Fig. 28 Mach number contours in the plane of symmetry at Aoa = 2' (turbulent flow, top; laminar flow,
bottom)
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Flow Cd(fb) C1  Cm the Machnumber contours for the laminar case. The

flow upstream of the space vehicle, the flow patternlamninar 0.02903 0.02873 0.00750 inside the gap, the interaction of the bow shocks in
turbulent 0.04830 0.02967 0.00810 front of the nose of the space vehicle remain

obviously almost unaltered. In /11/ there is an
additional discussion given for the behaviour of the

Table 2: Aerodynamic coefficients for the space wall streamlines on the upper surface of the aircraft
vehicle at Act = 2' (mainly in the trough regime) and on the windward

surface of the space vehicle. The overall outcome of
Turbulence effects this analysis is that under the flow parameter

considered, comparable flow phenomena occur in the
Since it was not a priori known if the flow fields in laminar and turbulent flows. However, as can be seen
the windtunnel tests /19/ were entirely laminar or from Tab. 2 there is quite a drastic difference in the
partially turbulent a fully turbulent Navier-Stokes drag coefficient that, of course, evolves from higher
solution was established /11/ by applying the two shear stresses in the turbulent flow field. By
equation k -wl model of Wilcox /23/. For this comparing the computed (for turbulent flow) and
comparison the Aa = 2' case was chosen. Fig. 28 measured results, it can be seen that the predicted
(top) shows the Mach number contours in the plane of drag coefficient is far too high related to the
symmetry for the turbulent case and Fig. 28 (bottom) experimental value, whereas the laminar drag

Fig. 29 Three-block grid for the aircraft with fins

Fig. 30 Surface grid for the aircraft with fins
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coefficient agrees quite well. Thus, one can conclude direction and as such all calculations are conducted
that the physics of the flow is better represented by for the configuration in the half space.
assuming laminar instead of fully turbulent flow. Since we reflect hypersonic flows, at all inflow

boundaries freestream values are prescribed, at
4.3 Angle of attack sensitivity of the lower stage outflow boundaries the flow variables are determined

by extrapolation, at the wall no slip condition, zero
In this chapter the viscous flow field about the lower pressure gradient and isothermal wall condition are
stage alone is considered, that is after the upper stage implemented.
has been released. The freestream conditions used are A more complex grid structure has necessarily to be
the one of the windtunnel experiments performed in generated for the configuration including the fins. A
the RWG windtunnel at the DLR in Gottingen /24/: global view of the grid used for this shape is shown
Mý = 6.83, Re. = 1.7x 106, T, = 59 K, wall in Fig. 29. The front part of the configuration is
temperature T. = 330 K. The model scale was 1:330. embedded into a mono-block H-O type mesh. At the
Perfect gas is assumed and the flow is considered to rear of the vehicle, beginning somewhat upstream of
be laminar which corresponds with the conditions the leading edge of the fin, the mesh is split into two
known from the windtunnel. In the experimental blocks. One covers the domain located between the
campaign only the angle of attack was varied, but no leeward symmetry plane and the fin and the other
yaw angle variations has been considered. Therefore block encompasses the remaining spanwise region
the flow was symmetric with respect to the spanwise between the fin and the windward symmetry plane.

Fig. 31 Density contours in several cross section at the aircraft

Fig. 32 Wall streamlines for the aircraft at Ac= 30
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The outermost boundary was chosen such that the
bow shock, taken from the Schlieren Photographs of
the windtunnel experiments /24/ was entirely
encompassed by the grid. The total number of grid
points for all the three blocks amounts to roughly 600 . .
000. The corresponding surface grid for the complete --

aircraft is displayed in Fig.30. -

For more detailed investigations like angle of attack
dependence, flow inside the trough and trough design
modifications a simplified shape is considered. First
the fins at the rear are dropped and the configuration
is cut off at the maximum wingspan /21/. This
simplified shape enables one to perform a larger
amount of computations in an efficient way and at
comparatively low costs. The detailed investigations
of the trough flow which are discussed in the next
chapter are also carried out using this reduced
configuration. The grid consists of 51 x 83 x 71 cells ---_

in normal x streamwise x spanwise direction which
amounts to about 300 000 cells.
An overview about the hypersonic viscous flow about
the aircraft is given in Fig.3 1. In this case the angle of
attack was a = 3'. Density contours in several cross
sections and streamwise grid lines on the vehicle
surface are plotted. The bow shock produced at the
nose of the vehicle exhibits in all planes upstream of
the fins an almost circular shape. Downstream of the i- i
last but one cross sectional plane an interaction
between the bow shock and the leading edge of the
wing occurs. Despite the fact that the mesh used is
too coarse for a detailed analysis of this impingement
problem the streamwise location where the bow shock -
touches the wing leading edge can be determined

from the numerical result to X/L ý0 .73 ( L + length
of the aircraft). This location is in an acceptable
agreement with the outcome of the Schlieren pictures
of Ref. /24/ , where a value of X/L ; 0.75 is found.
At the surface of the vehicle steep density gradients
are encountered that indicate the extension of the Fig. 33 Wall streamlines on the upper surface of
boundary layer. The wall streamlines delineated in the aircraft at ax = 30 (bottom), cc = 6°(middle), x=

Fig. 32 provide supplementary information on the 9°(top)
flow characteristics at the lower stage. The streamline
pattern is strongly affected by the geometry of the At the wing surface the streamline pattern exhibits for
trough. A clear spanwise separation line can be a = 6' and 90 a separation and a reattachment line,
detected along the edge of the trough. At the rear end while for a = 3' these phenomena do not occur. It
of the trough a region of reversed flow is indicated, should be mentioned that in all these cases no leading
A series of computations were performed with variing edge vortices could be detected in the flowfield, as it
angles of attack applying the above defined is known from slender delta wings.
simplified shape. For the three angles of attack at = Aerodynamic coefficients for the aircraft are measured
30, 60, 90 the wall streamlines on the upper surface of in the H2K windtunnel at DLR in cologne and the

the aircraft are displayed in Fig. 33. These figures results are reported in /19/. Altough the freestream
evidence that the extension of the region of reversed Mach number has been M. = 6 the comparison is
flow decreases with increasing a . At an incidence justified due to the little dependence of the
angle of a = 90 a reversed flow can no longer be aerodynamic coefficients on such high Mach numbers.
detected. This behaviour can be explained by the From Fig. 34, where the measured and computed data
pressure evolution due to the contour of the fuselage are displayed, one can conclude that the agreement
at the aft end of the trough. between the values is quite good.
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LIFT COEFFICIENT DRAG COEFFICIENT PITCHING MOMENT COEFF.

1 -. em

Alph. fdo t.) APph. detg.) ASph, [del.)

Fig. 34 Aerodynamic coefficients of the aircraft as function of angle of attack x. Experiments /19/

4.4 Design of the trough beginning of the trough. Compared with the fuselage
without trough the pressure decreases as long as the

A more detailed discussion of the flow inside the depth of the trough grows and increases again When
trough will be given in this chapter. Special flow
phenomena will be revealed and their effects on the
aerodynamic loads will be pointet out. The simplified
shape as defined in the previous chapter is used as
well as the formulation of the boundary conditions
and the computational grid, except for some grid
refinement within the trough. There, the usual grid of _._._---_]
51 x 83 x 71cells is replaced in a first step by 51 x

83 x101 cells and in a second step by 51 x 124 x
101, where all the 30 additional cells in spanwise
direction and the 41 cells in streamwise direction are
distributed in the trough area. In Fig. 35 a-c, where
the Mach number contours in the plane of symmetry
are plotted, the overall flow fields of the
configuration with and without trough, and for the
spanwise refined grid in the trough regime will be
compared. As expected, the location and the
characteristics of the bow shock emanating from the
nose of the configuration are not affected by the
presence of the trough (Fig. 35a, b). Due to the
slender forebody of the fuselage and the small angle
of attack ( a = 30 ) the curvature of the bow shock in
the vicinity of the nose region is extremely high and
therefore, the shock wave further downstream is
relatively weak, whereby the flow deflection is small.
A further comparison of the Mach number contours
shows that the flowfield in all the three cases ( Fig.
35 a - c) on the upper side of the vehicle upstream of _ _ _ _ __._----]
the trough is nearly identical. The Fig. 36 and 37 give
a three-dimensional impression of the flow field with
and without trough, where the density contours in
several cross flow planes are displayed. From the
Figs. 35 -37 the extension of the influence caused by Fig.35 a-c Mach number contours in the plane of
variations of the trough contour can be estimated. To symmetry;
focus on the trough regime itself one can realize that (a; top) shape without trough, coarse grid
the flowfield in close proximity to the surface is (b; middle) shape with trough, coarse grid
affected by the contraction of the contour at the (c; bottom) shape with trough, fine grid
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the aft end of the trough is approached (Fig. 38). by the contour variations. Those streamlines that
Between the rear end of the trough and the outflow encounter the trough in close proximity of the
boundary the Mach number contours are quite symmetry plane spread over the bottom of the trough
different. Therefore, the flow region influenced by the turning outward to the edge of the trough. Coming to
modification of the trough extends from the beginning the rear end of the trough the concave contour of the
of the trough up to the outflow boundary. fuselage causes a positive pressure gradient, which
Another evaluation tool to analyze flowfields is give leads to a spanwise deflection of the wall streamlines
by the wall streamlines. In this case these wall and even to a small reverse flow region (Fig. 39b). In
streamlines give an even clearer picture of the changes opposition to this, the wall streamlines of the contour
in the flowfield caused by contour variations of the without trough evidence a smooth flow over the
trough regime. In Figs. 39a and b the wall streamlines whole upper surface of the vehicle (Fig. 39a).
for the cases without (a) and with trough (b) are The oilflow picture taken from /24/ (Fig.40) shows
contrasted. Again, also by these plots we can see that qualitatively similar flow directions than the plots of
the flow pattern outside of the trough region, which the wall streamlines of the flow field simulations.
is extended to the outflow boundary, is not affected A further analysis of the properties of the trough flow

x/L =0.73 (K•=70)

Fig.36 Density contours in cross flow planes plotted at several X/L locations; shape with trough ox = 3'

Fig.37 Density contours in cross flow planes plotted at several X/L locations; shape without trough ax = 30
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0 S............................ .} ..................... .................................. i ............................ .7 ..............................
x • with trough, upper side (41 spanwise meshpoints)

e- without trough, upper side (41 spanwise meshpoints)
o with trough, upper side (71 spanwise meshpoints)

0

1.8000 ,2.2800 2.7600 3.2400 ,3.7200 4.2000

Z [longitudinal]

Fig. 38 Pressure coefficients in the plane of symmetry versus streamnwise coordinate; (X 3'

upper side

Fig. 39 Wall streamlines on the upper surface of the aircraft; (x 3°; (without trough, top; with trough,
bottom)

can be attained by evaluating the quasi-streamline coarse grid approach a more oblate shape than in the
pattern in selected cross flow planes. In Fig. 41 those fine grid approach. For both meshes the last cross
quasi -streamlines are drawn in several cross flow section (X/L = 0, 72 )looks quite similar. Altough the
planes, where also the sensitivity of the solution with vorticity produced by the flow separation is still
respect to the grid refinement is addressed. The coarse present it does not form in this cross section a visible
grid includes 21 cells in spanwise direction within the vortex.
trough while the fine grid uses 51 cells. At X/L = 0. 5 Fig. 42 gives a direct comparison of the wall
the quasi-streamlines demonstrates the deflection of streamlines at the trough region for the coarse grid,
the flow towards the symmetry plane. In addition, the the spanwise refined grid, and the spanwise and
fine grid solution has a small vortex resolved close to streamnwise refined grid. The basic flow
the edge of the trough. Further downstream the cross characteristics, also known from the experiments /24/
flow planes show the generation of two streamwise are reproduced in all three cases, but with different
vortices, where their center moves from the edge of accentuation. One remarkable difference beween the
the trough ( X/L = 0.53 ) to the plane of symmetry solutions exists and that is the extension of the reverse
(X/L = 0.67) . The presence of the vortex causes the flow region. The influence of the positive pressure
flow at the bottom of the trough to turn outward as gradient at the rear end of the trough travels upstream
was already exhibited in Fig. 39b. Generally, the leading to a deflection of the wall streamlines and
center of the vortex predicted by the coarse grid is creating a reverse flow region. This pressure impact
located closer to the edge of the trough than the one is much better resolved in the fine grid solutions.
of the fine grid prediction. The vortex itself has in the At last, the question has to be answered, in which way
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the modification of the trough shape influences the compared to the modified version without trough. The

global aerodynamic coefficients. These aerodynamic drag is a bit stronger increased than the lift leading to

coefficients are established by assuming that the a slight decrease of the LID value. On the contrary the

pressure at the base is set to zero and that the pitching moment is reduced by the trough shape.

reference area and the reference length are taken from Considering the pressure distribution displayed in Fig.

he simplified shape. In Table 3 the lift cl, drag Cd and 38 this behaviour is apparent. At the beginning of the

pitching moment cm as well as the lift over drag ratio trough the pressure diminishes and at the rear part it

LID for the different trough geometries and rises. Both effects leads to the reduction of the

resolutions are compiled. The lift produced by the absolute value of the pitching moment. Also, the

configuration with trough is barely increased small deviation of the lift can be explained with the

Fig. 40 Oil flow picture at the upper side of the aircraft, taken from /24/ with a= 3Y

X/L 0.50 (1<=45)
X/L 0.62 (K=60)

X/tl 0.5n (K=50) X/L =0.6T (5C=65)

X/L =0.57 (SC=55) \IX/L -0.72 (K-O)

Fig. 41 Quasi-streamlines in cross flow planes at the trough area (left: coarse grid; right: fine grid)
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43 x 51 (ste....... s . .panwise) . .. •

84 x 51 (strea-wise x spanwise)

Fig. 42 Wall streamlines in the trough area; a = 3P ; ( coarse grid, top; spanwise fine grid, middle;
spanwise and streamwise fine grid, bottom)

Configuration [ number of cells CJ Cd Cm LID

no trough 51 x 83 x 71 0.01455 0.00944 -0.00135 1.5413

trough 51 x 83 x 71 0.01484 0.00991 -0.00119 1.4975

trough 51 x 83 x 101 0.01463 0.00966 -0.00116 1.5145

Table 3 Aerodynamic coefficients versus trough modifications and grid refinement X- Z Ebene

pressure distribution along the trough surface. The
additional lift generated at the front part of the trough
is not completely compensated by the pressure
increase at the rear end of the trough. The rise of the z
drag coefficients can be seen as a consequence of all
the shear stress effects inside the trough, in particular x X=XM
the generation of the vortices according to the flow
separation at the edge of the trough.

4.5 Fin / winglet interaction
Ay=.l -

An important question for the controllability and -

maneuverability of a two-stage system is the 1
interaction between the vertical fin of the lower stage
and the winglets of the upper stage during ascent ( see
Fig. 3 ). To allow parametrical investigations a model
problem has been defined, where a simplified fin /
winglet configuration is placed on a flat plate (Fig.
43) /25/. The parameters Mach number M. , relative x
y- position between fin and winglet Ay and angle of Y-z Ebene
yaw f8 are varied. Inviscid flowfields are computed
using the finite volume approach of the three-
dimensional Euler equations reported in /26/. At the
wall boundaries the kinematic boundary condition
together with the locally one-dimensional
characteristic relations are used, at inflow boundary Y
the freestream conditions are prescribed, at outflow Fig. 43 Grid structure of the simplified winglet/fin
boundary the variables are extrapolated, in the configuration
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S-' symmetry plane symmetry condtions are applied and
_ at the upper plane as well as at the streamwise

vertical plane the variables are extrapolated. Solutions

,i' . are computed for six Mach numbers, three angles of
yaw and three relative y - positions. Generally,

rincreasing the yaw angle and the freestream
Machnumber leads to a reinforcement of the tip
shock at the windward side and of the recompression
shock at the rear end of the leeward side of the

,. . winglet, which means that the shock angles decrease.
" .Due to this behaviour, beyond specific angle of yaw

"and Mach number combinations, the recompression
shock of the winglet will impact on the leeward side
of the fin of the aircraft. Fig. 44a shows the Mach
number contours in the (x, y, z = 0) - plane for Ay =
0.1 with Mo = 2.0 and 8 = 60. In that case the
recompression shock has no influence on the surface
of the fin. But in the case of M. = 4.5 and j6 = 6'
the recompression shock impinges upon the leeward
side of the fin (Fig. 44b). Nevertheless, these
flowfield perturbations have only little influence on
the aerodynamic coefficients as can be seen in the

Fig. 44 a,b Mach number contours in z = 0 plane Figs. 45a and 45b, where the axial and the normal
Moo = 2.0; 13 = 60 case a; top aerodynamic coefficients are drawn. Neither the

Moo = 4.5; 13 6' case b; bottom smooth contour of the axial coefficient function nor

Aircraft fin (Saenger) the one of the normal coefficient function are
aerodynamic coefficient due to fin/winglet interaction disturbed perceptibly.

0.050

%,,,+ 13=0- X-Z Ebene

0.040 ..

,.0.030

z
.• 0.020

WXT

Uo.010 ". .X-Y Ebene

0.000 •

2 3 4 7

Mach number

Aircraft fin (Saenger)

aerodynamic coefficient due to fin//winglet interaction

0.300 +o o+ 13 =0 o

0.250 * 13=6
r• l 13= 10"

. 0.200 
.. . . ..

0• Y-Z Ebene

0,50
0.150

o 0.100.....

0.000 5

Mach number Fig. 46 Grid structure for the real winglet/fin

Fig. 45 a,b Aerodynamic coefficients of aircraft fin configuration
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A more realistic situation was generated by putting
the fin / winglet configuration on the leeward side of
a delta wing. Now the design of the fin / winglet
configuration was taken from the real Sanger design
as is shown in Fig. 46 together with the computational
grid. A sketch of the delta wing, which has the same _____

aspect ratio than the Sanger configuration is shown in
Fig. 47. There, the block, where the fin /winglet _ - ,_ ,

configuration is positioned, is marked by a dashed
line. The calculation of the flowfield was performed
in two steps. First, the flowfield around the delta-wing Fig. 47 Sketch of the halfspace of the delta wing
was computed using the marching procedures of
/27,28/. In a second step, the solution in a block
containing the fin/winglet configuration is computed
by using the flow variables of the first computation at
the block boundaries, in particular in the crossflow
plane nearby the onset of the winglet contour (inflow
conditions) and at upper and vertical streamwise
planes, which are defined such that no influence from
the fin/winglet configuration is disturbing this
boundaries.
Flow field computations were performed for four
different points of the ascent trajectory /25/ (see Fig. .. a57

1.) M, = 3.5 ato=4.5°
2.) Mo = 4.5 a. = 6.0 '
3.) Mo = 5.3 a. = 5.1'

4.) M 0 = 6.6 a. = 7.2'

A result for the 3.) trajectory point is shown in Fig.
48. The figure on top evidence the Mach number
contours in the crossflow plane, from which the
inflow conditions for the block containing the
fin/winglet configuration are taken. The figure on
bottom exhibits the development of the front and the
tail shocks of the winglet. Since no tail shock of the
winglet impinges the surface of the fin, the influence
of the winglet flow on the fin characteristic remains
small. In Tab. 4 the aerodynamic coefficients of the Fig. 48 Mach number contours in a cross flow plane
winglet and the fin are compiled. These data agree (top) of the delta wing and in a xy-plane of the
well with the ones of the simplified configuration with winglet/fin configuration(bottom)
Ay = 0 and IJ = 0' (Fig. 45).

Machnumber angle of attack Cx CY Cz shape

3.5 4.5° 0.001502 -0.014420 -0.000187 winglet
0.000076 -0.001554 0.004032 fin

4.5 6.00 0.001275 -0.014580 -0.003969 winglet
0.000124 -0.003746 0.000245 fin

5.3 5.1 0.000873 -0.013730 -0.004313 winglet
0.000121 -0.004755 -0.000799 fin

6.6 7.2* 0.000936 -0.006816 -0.002402 winglet
0.000087 -0.003599 -0.001156 fin

Table 4 Aerodynamic coefficients of the winglet and the fin mounted on the leeward side of a delta wing
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5. CONCLUSIONS

Several flight situations during the mission of a Two-
Stage-To-Orbit System are investigated. During ascent
the hypersonic aircraft transports in a pickaback
configuration the space vehicle up to an altitude of
about 35 km. This flight phase has been considered,
where special attention has been drawn on the wall
radiation effects lowering the thermal loads and the
interaction of the winglet / fin configuration, which
affects the controllability and maneuverability of the
flight system. Hereafter the space vehicle is released
from the hypersonic aircraft it continues the ascent to
the orbit propelled by a rocket system. The separation
process has been analyzed in very detail including
possible real gas effects and turbulent aspects of the
windtunnel tests. After separation the hypersonic
aircraft has to fly back to the landing site. The
aerodynamics during this flight phase is effected by
the flow behaviour within the trough where the space
vehicle was located during ascent. The influence of
the trough flow on the aerodynamic coefficient was
evidenced. All these above mentioned flow situations
and flow phenomena were investigated by numerical
simulation methods and were compared with
experimental results when available.
Generally, the numerical simulation methods, here
applied, have the capability to predict such
complicated flow fields with a satisfactory to good
reliability as was demonstrated by the comparison
with the experimental data.
Of course, nevertheless there is still a necessity for
further development work of numerical methods, since
the convergence behaviour, the accuracy and some
aerodynamic (transition and turbulence modelling) and
thermodynamic (real gas effects, transport coefficients)
properties have to be improved.
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SUMMARY are identified, and the Technology Development and Verifica-
In the German Hypersonics Technology Programme a Techno- tion Concept of the German Hypersonics Technolgy Program-
logy Development and Verification study was performed in me is sketched.
order to structure the at that time planned European Technolo-
gy Maturation and Verification Phase. Elements of this study 2. CLASSIFICATION OF HYPERSONIC VEHICLES
are discussed in this contribution. After an introduction to the When discussing aerothermodynamics it is necessary to specify
topic a classification of hypersonic vehicles is given and the the class of hypersonic vehicle, which is in the background of
general design process is sketched. The structure of the Ger- the discussion. The term "hypersonic vehicle" is here used in
man Technology and Verification Study is shown, the reference the widest sense, not only for hypersonic airbreathing vehicles,
concept and the major flight parameters are presented. It as it recently became customary in some places. The reason to
follows an assessment of aerothermodynamics simulation distinguish classes of vehicles is, that very different key tech-
means, a consideration of some selected results of sensitivity nology demands exist for the different classes, although, of
studies and an explanation of the Transfer Model approach, course, also a large number of common features is present.
which was developed in the study. Some remarks on flight
testing with experimental vehicles lead over to a summary of In general it is sufficient to distinguish the following major
the results of the study. classes of hypersonic vehicles, which are shown in Fig.1

(Ref.1):
1. INTRODUCTION
Advanced space transportation systems, especially winged o winged reentry vehicles (RV), like the USA Space Shutt-
airbreathing vehicles pose very large technological challenges. le, BURAN, HERMES,
The demand to reduce substantially transportation costs on the
one hand and the attempt to achieve large technology steps on o cruise and acceleration vehicles with airbreathing propul-
the other hand makes large and well planned and directed sion (CAV), like the SANGER lower stage, HYTEX,
efforts necessary. Hypersonic aerodynamics, also called aero- STAR-H, RADIANCE,
thermodynamics, is a key technology for the design of such
vehicles. Compared to ordinary aircraft a very strong coupling o ascent and reentry vehicles with airbreathing and/or rocket
of aerothermodynamics, propulsion, structures and materials, propulsion (ARV), like the X30, ORIFLAMME and HO-
and flight dynamics exists with winged airbreathing hypersonic TOL as SSTO-systems, and the rocket propelled upper
vehicles. This complicates the design and development of such stages of the TSTO-systems SANGER, STAR-H, RADI-
vehicles to a very large degree, espcially in view of the fact ANCE,
that almost no experience from earlier projects is available.

o aero-assisted orbital transfer vehicles(AOTV).
In the aerothermodynamics area, but also in the propulsion, and
in the structures and materials areas major deficiencies and
shortcomings exist in the two main classes of simulation means l an t e

""d lit of ptntinum regi me
Ascent and Reentry Vehicle (ARV)

too- partly viscosity-effects dominatedground-facilities simulation •o-trans ition laminar-turbulent

computational simulation. + -no reglm low-density effect
strong real-gas eff

Reentry Vehicle (111)This is a large problem in the vehicle design and development pressure-effects dominated 7 Lransfes Vlehlletla )strong~ realgs ffct

processes, because the simulation means are the prerequisite for .1r•,"%ro
0 

t pr-d,,,nently ecnisetian
lo dnsisy effects lalnar radiation

effective design work. Even more important is that this also strong Pla trang rl-gas effects
5 real-gas 1c density effectsholds for the verification processes, which are indispensable - f nt l trtarstlen

with high-risks and high-costs products like aircraft and especi- a y aminally sacecrft, f1 sta, separation
ally spacecraft.of two-stage-to-orbit system

Cruise and Acceleretlan Vehticle (CAV)
aiscaslty-eff acts dominated n ato na

Hence new ways must be found to overcome this problem. A trscsity "aInar-tubulet
surface radlanton

possible way out is the Transfer Model concept, which combi- week real-gas eflects

nes and structures the triad ground facility simulation, compu- 2 3 4 5 8 1 V lkn/sl g

tational simulation and in-flight simulation. Fig. 1 Four major classes of hypersonic vehicles and major

aerothermodynamic features, Ref. 1
In the following the role of aerothermodynamics is dicussed in
the frame of the vehicle design process, major problem areas Each of these four classes has special aerothermodynamic

Paper presented at the AGARD FDP Special Course on "Aerothermodynamics and Propulsion Integration for
Hypersonic Vehicles", held at the von Kdrmdn Institute for Fluid Dynamics (VKI) in Rhode-Saint-Genkse,

Belgium from 15-19 April 1996 and published in R-813.
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features, which must be regarded in design work, and which of the four vehicle classes mentioned in Chapter 2. For
lead to different research and development needs, Table 1 TSTO systems like SANGER the aerodynamic upper
(Ref.1). It is evident, even without a quantification of features stage integration and separation is to be added.
and effects in Table 1, with CAVs

o Integration, where it applies (CAV, ARV), of the airframe
Table 1 Comparative consideration of the aerothermodynamic and the propulsion system (forebody shape definition,

features of the major classes of hypersonic vehicles, inlet design, external nozzle (SERN)/afterbody design and
Ref. 1 overall integration of these components with the airfra-

me).

RV CAV ARV AOTV o Determination of the mechanical (surface pressure and
sacenl/reentryMhtrg 0() 7 2-skin friction) loads and the heat loads for the layout of thestructures and materials concept, the sizing of the structu-

configuration blunt slender opposite demands at blunt
ascent and reentry re and the external or internal thermal protection system,

flight time short long short short including possible active cooling systems of the airframe.

angle of attack large small small/large head on This also holds for all four classes.

drag large small small/large large

liftldrag small large opposite sittions smal o Definition of the surface properties (necessary radiation

thetmal problem loads household householdw•ais loads emissivity, permissible surface catalycity, permissible

flow field pressure-field viscosity-effects viscosity-effects pressure- surface roughness and waviness, etc.). The first two items
dominated dominated dominated / field between the brackets are important with regard to the heat

pressure-field doninated loads (surface radiation cooling, heat loads increments due
dominated

rarefaction effects initially strong weak weak / initially strong strong to catalytic surface recombination) and the second two
with regard to heat loads and viscous drag increments, but

thermodynamic strong weak, except for mediumlstrong strong
effects nozzle/base also, very importantly, with regard to the manufacturing

crititcal components control surfaces inlet, nozzle/base, inlet, nozzle/base, control tolerances, which drive manufacturing costs strongly, if
control surfaces control surfaces devices they are very small.

special problems large Mach propulsion inte- propulsion integration, plasma
number spun gration opposise demands effects
_____________ s _________ os demands___ !Z- J These objectives on purpose have been detailed somewhat in

order to show the strong couplings of aerothermodynamics with
and ARVs viscosity effects, notably transition laminar-turbulent the other major diciplines of hypersonic vehicle design, to
and turbulence play a major role, while thermochemical effects which vehicle control should explicitly be added. These coup-
are very important with RVs, ARVs and AOTVs, and with the lings are extraordinary large for airbreathing vehicles, which
latter especially plasma effects (ionization, radiation emission are drag sensitive, and where the effective integration of the
and absorption). It should be mentioned that future RVs will (elastic) airframe with the propulsion system is of utmost
have demand of larger down and cross range capabilities. Then importance in order to achieve positive "thrust minus drag".
L/D "small" actually should read "small to medium". Heat
loads always must be considered together with the materials Of course the performance demands on the vehicle must be
and structures concept of the respective vehicle, and its cooling met on all trajectory segments, including take-off, landing and
concept. The thermal household of an CAV or ARV must take also on abort trajectories. Structural heat loads pose a special
into account all heat loads (sources), cooling needs and cooling problem, because they are cumulative on the trajectory, with
potentials of airframe, propulsion system, sub-systems and postive and negative increments. Another problem typical for
cryogenic fuel system. hypersonic flight are strong interaction phenomena, including

gap and sneak flow phenomena, which can lead to very large
Table 1 does not include explicitly the new concepts under heat loads and mechanical (pressure) loads increments. Their
discussion, like rocket-propelled aeroassisted and non-aeroassi- locations and their strengths vary with vehicle attitude, speed
sted SSTO systems. The main purpose of this discussion is to and altitude, which is difficulty to predict with the presently
sharpen the perception, that a TSTO airbreathing, aeroassisted available simulation means. In the structure layout this can lead
system, like the reference concept SANGER, Ref.2, (actually to special risks or to weigth increments out of safety considera-
the lower stage of that system was the reference concept) of tions.
the German Hypersonics Technology Programme definitely
poses a design problem, that is different from that of a pure The objectives of aerothermodynamics are discussed here
reentry vehicle, which is more or less "only" a deceleration without special regard to the particular design problems, which
system. are connected to the vehicle classes discussed in Chapter 2.

The demands on the design strategies, the tools and the inter-
3. AEROTHERMODYNAMICS IN THE DESIGN PRO- disciplinary couplings are very different, although commonali-

CESS OF HYPERSONIC VEHICLES ties exist. The similarities of, for instance, the vehicle plan-
The aerothermodynamics design process is embedded in the forms, Fig.2 (Ref.3), would be misleading in this respect. None
vehicle design process. Aerothermodynamics has, in concert of the vehicle classes can be considered as to be established
with the other disciplines, the following objectives: like in aircraft design the classes "wide body transport aircraft",

or "slender fighter aircraft". The design experience, if available
o Definition of the outer "aerodynamic" shape of the vehicle at all , is very limited in each of the classes.

in order to ensure its aerodynamic performance, flyability
and controllability. This objective, which is the classical
objective of aerodynamics in aircraft design, holds for all
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80so -s identification of necessary Transfer Models,

Srs NGER definition of technology development and verification
2/91 TsTU- strategies for the technology areas and of the overall

60m strategy,

identification of long-term basic research and development
RVs: work,
U.S. Space BiRAN

40. Shuttle iUANdevelopment of a simulation-hardware master plan
30. (ground-simulation facilities, super computers, experimen-

S0m "tal vehicles), with time schedules and costs estimations.

The approach to develop this concept is sketched in Fig.3,
Ref.6. With the results and knowledge obtained in the Techno-
logy Programme, including the reference concept studies, the
requirements on the key

Fig. 2 Comparison of size and shape(planform) of the RVs Studes

USA Space Shuttle, BURAN, HERMES and the CAVs Ie ..enc

SANGER and HYTEX of the German Hypersonics l e
Technology Programme, Ref.] " R FaequirementsTe~ch~nologiesDemnd/o etal/ fcl

Table 2, Ref. 3, finally shows in a summarizing manner the e oi-

major roles/activities of aerothermodynamics in the different i ty Simulatlon iin Simulation

design and development processes of flight vehicle design. 1"
Concept

Table 2 Schematic of aerodynamic design processes and the Requirements Requirements .,
use of simulation tools ( - current change in tool 'VReeuhi.....ctle-- --

use), Ref. 3.

phase major tools results objective In vehicle design

" pre-design hand book methods approximate aerodyna- configuration definition, trades, Fig. 3 Schematic of the approach in the Hypersonics Tech-

approximate methods mic performance data, preliminary vehicle feasibility-. nology and Verification Concept study, Ref. 6
loads performance, sensitivities, flight

dynamics, propulsion, materials
and structure technologies are assessed. Then the demands on the simulation

"C design approximate methods vehicle feasibility, configuration means are compared with their potentials. Deficits are identi-
-+ numerical methods finalization, input for other fied, also necessary Transfer Models. Technology development

disciplines: and verification strategies are formulated. These in turn have
,I cycle t aerodynamic data base propulsion, flight dynamics,propulsionnbliterformance d demands on the simulation means, for instance, new ground-
cerification wind tunnelpefra e

"simulation facilities and techniques for basic R&D work can• development wind tunnel -+ mechanical and input for structurat design of become necessary. They may also have demands for one or

numerical methods thermal loads, vehicle and components, aero-

"elstified" elastic increments more experimental vehicles, which must allow to obtain data
aerodynamic data base (e.g. flow-physics data for Transfer Modells, which cannot be

4. THE TECHNOLOGY DEVELOPMENT AND VERI- obtained in wind tunnels), to test component technologies, and
FICATION CONCEPT OF THE GERMAN HYPER- to verify the design strategy, Transfer Models, etc. (see Chapter
SONICS TECHNOLOGY PROGRAMME 10). The experimental vehicles themselves must be designed

SONIS TEHNOOGY ROGR MMEand developed, and may have their own requirements on key
The perceived large technological risks of the reference con- tenloges. Hnc e the dul resucre in ig3

cept SANGER, the apparent shortcomings of simulation means, technologies. Hence the doubly recursive structure in Fig. 3.

and the large costs of an as necessary considered experimental The major topics treated in the study were, Ref. 6,
vehicle, Ref. 4, led early in the Technology Programme to
plans to develop a Technology Development and Verification
Concept, Ref. 5. o the reference concept (flight parameters, configuration/

component structuring, beyond the refence concept, poten-
The objectives of this concept for Phase II (technology matur- tial experimental vehicles),
ation and verification) of the Technology Programme, which at
that time was seen as a continuation of Phase I in a European o the design problem (design strategy, airframe/propulsion
frame, are: integration with regard to the flow path from tip to tail,

structuring of the technology development (maturation) airframe/propulsion integration with regard to flyability
and verification process, and controllability, heat-loaded structure, component tech-

nologies, simulation means, sensitivities and the implica-

- identification of interdependencies between the four tech- tions, the Transfer Model concept),
nology areas propulsion, aerothermodynamics, structures
and materials, guidance and control, subsystems, for each of the four technology areas propulsion, aerothermo-

- identification of simulation needs (ground-facility simula- dynamics, structures and materials, guidance and control, sub-

tion, computational simulation) and of shortcomings and systems

deficiencies of simulation means, o technology demands of the reference concept and of po-
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tential experimental vehicles, The aerodynamic shape of the lower stage represents a blended
body configuration with a double delta wing, Fig. 4. The long

"o potentials and deficits of simulation means, and slender forebody is flat on the lower side in order to achie-
ve so much pre-compression, that the capture area of the inlets

"o technology development and verification strategies is reduced to a sufficient degree. The propulsion system, in-
cluding the inlet and the nozzle, is located at the lower side

and finally between 60 and 90 per cent of the fuselage length. The last 10
percent are the outer expansion ramp of the nozzle. Control

0 certification issues and the general technology develop- surfaces at the trailing edge of the second delta of the wing,
ment and verification concept (problem summary, the together with the thrust vector, control the longitudinal move-
general concept, implementation issues, cost estimation, ment. The lateral movement is controlled by two fins at the
risks consideration, alternatives), end of the configuration. The upper stage sits in a trough on

the upper side between 50 and 90 per cent.
5. THE REFERENCE CONCEPT OF THE GERMAN

HYPERSONICS TECHNOLOGIES PROGRAMME At hypersonic flight, the lower side of the vehicle is a highly
The reference concept of the German Hypersonics Technology integrated lift, propulsion and control system, Ref. 8. The
Programme was the lower stage of the space-transportation upper side does not contribute much to the lift at hypersonic
system SANGER. It was documented in several publications, speed. The lower stage is viscous-effects dominated, in contrast
see e.g. Refs. 2 and 7. In the following a short description of to the upper stage, which is pressure-field dominated. The
it is given. airbreathing propulsion system consists of five turbo/RAM-jet

engines. The RAM duct surrounds the turbo engine and is
The space-transportation system SANGER is a fully reusable completely closed during turbo-mode operation, Fig. 5. The
two-stage-to-orbit system with an airbreathing first stage and a transition from turbo to RAM-jet mode occurs between M =
rocket-propelled upper stage. The stage- separation process is 3.3 and M = 3.8. The RAM-combustion chamber and fuel
initiated at M = 6.8 at an altitude of about 32 km. The only injection devices
fuel is liquid hydrogen, burned by air in the lower stage, and
by onboard liquid oxygen in the upper stage. Both stages take Deter Duc Ram Duct Aher-lamburner Expansion Ramp

off - the upper stage on top of the lower stage - and land
horizontally like airplanes, making use of aerodynamic lift.
Fig. 4 shows a three-sides view of the space-transportation
system. Inlet 2l-sNis le

- --------- -Fig. 5 Lower stage airbreathing propulsion system, Ref 7

serve also as the afterburner devices during turbo operation. In
order to adapt the engine to the actual flight Mach number, the

- air inlet and the two-dimensional nozzle need to have variable
geometry.

For the lower stage airframe two structural concepts are possi-
i .. . . .(O, Sn ble in principle:

am 10. 20. 30m 40m 50mblinpncle

Fig. 4 The SANGER configuration, Ref. 7 - a hot thin-sheet load carrying (primary) structure without
heat protection system,

The payload is 7 Mg for the unmanned version, and 3.3 Mg
plus up to 5 astronauts for the manned version, which is taken a cold load-carrying (primary) structure with a heat pro-
into the Space Station orbit. The launch and landing site requi-
rements - launch from and landing in Europe - are met by a Due to the maximum Mach number of M = 7 there is no need
cruise capability of 3100 km for the lower stage, and a cross5 of active cooling of the structure, or parts of it, which holds for
range capability of 2500 km for the upper stage. The major both concepts. Surface-radiation cooling is so effective, that the
data of the SAINGER system are given in Table 3. actual structure, the concept of which is a combination of the

Table 3 Major data of the SANGER system, Ref. 7 two extremes mentioned above, predominantly has a hot prima-
ry structure made from advanced titanium alloy, Fig. 6.

lower stage upper stage

fuselage length 82,5 m 32,45 m

fuselage height 4,5 m 5,40 m

fuselage width 14,4 m 5,20 m

span width 45,1 m 17,7 m

engines Turbo/FRAM (LH2) Rocket (LH2/LOX)

number 5 1

thrust 500 kNmax each 1500 kN

payload 115 to unmanned: 7 to

gross take-off weight 410 to (with upper stage) 115 to
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Fig. 8 shows the flight Mach number over the flight altitude.
The largest Mach number M = 6.8 occurs shortly before the
staging manoeuvre. The descent trajectory lies higher than the
ascent trajectory. The flight time, Fig. 9, is about 45 min for
the ascent, and about 40 min for the descent. The angles of
attack and yaw ranges are given in Fig. 10.

Fr-Alurninum Frarmes# Front Area Alt
and Co.gated Integral Teno [kkm] " ..... ...... t

- - 8643-- 40

ae _ C i .am 2 , ___- / -

IQ Frames / and , ,Stinnger

Wing Bo. Stiflened SPFCB-SWý Sti2-ened
SiC-Shell Titanium Skin CFRP-Sk "- _ - !

Fig. 6 Lower stage reference structural concept, Ref. 7 10 o

There is certainly no doubt, that a Mach 6 to 7 airbreathing 5 -

hypersonic aircraft can be developed and flown today. Howe- _0I
ver, the technological challenge is enormous, Fig. 7, if a space 0 1 2 3 4 5 6 7
transportation system of SANGER size is to be developed, M [-]
which is supposed to reduce orbit transportation costs by one
order of magnitude compared to the costs of the presentday Fig. 8 Mach number M of SANGER lower stage vs. altitude
rocket technology. Alt, Ref. 6

Total Energy (%) Alt
[m (v2

02 + gh)] Future STS. [kmi] l AO,,t - Dssen,

100 ...... . .--. e.g. Sanger 40

35

30

60' 25

20

40- Technology Challenge 15

20- known domain 10

F22a Concorde SR71 rl" -,,i. "

A3747 O G EFA0 9 o 31

,p 1 (f 2 3 4 5 6 q 7 Mach 0 10 20 30 40 50 60 70 80 90

+ Number t [min ]

Fig. 7 Comparison of the total energy of airbreathing air- Fig. 9 Time history of lower stage flight, Ref. 6
craft and the X15 to that of the reference concept
SANGER, Ref. 5

6. FLIGHT PARAMETERS OF THE REFERENCE
CONCEPT
The technology demands, and hence also the demands on the
technology means for the development of any flight vehicle are
directly depending on the physical parameters, which are pre-
sent on the trajectory. In the following some of the flight para-
meters most important for the technology area aerothermodyna-
mics of the lower stage of the reference concept SANGER are
given, Figs. 8 to 15, Ref. 6. In Figs. 11 to 15 data are included
from the "beyond- the- reference-concept" considerations in
Ref. 6 (v = 3 km/s and v = 4 km/s, with the same reference
length, L = 82.5 m, where it applies, as that for the reference
concept).
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a [*] - [*] The total enthalpy, the total temperature for both perfect and

16.00 ,16.00 equilibrium real gas (forebody nose tip, Euler calculation) are
140 __ " ]given in Fig. 13. At M = 6.8 the real gas effects are not yet

1 14.00 strong (AT, = 200 K), but appreciable. Beyond the reference
12.0 1 ] 1oo concept they become overwhelming, and certainly non-equi-

10.DO !9 I librium effects, Refs. 9, 10, will have to be regarded in the
10.00 '_ 18.00 flow past and through (propulsion system) the vehicle. Note,
8.o° 4' 8 .00 that the total temperature (more exactly the total enthalpy) at a

60 [ 6.0o given Mach number and altitude is constant everywhere on the
_ -airframe and in the propulsion system, except where energy is

4.00 1110
added or substracted. With regard to structural heat loads,

2.00 2.00 however, it must be remembered, that external configuration

0.00 2 o.0o surfaces are radiation cooled. Therefore the total temperature,
0 2 4 6 8 0 12 14 or, respectively, the recovery temperature, actually is only an

M ['l independent variable in the radiation-adiabatic temperature

Fig. 10 Angle of attack oa, and limiting yaw angle 0I for the relation, Ref. 11.
SANGER lower stage as functions of the Mach num- Ho [m 2 /s] _ o, - -To,1 To_[
ber M, Ref 6 9E - T[

Because the ascent trajectory lies at a lower altitude, where the 8.00E+06 -i-
loads are larger, the flight parameters in the following are 7.00E+06 114 000

given only for this trajectory. The flight velocity follows al- 6. 00E+06 . t 12

most linearily the Mach number, Fig. 11, because the static 0,oE.6 _ _____oT

temperature does not vary very much along the trajectory, _____ _ _ ,L/ ]I 100

Fig. 12. Although the static pressure, and hence the density, ,
soon becomes very loow, Fig. 12, the Reynolds number, which .00E,06 600 0 I O

is based on the vehicle length, L = 82.5 m, is so large, Fig. 11, Z.GoE 06 4,

that the flow on the configuration becomes turbulent. 10 O.06 112000

Re v [-]: v [mi 0 0 0 2 4 6 8 10 12 14

1.20E609 6000 M [-]
I . Fig. 13 Total enthalpy H0, total temperature perfect gas T0.,

1.0E+0 95=0 and equilibrium real gas T., as function of the Mach
number M, Ref 6

8.00E+08 4000

An important parameter is the Knudsen number, Refs. 9,10.
For values above approximately 0.01 rarefaction effects must
be regarded in the aerothermodynamic design of the vehicle

' I and its components. The Knudsen numbers given in Fig. 14 are
100,.0 i based on the free-stream mean-free path and different charac-h teristical lengths. Up to the highest Mach numbers considered

o.ooE-00 . the Knudsen number for the whole vehicle is not critical. For
0 2 4 6 8 10 12 14 the two smallest length scales Lif = 1 cm and 1mm, which

M 1-1 may represent inlet-lip diameters, measurement orifices and the

Fig. 11 Reynolds number Re and velocity v as functions of like, however, rarefaction effects must be regarded for Mach
the Mach number M, Ref 6 numbers larger than M = 6.

Kn LI-M. Lo $2.0 - 0. 0.010 .. 1t nOm

Too [K] T P POO [Pa] E- . .

I 6.02I I i

200 1. -0E.005E05 E-025

0 • OOOE+O0

-8006.04 E-05

150 ~ 6.006,04 E0

10 400804 E-08 L
00so_____ 2.OO6,04 E0

0 -O---- O----.200 00 0 2 4 6 0 10 12 14
0 2 4 6 8 10 12 14 M [-]

M 1 Fig. 14 Knudsen number Kn for different characteristical

Fig. 12 Static temperature T7 and static pressure p- as lengths Ll, as functions of the Mach number M,
function of the Mach number M, Ref 6 Ref 6
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Similarily, hypersonic viscous interaction effects, Refs. 9,10, N Phenomena V Simulation means

which locally can lead to large pressure rises, which will also No. Phenomena Vehicle guln
affect global forces and moments, must be regarded at Mach fationam facilities
numbers M > 7, especially in the region beyond the reference 8 equilibrium real-gas effects CAV, ARV (RV) good poor

concept, Fig. 15. Note, that the viscous interaction parameter 9 non-equilibrium real-gas effects RV, ARV, AOTV (CAV) good poor

v'2 takes into account the hot vehicle surface via the Chap- (range?)

man-Rubesin factor c', Ref. 9. This, of course , is the more 10 turbulent heat transfer CAV, ARV (RV) poor fair (?)

critical parameter. --> Re, tripping

i i turbulent mass transfer/ CAV, ARV poor fair (?)

E-02 I- turbulent mbiing -- > Re, tripping

I 12 general hot-surface effects RV, CAV, ARV, AOTV good poor

V [ tai - 13 surface radiation cooling RV, CAV, ARV, AOTV good presently not

t 14 catalytic surface recombination RV, ARV, AOTV (CAV) poor poor

E-3 IS surface accommodation RV,Ay, AOTV good good

! 16 plasma effects AOTV fair fair (?)

•,,. Table 4 shows the big problems with present-day aerothermo-

dynamic simulation means. Especially viscosity-effects domina-
E-0 ted vehicles with turbulent flows (CAV, ARV, partly also RV,

if they are to have large down range and cross range capabili-

ties) are most affected. In the design process especially the
verification step in ground facilities has the biggest shortco-

E-05 Imings.

0 2 4 6 8 10 12 14 M f The reason why viscosity-effects dominated vehicles with

Fig. 15 Viscous interaction parameters v'1 and v'2 as turbulent flow are affected, are the ground-facility shortco-
functions of the Mach number M, Ref. 6 mings to simulate properly transition laminar-turbulent and

turbulent flow, and in computation methods the shortcomings
7. GENERAL ASSESSMENT OF AEROTHERMODY- of transition models, of turbulence models for separated and

NAMICS SIMULATION MEANS strongly interacting flows, and of uncertain models for turbu-
Two major classes of simulation means are distinguished in lent heat and mass transport, especially if thermochemical
aerothermodynamics: effects play a role. This affects both viscosity-dominated phe-

computational simulation, which encompasses approxima- nomena (items No. 4 and 6 in Table 4), and heat and mass
te and numerical methods, notably transfer models, transfer (items No. 10,11). Of course, depending on the flight
ground-facility simulation, which encompasses wind tun- domain, the shortcomings can be more or less important, and
nels, shock tubes, etc., with appropriate sub-scale models the predictability might even be fair to good. Surface catalytic
ofvehcls e s okitubeatciths apprcop uriate n sbcampodels recombination (item No. 14) can be described well only in the
of vehicle configurations and configuration components limiting cases of fully catalytic or non-catalytic surfaces. Finite
like the inlet and the nozzle/afterbody, catalycity causes major modelling problems. Surface accommo-

In this chapter an overview is given over their abilities to dation (item No. 15) refers to slip and temperature jump (item
simulate aerothermodynamic phenomena, which appear on the No. 7). The dependency of these phenomena on the respective
respective vehicle configurations and their components. These accommodation coefficients is not very strong, as experience
abilities are partly very restricted. Considered are phenomena, sofar indicates.
Table 4, which come on top of the phenomena, which are dealt
with in aerodynamic design work for aircraft with a speed up However, the message of Table 4 demands a very differentia-
to M= 3. ted consideration. A major rule is, that not each of the conside-

red phenomena necessarily needs a simulation of high accuracy
Table 4 Assessment of simulation means for potentially criti- in the design process of a hypersonic vehicle (this is a general

cal aerothermodynamic phenomena, Ref.1 (RV: ren- rule, which holds for every design problem). The accuracy
try vehicle, CAV: cruise and acceleration vehicle, demand is a function of the sensitivity of the vehicle/compo-
ARV: ascent and reentry vehicle, AOTV: aeroassisted nent performance, property etc. on the respective phenomenon.
orbital transfer vehicle) For the recovery temperature, for instance, it does not matter

much, whether the flow is laminar or turbulent. This is inNo. Phenomena Vehicle class Simulation means
contrast to the radiation-adiabatic temperature, which is very

computational ground facltCpleo strongly affected by the state of the boundary layer, Ref. 11.
1 tranistion laminar-turbulent CAV, AMV (MV) poor poor Hence, if only the recovery temperature is of interest, and the
2 attached turbulent flow CAV, ARV (RV) fair fair (?)

--> Re, tripping structure and materials concept chosen permits small uncertain-

3 laminar strong interaction RV, AOTV good good ties, the location of transition laminar-turbulent does not play
(boundary layer / shock / voraex) a deciding role. It could be assumed in numerical simulations

4 turbulent strong interaction CAV, ARV (RV) poor fair (?) that the flow is completely turbulent, and, if possibel at all for
(boundary layer ! shock / vortex) --> Re, tripping other reasons, in wind-tunnel simulation boundary-layer trip-

5 laminar separation RV, AOTV good good ping near the tip of the configuration would suffice.
6 turbulent separation CAV, ARV (RV) poor fair (?)

--> Re, tripping

7 hypersonic viscous interaction/ RV, ARV, AOTV good fair(?) On the other hand the radiation-adiabatic temperature, for
low-density effects (slip, instance at the radiation-cooled lower side of a M = 7 CAV -
temperature jump) type configuration, not only affects the structure and materials
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concept, but also the viscous drag of a large part of the vehi- In the following a few selected results from sensitivity studies
cle, and the onset-flow to the inlet. Even this would not make of the reference concept SANGER (11/91-configuration, Ref.
an accurate determination of the transition location necessary in 7) and its propulsion system are discussed. These results must
the begin. Instead first it would be studied parametrically with be considered with care, because the underlying assumptions
numerical simulation tools, how the transition location affects and the investigation logic are not obvious. In the frame of this
the structure and materials concept, drag and the inlet-onset presentation they are used only to illustrate and quantify to a
flow. If all these are insensitive to the parametrical changes, certain degree the technology demands of the reference system,
and the whole design is not affected, the flow could be consi- which must be perceived as "frozen" during the discussion.
dered as completely turbulent as in the recovery-temperature
case. Only if one or more of the above would emerge as sensi- In Fig. 16 the sensitivity of the take-off gross-weight of SAN-
tive to the laminar-turbulent transition location, the designer GER is given as function of the increments of the net thrust,
has a simulation problem. This concerns then not only transi- the specific fuel consumption, the total drag, and the structural
tion (item No.1), but also items No. 2, 10, 12 and 13 of Ta- weight, Refs. 14, 15. Engine weight and size are fixed. The
ble 4 (unfortunately the prediction of the location of transition largest sensitivities exist for the thrust, where a decrease of
laminar-turbulent is a major problem with CAV- and ARV- about 3.5 per cent already causes the divergence of the design.
type configurations, very large with a SANGER-type vehicle The same happens, if the total drag is only about 6 per cent
(M = 7), and extremely large with a X30-type vehicle (M - larger than the nominal one. The other sensitivities are not so
12- 16)). large.

This short discussion reveals why a technology programme ATOGW [/]
needs a reference concept, which must be studied to a suffi- +10
cient depth in order to identify sensitivities, technology gaps,
etc.. Actually it must go through the pre-design phase (Ta- +8- specific fuel
ble 2), in order to insure the vehicle feasibility, although this consumption .

feasibility is only a preliminary one, because the key technolo- + 6- ,y
gies are not available by definition. Once the technology base " o structural

has been improved, the reference concept must be reconside- +4- weight

red. It may happen then, that sensitivities have shifted, and that
other problems, phenomena etc. become more important. In the + 2 - total
best case, the reference-concept work focusses and shapes the 0 drag

technology programme in an optimum way with regard to 0-
funding and time. However, the larger the technology steps, the -2-
larger are the risks. Therefore a technology programme must ...-

not be defined too narrow, in order to cover key-technology -4-
demands, which might be hidden initially, and surface only if net thrust ,
the reference concept and/or the technology programme has -6-
evolved sufficiently.

-8 -- *--r- -
Table 4, however, also shows that large concerted efforts of -10 -5 0 + 5 + 10 + 15 +0
research in flow-physics and in thermochemical modelling are
necessary (this also holds for structure physics). Necessary are A Basis
also new types of ground-simulation facilities, for instance with
regard to hot-surface effects (radiation cooling, catalytic surfa- Fig. 16 Sensitivity of the take-off gross-weight of the refe-
ce recombination, strong interaction effects), Ref. 11. rence concept (engine size and weight are fixed)

(after Refs. 14,15)
Finally, Table 4 gives the motivation to develop the Transfer-
Model approach sketched in Chapter 9. The major reasons for At the high Mach number end the viscous drag accounts
it are several principle shortcomings of ground-facility simula- roughly for about one third of the total drag. Fig. 17 shows the
tion, see also Refs. 12 and 13, which cannot be overcome to a skin friction at the lower symmetry line of the lower stage of
sufficient degree by improvements. It gives also the motivation the reference concept, Ref. 16. The flow is assumed to become
for experimental vehicles, which are needed because of the turbulent at x/L = 0.1, where L is the length of the forebody.
ground-facility simulation shortcomings, to acquire the data Apart from the fact, that today the location of transition cannot
base to check the design strategy, the design tools, and to give be estimated to a reasonable degree of accuracy, the different
the final input into flow-phyics and thermochemical models for assumptions with regard to perfect gas/real gas, and cold surfa-
the computational simulation tools and transfer models. ce/radiation-adiabatic surface/adiabatic surface result in a pre-

diction uncertainty of the viscous drag alone, which by far
8. SENSITIVITIES OF THE REFERENCE CONCEPT exceeds the permissable uncertainty of the total drag in Fig. 16.

Note the curve representing a (computed) typical wind-tunnel
Sensitivity studies reveal critical items, performance and sy- result (H2K, DLR Kbln-Porz, Re = 3.106, T_ = 61 K, T, =
stems risks, technology risks, and in the extreme, non-feasibili- 300 K), Ref 17, which apparently is far away from reality, and
ty of a technical product. The results of a sensitivity study note in addition the fact, that it is not known how good the
must be considered very cautiously, because of the assumptions turbulence models are, which were employed for the computa-
made, the general description level of the product, and becau- tion of the different cases in Fig. 17.
se they are just a snapshot of the present status of the design.
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region the radiation-adiabatic wall temperature rises by about
C f 103 [-] T 400 K. In Fig. 18 this rise occurs over about 1 m due to the

fact that the turbulence model simply was switched on. In
reality this distance might be larger. It is, however, very likely

S......that the transition region does not simply wrap around the
70 O 1 forebody like a band, but that narrow tongues might develop

_ with resulting large temperature gradients not only in longitu-
3 0 .. .... - - dinal but also in transversal direction. As a result, these uncer-

tainties will lead to excessive weight, but also to uncertainties
with regard to the static and dynamic aeroelastic properties of
the airframe.

Fig. 19, Refs. 14, 15, illustrates the static deformation of the
SANGER forebody at flight condition (M = 6.8) with the cold

1.0 forebody as reference. A hot primary structure was assumed
with such a structural design, that the heating results rather in
deformations than in additional stresses. Because at the flight

0 L condition considered (M = 6.8) the (nominal) radiation-adiaba-

0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1 0 tic temperature is about 250 K (turbulent flow) lower on the

xlL upper side of the forebody than on the lower side, Fig. 18, a
"bananization", Ref. 15, with a nose-up displacement of about

Fig. 17 Skin friction at the lower symmetry line of the SAN- 2 m occurs. Secondary effects reduce this displacement so-
GER lower stage computed with different assump- mewhat. And, of course a proper insulation, or even a cold
tions (Refs. 16,17), legend see Fig. 18 (M = 6.8, primary structure concept with a thermal protection system
ReL =1.22 • 10 (L=55m), a = 6 *, (x/L),, = 0.1) could reduce it almost completely. Much more effective would

be a tayloring (reduction) of the surface-radiation emission
With regard to the uncertainty of the location of the laminar- coefficient on the upper side of the forebody in order to avoid
turbulent transition region, it has been reported on the X-30, the temperature differences. This would in addition reduce the
that there this uncertainty had affected (in the design studies) turbulent viscous drag on the upper side.
the gross take-off weight by a factor of two and more, Ref. 18.

3- Ahnose [m]
The skin friction exerted by the turbulent boundary layer de-
pends strongly on the wall temperature. In the radiation- adiaba-
tic situation (nominal design situation) the wall temperature 2- -e 7 insulation

depends much more on the state of the boundary layer - lami- (bottom2
nar or turbulent - than in the adiabatic-wall situation, Fig. 18.

2500 - 1-- ,

Tw [K] .= -
0

2000 .+--- - primary. + secondary + trim
15000 •4-...• •--y • = "static + aero. load

r-l laminar, perfect gas, E . 0

a turbulent, perfect gas, s - 0
+ laminar, real gas, C - t Fig. 19 Idealized effect of the temperature difference between1500 x turbulent, real gas, C- .h loe0n h pe sd ftefrbd
0 laminar, real gas, E . 0.85
V turbulent, real gas, r. 0.85 (L=55 m) of the SANGER lower stage on its static0 H2K conditions

*V -windward side aeroelastic behaviour, Ref. 15 (M = 6.8 at 31 km
1000- *V - - - leeward side altitude, a = 6C, AhNo=: nose-up displacement)

'--v- Remains the dynamic deformation of the forebody in flight.
Preliminary estimations of the amplitude range for the present

- - structure concept from 1" to 3%, with complicated eigen-
--- ,---C -- omodes, with frequencies from 1 to 3 Hz, Ref. 6. Such dynamic

properties of the forebody structure certainly are not accepta-
0ble. A solution would be to make the structure stiffer, however,

0 0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 this would be possible only with severe weight penalties. Con-
xlL sidering the fact that the ratio payload/"dry-mass empty" of

Fig. 18 Wall temperature at the lower symmetry line of the SANGER is only 4.4 percent, Ref. 6 (it is one order of magni-
SANGER lower stage computed with different as- tude smaller than that of modem passenger aircraft), structural
sumptions (flight parameters see Fig. 17), Ref. 16 weight is a problem, even if the overall take-off gross-weight

sensitivity is relatively small, Fig. 16. In the design of modem
Accordingly, the heat loads on the airframe structure are not fighter aircraft a contingency of about 7 to 8 percent for the
known very accurately, because of the uncertainties in turbu- "dry-mass empty" is worked with today (e.g. Ref. 19). From
lence modelling, and because of the present impossibility of an first flight to full mission employment another 2.5 to 3 percent
experimental simulation of the flow and the actual heat loads, mass growth is the rule. These numbers and the very small
Ref. 11. Of very large concern is the fact, that in the transition payload/"dry-mass empty" ratio illustrate the very large chal-
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lenges in the structures and materials field. The "dry-mass considered here, because of the many serious simulation pro-
empty" must be exactly the nominal one with the first copy of blems and shortcomings encountered in hypersonic vehicle
the STS. design. Examples are the propulsion system, airframe/propul-

sion integration, upper-stage separation etc. Fig. 7 illustrates
These results must be seen in connection with the sensitivities the very large technology challenge by comparing the nominal
of the propulsion system. Fig. 20, taken from Ref. 20, demon- total energy of airbreathing aircraft and the X15 to that of the
strates a very large sensitivity of the net installed thrust on reference concept of the German Hypersonics Technology
changes of the angle of attack. The net installed thrust is the Programme.
actual thrust produced by the nozzle minus the flow momen-
tum entering the inlet, the drag due to forebody boundary-layer While the design objectives of the classical design process
diverting, spill drag, bypass drag and bleed drag , Ref. 20. remain valid, kind and role of the design tools must be redefi-

ned. In the frame of the German Hypersonics Technology
1.20 Programme the Transfer-Model philosophy, Ref. 5, was develo-

FNreW .- ] ped, which is valid for all involved technology areas. The main
reason is always the shortcomings of ground simulation in the

1.10- verification step to cope with the parameter demands, and
- •partly with the sheer size of the vehicles and their components.

1.00- Transfer models are disciplinary and especially interdisciplinary

steady and unsteady

0.90 numerical simulation methods of highest complexity

O Mach 3.5 and partly very sophisticated
A Mach 5.0

0 + Mach 6.8 - scaling methods
0.80 i t i 1 1 1t I I I i I I i ii

-2 -1 0 1 2

Act [0] of such power and accuracy that the demands of all design
steps including the verification step are covered. Essentially

Fig. 20 Influence of (effective) angle of attack changes Act of they must allow to transfer knowledge and data found with
the lower side of the SANGER forebody on the net ground simulation (sub-scale tests) and computational simula-
installed thrust FNr,, , Ref. 20 tion to the full-size design problem without the classical

ground-facility verification step.
The main mechanism of this sensitivity is to be seen in the
influence of the amount of pre-compression on the propulsion The term "Transfer Model" has been introduced deliberately,
system. At M = 6.8 only one degree less than the nominal because not simply computation methods are meant like those
angle of attack (of the lower side of the forebody) reduces the of computational fluid dynamics (CFD), or computational
net installed thrust by about seven percent. One degree more structural mechanics (CSM), etc. It must be clearly understood,
would give four percent more thrust. Both numbers, however, that Transfer Models are numerical simulation methods (and
must be connected to the wave-drag changes, associated with scaling methods), which describe real life processes, which are
the angle of attack changes, which is not done here. The im- characterized in the present context by severe flow/structure
portant result is, that the effective angle of attack of the lower interactions, and by dynamic phenomena due to these inter-
side of the forebody must be controlled very delicately. The actions, but also due to flow separation (the Reynolds or Favre
real static and dynamic deformations of the forebody must be averaged Navier-Stokes equations by definition do not describe
known very early in the design process in order to design the the real "granularity" of turbulent flow, Ref. 21), acustic phe-
necessary control means (sensors, flight/propulsion-control nomena, and combustion instabilities. On the other hand the
system, aerodynamic control surfaces). If this structure system true dynamic behaviour and responses of extreme light-weight
cannot be controlled, the discussed sensitivity must be reduced structures presently are not known before fully representative
by structural changes, or, for instance, by an adaptation of the samples have been built and tested.
inlet/propulsion control system to this situation.

Transfer Models on the other hand are nothing new. They are
As was said initially, all these results must be considered very used in many fields, also in aerodynamics, however, not in
carefully. They represent a snapshot picture of the system at a such an interdisciplinary environment. In the present context
given moment in the design process. The designer must try to they pose an enormous challenge, because the very fact, that
find means and ways to reduce the sensitivities to acceptable the design verification in ground-simulation facilities is not
ones. Acceptable are those risks, which can be met. This is the possible to a sufficient degree, hampers also the development
case, when the functional properties of the whole system and of such models. The development of such models solely from
its components meet the performance needs. This, however, first principles would be utopian. Instead a pragmatical appro-
can only be determined with adequate simulation means. This ach with much engineering judgement and a systematic use of
implies, that the sensitivities govern to a large extent the de- all simulation means including experimental vehicles is neces-
mands on the simulation means. sary.

9. THE TRANSFER MODEL CONCEPT Several basic requirements exist for the successful development
The very large design (technical, financial) and operation of transfer models:
(personal, performance) risks make it necessary to find alterna-
tives to the classical design process in all technology fields - high performance interdisciplinary computation methods,
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computer architectures with true teraflops and even higher However, the flight tests may reveal, that level 2-validation of
performance at very low cost levels, a particular Transfer Model cannot be reached, and that, for
flow-physics and thermochemical models of sufficient instance, a pre-STS configuration or component must be desi-
accuracy, gned, which is then to be tested in a very large and costly,
dynamic structural models with sufficient accuracy of newly to be created, dedicated ground facility (Step 4'). The
material properties and the modelling of joints (structure- data and knowledge then gained could lead to the necessary
physics models), level 2'-validation of the respective Transfer Model. In the
novel special ground-simulation facilities and test techni- worst case the result of Step 4' could be, that the necessary
ques for the creation of appropriate experimental data enabling technology cannot be provided. History has seen such
bases, situations.
appropriate hypersonic experimental vehicles for the ga-
thering of experimental data, which cannot be obtained in Basic research in flow-physics and thermodynamic modelling
ground-simulation facilities, for the validation of flow- plays a major role, and must combine all kinds of research
physics, thermochemical and structure-physics models and efforts and tools in continuous long-year Unified Approaches,
finally for the validation of Transfer Models, other design Ref. 21, which also holds for structure-physics modelling. It
tools and the overall design strategy. will give input into the Transfer Models, will get data from

ground-facility simulation, and very important, from the flight
The development and the application process of Transfer Mo- experiments. Dedicated ground facilities, computational tools
dels in general is shown in Fig. 21 in a very schematic way. etc. will be developed and employed.

Basically the classical simulation means are employed. In Step
1 a generic configuration or component is designed with the 10. FLIGHT TESTING WITH EXPERIMENTAL VE-
available methodology and computational tools. A model is HICLES
tested in a suitable ground facility. With the knowledge and In Chapter 4 it was explained that potential experimental vehi-
data gained the Transfer Model, which in general will be a cles, as well as all simulation means, must be considered for
(interdisciplinary) computation method, or a combination of the Technology Development and Verification Concept, too,
(interdisciplinary) computation methods, is improved. A pre- Fig. 3. This is necessary because they can pose technology de-
operational design is made in Step 2 with the improved Trans- mands different from that of the reference concept. The design
fer Model, and a model is tested in a preferably larger ground risk and the operational risk of such vehicles are of concern,
facility. Methodology, simulation tools and the Transfer Model too, even if low-cost approaches are chosen.
have reached the first validation level at the end of Step 2.
Note that not only the computational tools, and the Transfer Hypersonics technology development in the USA has relied on
Model must be validated, but also design methodology and many experimental vehicles, Ref. 22, especially for reentry
ground-facility simulation. All is put in Step 3 to the first purposes (X-23, X-24). In Russia the BOR I to IV vehicles
decisive test. An operational experimental vehicle is designed. were flown to prepare the technology needed for BURAN. In
Preferably models of the configuration and its major compo- the frame of the NASP-programme originally the X-30 was
nents should be tested, if ground facilities are available (size, conceived as an experimental vehicle. For the European HER-
parameter range). The flight tests and experiments then show MES project the experimental vehicle MAIA was envisaged,
whether the design methodology and the design tools (compu- Refs. 12,23. An overview over the known hypersonics experi-

tational simulation, ground-facility simulation) have reached a mental vehicle programmes, especially the programmes to
sufficient validation level (level 2). In addition the information, explore reentry and lifting-body technology at both high and
which cannot be gained in ground facilities (flight data as final low-speed in the USA, is given in Ref. 23.

input into flow-physics and thermodynamic models, notably
laminar-turbulent transition and turbulence data) is obtained. The primary objectives of experimental vehicles are, Refs.5,23:
Level 2-validation by definition means that the enabling tech- validation of overall system design,
nology is available, and especially the Transfer Models, to
design a space-transportation system of the reference-concept validation of overall design methodology,
type. validation of design tools and simulation means (Transfer

iRibCi + J Models),
?dn? ohIdairo, - validation of the aerothermodynamic design methodology,

e...e" ....- V ' - in-flight testing of propulsion system,

,,o- v ,,2,, - in-flight testing of propulsion integration,

"- proof of flight-vehicle stability and control properties,

" "�,ou -,s " - gathering of flow-physics and thermochemical data, which

cannot be obtained in ground facilities (Transfer Model

conuo°igur'I • -- aspects).

EV ,,.sTs The following demands must be put on experimental vehicles:

STS

- -- , - they must be cheap, low-risk vehicles,

Fig. 21 Schematic of the development, verification and ap- they must be reusable in order to perform a "step by step"

plication process of transfer models (EV: experimen- programme,
tal vehicle, TST: space transportation system), Ref. 5 they must be large enough and fly an envelope such that
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the needed information can be obtained (functions and The last one finally led to an alternative concept, which had its
phenomena must be present, and not unduely mixed or emphasis on RAM-engine testing. HYTEX D2 (R-A3), shown
masked), in Fig. 23, is based on an existing drone produced by RADU-

GA in Dubna, Russia. This drone has been launched success-
sthey must be in time in the whole technology programme fully several hundred times from a Tupolev Tu-22M3 aircraft

at M = 1.6. The rocket-propelled vehicle can reach Mach
numbers up to 6' and maintain constant speed during its flight

The problems then encountered are envelope for a short time. It has originally been developed to

experimental vehicles themselves must be designed with be used as a target vehicle. The basic idea was to attach the
all their own problems and risks, which however can be RAM-engine to be tested on the lower side of the vehicle
reduced by a stepwise approach with several vehicles (passenger test) and to ignite it during flight at constant speed.
from smaller to larger ones (cost? time?), The feasibility of the RADUGA drone D2 to carry the test

engine has been investigated and proven by the latest study
in-flight measurements of data with sufficient accuracy, work together with Russian partners, Ref. 26. This demonstra-
data rates and repeatability, tor vehicle concept seems to be the easiest and cheapest means

air data measurements (y_, p., T-) and data rates to demonstrate the RAM-engine operating in real flight envi-
(speed and atmospheric inhomogenities as driver), ronment within a short time schedule. It is based to a large

weight, volume, energy demand, cooling demand, flight extent on already existing and available flight hardware (RA-
DUGA Drone D2 and Tupolev TU-22M3), flight testing expe-

qualification, availability and cost of measurement sy- rience and infrastructure available at the Russian Flight Testing
stems, Institute (LEE) at Zhukowsky. Only the development and

vehicle system behaviour (stability and control, flight manufacturing of the RAM-engine to be tested in flight-rated

quality, transient states, aerothermoelastic effects), hardware would have been required.

numerical analysis methods for the investigation and I 0.9

correlation of the measured data, and the isolation of the
functions and phenomena in question and their parame- - . .... .

ters.

In the frame of the German Hypersonics Technology Program- 12 L

me, experimental vehicle studies were performed continuously
in parallel to the technology development work. The techno-

logical demands of the reference concept led to a first concept - - - -
of an "aircraft-like" experimental vehicle, HYTEX 5.6, Refs.
24,25. The abbreviation "HYTEX" stands for H..H.personics

Technology Experimental vehicle. Fig. 22 shows this manned Fig. 23 HYTEX D2 (R-A3), based on the TsAGI/RADUGA
vehicle with two turbo-RAM combined cycle engines, which drone D2 Ref. 26
could meet nearly all requirements with regard to the propul- drone D2, Ref. 26
sion system, aerothermodynamics, materials, structures andsubsystems resulting from the flight path of the SANdGER Finally it is remarked, that experimental vehicles must strictly

be seen as an integral part of a technology development effort.
lower stage including horizontal take-off and landing. They are to be the "capstone" in the "vault" of the technology

Ariwi programme. Actually they must play the role of a precursorSEquipment
Fn L2 Kesin aterreference concept, which is in parallel of the actual reference

Timotwk I concept, but. must not be just a down-scaled vehicle. This
anyway in general is not possible because of, at least, heat

_ . loads issues, Ref. 11.
CANARD Koi

"11. TECHNOLOGY DEVELOPMENT AND VERIFICA-
TION: GENERAL RESULTS

System studies, including sensitivity studies, and technology
Trimta, K,- work have identified the critical technology issues of future

Kerosin tH2 /airbreathing space transportation systems, i.e. the lower stage
190 of the two-stage-to-orbit refence system SANGER of the Ger-

i -. 0 man Hypersonics Technology Programme. This regards all four
technology areas. The critical topics are mainly connected with
simulation problems (computational simulation, ground-facility

simulation, in-flight simulation) of structure and functions of

Fig. 22 HYTEX 5.6 (M = 5.6) - baseline configuration 2/91, the lower stage and its components.

Ref 24 In view of the technology development processes and finally
A first assessment of costs for the development and procure- the system definition, development and verification processes

ment of this vehicle resulted in the recommendation to investi- of an space transportation system and its components, four

gate less costly demonstrator vehicle concepts. Several studies most critical items were identified in the study, Ref. 6. In a

have been performed since, see e.g. Refs. 4, 26, 6. sense, they encompass almost all key-technology items, and
aerothermodynamics is always involved directly or indirectly.
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These four items are: dynamic deformation behaviour of the forebody. It could also
be a stiffer cold primary structure of the airframe with a ther-

" The determination and verification of the viscous drag of mal protection system. Such a concept could be tested statical-
the lower stage, the viscous forebody (inlet-onset) flow, ly and especially dynamically, because the heat-loading would
and the (especially) forebody mechanical and heat loads be a secondary problem. However, both of these possible
in view of the identified sensitivities of the system (drag, solution examples imply other and new problems, which need
airframe/ propulsion integration/coupling, structures and a full understanding, before they could be adopted. No easy
materials concept). Viscous flow in presence of the nose- solution can be guaranteed, if new and very demanding techno-
tip entropy layer, a radiation cooled surface, low to medi- logies are to be developed, which has led to the cancelling of
um real-gas effects, multi-mechanisms laminar-turbulent many projects in the past. A noteworthy study in this respect,
transition and turbulence make these issues very hard to but also with regard to the whole subject of the present study
simulate computationally, and impossible to simulate fully is the report Ref.28 on the design evolution of a supersonic
in any ground facility (wind tunnel), transport aircraft.

" The design and especially the ground-facility verification The above concentration on the four most critical items must
of a M = 3 to 7 RAM propulsion inlet in a realistic envi- not distract the reader from the fact, that in all technology
ronment with real-gas effects, hot (although partially areas dedicated long and continuous development work would
cooled) elastic surfaces, laminar-turbulent transition, tur- have been necessary in order to reach the goal of Phase II, the
bulent strong interaction effects, and realistic viscous readiness of the enabling technologies for the development of
inlet-onset flow, with and without forebody boundary- a new advanced space-transportation system.
layer diverter effects. A full ground test, which allows to
answer all technology, performance and sensitivity issues The simulation means and the design and verification proces-
is considered as not possible. ses, especially with regard to aerothermodynamics can be rated,

according to the results of the study, Ref.6, as follows:

" The ground-facility verification (free-jet test) of the lower
stage propulsion system, i.e. the system inlet/RAM bur- o Ground-simulation facilities: in general available, as-
ner/nozzle for the M = 3 to 7 regime under real flight sessment and re-calibration with numerical methods ne-
conditions. With 2 meter diameter of the RAM burner, cessary, Hot Experimental Technique with hot, quiet
and an overall length of the propulsion system of about hypersonic tunnel needed, principal restrictions of facili-
30 m, such testing is not possible in view of the necessary ties to be overcome with Transfer-Model concept.
facility size and the power demands. Costs would be
prohibitive and the simulation fidelity not assured. o Computational simulation: in general available, very

large growth potential with massively parallel processor
" The ground-facility verification of the static, but especial- (MPP) computer architectures, urgent need of interdisci-

ly the dynamic properties of the lower stage airframe (hot plinary computation tools, flow-physics, thermochemical,
primary structure at a maximum temperature level of structure-physics etc. models and general validation
about 1000 K, mechanical and heat loads of M = 3 to 7 shortcomings to be overcome with the Transfer-Model
flight (problem of laminar-turbulent transition zone shape, concept.
strong-interaction zone loads)). In view of the sensitivities
(airframe/propulsion coupling) and the sheer size of the o General verification work: wherever possible with clas-
airframe static tests appear feasible at that temperature sical ground-facility simulation, otherwise with the Trans-
level, but not the dynamic tests, because again of prohibi- fer-Model concept.
tive costs, power demands, and not assured simulation
fidelity. o Formalized and computer-based definition and deve-

lopment processes: urgent need of a a holistic description
No attempt was made in the study to classify all technology of the highly integrated and sensitive vehicle system in
items according to, for instance, the NASA technology readi- view of the very large development and operation risks.
ness levels, Ref. 27. Although such an exercise would be The objectives are:
highly useful, and should perhaps be done at a later stage, it
would not have suited the present study, which looked at the highly reliable feasibility assessments in any stage of
overall system issues, and the related component and compo- the processes,
nent-integration issues. Important is the understanding of the initiation of alternative studies and approaches in due
systems and components sensitivities and their implications for time,
the simulation means, if they cannot be eliminated or defused identification and assessment of technology issues,
during the definition and development processes by alternative focussing of technology development efforts.
technical solutions.

The final recommendation given in Ref. 6 for the technology
Finally a note on the sensitivities discussed in Chapter 8. As development and verification in Phase 11 is a fully integrated
was already stated above, alternative technical solutions must and highly interdisciplinary approach, which combines work

be found, if the sensitivities lead to unacceptable design and on technologies, experimental vehicles, and transfer-model
operation risks, and/or to inacceptable or not realizable simula- development with extended reference concept studies in the
tion demands. With regard to the mass-flow sensitivity of the following five elements, Fig. 24:
propulsion system, this could, for instance, be an inlet ramp

control system with much higher complexity than considered
now, in order to adjust to mass-flow fluctuations due to the
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se III) would already happen. Depending on discovered
sensitivities, critical elements, etc., the reference concept

STS Technology Development is evolving, new technological solutions are identified, if
and Verification necessary, and the overall direction of the work especially

in the elements 1 to 3 is checked and adapted, if necessa-
ry. The emerging overall simulation needs must be moni-
tored, because they lead to high costs, when experimental
vehicles become evolved. This element must also look at

Antgration eTS the "ilities" of the Space Transportation System. These are
Tehnlgy Tehology Technology Veice cocpt " " anIDevelopment Stey "reliability", "maintainability", and "testability" of any

hardware component of the STS. The "ilities" are potenti-
Fig. 24 The five elements of the general Technolo- al operation cost drivers. They must constantly be consi-

gy Development and Verification Concept dered in the concept study and must be regarded in the
of Phase II of the German Hypersonics technology work already in the early phases.
Technology Programme, Ref. 6

Details of the Technology Developmentand Verification Con-
1. Development of Airframe Technology cept, which assumed a begin of the STS development in the

In this element the development work of the three classi- year 2006, the first flight in the year 2016, and the full opera-
cal technology areas Aerothermodynamics, Structures and tionality in the year 2021, can be found in Ref. 6.
Materials, and Guidance and Control, Subsystems is com-
bined into one entirety, in order to reach highest efficien- 12. CONCLUSION
cy, because of the partly very strong coupling of the three The technological challenges of airbreathing space-transporta-
areas. Consequently the related transfer models are combi- tion systems are extraordinarily large. Ground-facility simula-
ned to the transfer model "outer flow path", which con- tion is restricted in all technology areas, also in aerothermody-
tains appropriate subsets. namics. The classical design and verification approach therefo-

re is partly no more feasible. The Transfer-Model approach,
2. Development of Propulsion Technology based on ground-facility simulation, computational simulation
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